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Preface 

Fatigue is an important consideration in structural design and monitoring of continued airworthiness of military aircraft. During 
a previous AGARD Meeting, held in Bath in 1991, a need was identified to review the efficacies of the several methods that are 
used for assessment of fatigue damage and crack growth in airframe components by comparing their predictions against full- 
scale test and service experiences, to thereby categorize the degree of conservatism inherent in each method. The latter 
consideration is essential to sound management of fatigue consumption. Towards that end, the Structures and Materials Panel 
(SMP) within AGARD organized a Workshop in the Fall of 1993, titled “An Assessment of Fatigue Damage and Crack Growth 
Prediction Techniques”. 

The Workshop provided a forum for an in-depth discussion of the correlation between in-service experience and results from 
analytical predictive models, specimen level tests, component tests and full-scale tests. Additionally, the Workshop made 
possible an examination of the operating standards that different countries adopt with respect to various elements in the design 
process such as load spectrum, exceedance diagram, algorithm for calculating fatigue damage, and in-service monitoring 
protocol - all contributing to refinement of the requirements of an aircraft monitoring system. 

Prk face 

La fatigue est une considkration importante pour la conception structurale et le suivi permanent de l’aptitude au vol des atronefs 
militaires. Lors d’une rtunion de  IAGARD a Bath en 1991, le Panel AGARD/SMP a identifik le besoin de revoir l’efficacitk des 
diffkrentes mkthodes utilistes pour l’kvaluation de l’endommagement en fatigue et la propagation des fissures dans les tltments 
de cellule, en comparant les prkvisions obtenues par ces mtthodes aux rtsultats des essais en vraie grandeur et aux donntes 
d’exploitation, afin de  catkgoriser le degrt conservatoire propre a chaque mtthode. Cette dernibre considtration est essentielle 
pour la bonne gestion de I’endurance en fatigue. Dans cette optique, le Panel AGARD des structures et mattriaux (SMP) a 
organisk un atelier sur “l’kvaluation de I’endommagement en fatigue et les techniques de prediction de la propagation des 

I @ j s u r e s ”  en automne 1993. 

L‘atelier a servi de forum pour des discussions approfondies de la corrdation qui existe entre le fonctionnement en service et les 
rtsultats obtenus des modbles prkdictifs analytiques, des essais sur tchantillon, des essais de composants et des essais en vraie 
grandeur. En outre, l’atelier a permis I’ktude des normes d’exploitation adoptkes par les difftrents pays en ce qui concerne les 
divers elements du processus de conception tels que le spectre de charge, le schkma d’exckdent, l’algorithme de calcul de 
l’endommagement en fatigue et le protocole de contrble en service - autant &aspects qui concourent a l’optimisation de la 
spkcification d’un systbme de contrble d’atronef. 

Dr S.G. Sampath 
Sub-committee Chairman 
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Technical Evaluation Report 
by 

T. Swift 
Chief ScientiIic~Technical Advisor 
FractureMechanics/Metallurgy 
Federal Aviation Adminisaa tion 

3229E Spring Street 
Long Beach, CA 92630 

united states 

me following report attempts to provide a summary of the 
Workshop on "An Assessment of Fatigue Damage and Crack 
Growth Rediction TedmiqI"' sponsored by the Struchuea 
and Materials Panel of the Advisory Group for Aerospace 
Research and Development (AGARD). 
The theme of this Workshop, Ehaired by Dr S.G. Sampath, 

Stam), was to assess fatigue damage and crack 
to categorize the degree of consetvatism inherent in 

Cachmethodwith~pcttofi~II-scaIetestandseMceexpcri- 
QLEL The Workshop was huded to provoke a discuapon 
about allaspeclsofthefatigucprocespfromspectradevelop 
ment through the crack initiation and propagation phases to 
in-wnice monitoring. Eighteen papers were presented in 
foursessions,twoofwhichwere&edtoMuunvementsand 
Redicti~ M&od~logiCs, and two related to D e ~ i p  Experi- 
ences. In addition, a Lead paper wa8 presented by Dr J.W. 
Lincoln from the USAF which prwided an overview of the 
owell structural integrity p- for US military aiman. It 
is believed the theme of the Workshop was amply satisfied by 
the 19 techuical papers presented fobwed by, in some cases, 
animated dkcwsions which again reinforced the scienti6c 
mmmunities'vi~thatthereismorethanonewaytosolvcan 
CDginaring problem The papa wvered a wide bktorical 

tim development from the early 1920s to modern Neural 
Network Monitoring ~ o l o g y .  The Overview paper by Dr 

hemphusizedtheimpo~ofwmidedngdlthefive e of thesmcturalintegrityprarssfrom~p~orma- 
tion through Design Analysis and Development Tests, Full 
Scale Te9tiOg. Force Mmgement Data PaCLage to Force 
Mnmgement. Dr Lincoln outlined all the potmtial threats to 

integrity encountered from material, manufamu- 
ins, environmental and service opemtions. He also 
emp~thepolitiCalthreatsSencounteredduringthe 
procurmrent of military aircran in today's economic environ- 
ment 

ThefirstpaperofSesion l,entitIed"Miner'sRuleRevisited", 
was appmpriateIy choseat0 "start theball rolling" and was 
presented by Dr W. schiia of IABG. Dr Schiitz d d b e d  a 
vny Large fatigue test progrsm which included five types of 
automotive components tested under constant amplitude and 
variable amplitude Loading. H e  indicated that predictions by 
Miner's Rule were, in most cases, unconservative and m one 
case damage to failure was as lowas 0.053, corresponding to 
MO- ' t ionof fa t igueI i f e~~sRulebyafac tor  
of 19. He indicated that many attempt8 to improve Miner's 
Rule havebeen made but in " p e c t  all have beenunsuc 
ceasful. Dr schiitz emphized that, quite surprisingly, this 

~tofvariableamplitudefatigueinitiafionandpropaga- 

fact has not detemd industrial including aemnauticA, users 
from still calculating the fatigue life of their products to this 
day by Miner's Rule with a cumulativedamage wunof 1.0. He 
indicated that fatigue life prediction by calculation alone can 
never be employed for critical components fatigue teats with 
the componmt and/or inspections and damage tolerant or 
fail-safe design are v. 
In contrast to these results, Dr James Newman of NASA, 
presenting a papa entitled "Fatigue Life and Crack Growth 
Prediction Methodology", by himself et al., described predic- 
tion of total fatigue life of notched specimens subjected to 
constant and variable amplitude loading witbin a factor of 
two. The total fatigue life pdiction approach, b a d  solely 
on crack pwth phenomena, uses a plasticity induced crack 
closure model together with initial mimstruchlral features, 
such as inclusion-particle sizcs. Aa the first two sessions pro- 
ceeded the crack closureconcept appeared toemergeas the 
most popular in accounting for load sequmcing &e& in 
crack propagation analysis. 

Crack growth predictions for thmugh and corner cracks in 
7075-T651 plate under " t a u t  amplitude loading and 
" e r  cracks d e r  two variable amplitude loadin@ were 
d~ibyMrH.L.HewittoftheNationalResearchCoun- 
cil of Canada Acrack damre model embedded in, what was 
descnias,aglackBor"pro~wasused.Excellentpre- 
dictions for both lifeand final crackle@ wuld be obtained 
if& pwth data, input into theprogramintabularfom, 
were d e d  to imcasc gmwth rates at higher values of 
stressintensityfactorrsnge.Lifepdiction~oswerewitbi~~ 
0.57 to 1.34. In the ensuing discussion, Dr Newman CBU- 
tioned that WdN can be difSere-nt than dc/dN for surface 
crackgrowth. 
A description of the development and validation of the 
TrackSevedtyIndex"(CSI)asameansoferprcssingrrletive 
damage in terms of crack gmwth potential of strcss spectra 
wasgivenbyMrJg.deJ~ofNLR,Netherlnnds.TheCSI, 
which taLesintoaccount spectrumshape,is acrack closure 
model. The methcd has beenvalidated with averylargenum- 
ber of team under a wide variety of spectra for awide Variety 
oflocations in theF-16 a h a f t  used by the-. Thc CSI, 
used as a standard tool in the RNLAF F-16 Fatigue Load 
Monitoring Rogram, appeam to provide a reasonably accur- 
ate meawe of the relative severity of maneuver dominated 
frghterspectra 
In a paper by himself et al., Dr L. Lazzni ofthe Uuiversity of 
Pisa described an ongoing research pmgnun in the Depart- 
ment of Aempnce Engineering to assess fatigue and crack 

Technicnl Ewluation Repon on Smrwwcs and Materia& Panel Meeting on a n  A"m of Forigur Lbmagt and Cmck 
Gmwh FWiction Techniquer; Seprembu 1993. 
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the number of buffet events were monitored and flowed d e  
completion of the night test progrsm. 
A comparison ofUS and UK appmaches to fatiguedearanee 
of theHanier II aircraft was presented by Mr FS. Perry ofthe 
MilitaryAirnaftDivisionofBritishAerospaceDebceLtd. 
TheUKrequirementr for fatigue clesrancc include aualysis 
using the mminal stress Miner's cumulative damage mlt 
together with an S-N equation for bolted joints derived at the 
Royal Aeronautical Establishmrmt (RAE) by R.B. Heywood. 
The US mczhod used by Md)Onnen Airnaft Company 
(MCAIR) is based on a stress Concentration faetor/design 
limit Btrcas (KtDU) approach. This method is twed o n l d  

ferent in that thenominalstress approachcannot account for 
notch residd stresses whereas the KtDU approach 
acwunts for this. Howear, the paper debates w h d e r  this is 
important. In fact thereaults from aeompakonlcadto acon- 
clusion that there is Little to choose betwoen the two methods. 

A paper, d t l e d  'Fatigue D&g&TeStand lpseMce ' Enper- 
ience of the BAe Hawk by Mr J. O'Haraof BrilishAe.mpace 
Defenca Ltd, was presented by Mr Alan Hnmble who 
described design of the Hawk to Ap 970 safe life+ 
mausfora6000hourlifewithsulnerfa*orof5.AfulI-scale 
fatigue test has bemused tolead the fleet Incidenrs arising on 
the test are handled by several approaches including S-N and 
fracture mechanics analyses with modifications and/or mu- 
tine inspections. Although fatigue aualysea are based on the 
Miner's d e  approach, the key to good fatigue (damage toler- 
ant) design is the choice of materials possessing good 
resistance to crackgrowth. 
Reduction of fatigue load experience as part of the fatigue 
management program for F-16 aircran of theRNIAFwas 
presented by Mr DJ. Spiekhout of NLR. The Loads monitor- 
ingprogramforthisaircraftusesanelectronicdevicecapable 
o f a o a l y z i n g a c s l i b r ~ ~ o n o ~ o f t h e ~ o r ~ -  
through bulkheads of thefw&ge.%is done on asample of 
the 5eet and, by usingalargeccntralized d a t a k  system, 
individdairphetmkingis performed.Thefatiguedamage 

use ofa  "Crack severity hkx" (CSI) using a& cloaurc 
model The RNLAF F-16s are 5" more sewrely than other 
fleets of F-16s and attempts are mad eto reduce crack growth 
damage through reductions in stress per Gby take off store 

~mceareschievedonindividualairuaft 

An "iew of the F-16 sewice life approach by Mr J.W. 
M o ~ ~ o f ~ ~ F t W 0 ~ w a s p ~ b y D r J . W . L  
cola The F-16 the first aircran d-ed to the USAF 

Strainanalysis using NeUber's rule. The two methods IW dif- 

per flight is calculated in terms of crack growth through the 

COD@lUdOU W ~ O I L  ThUS, redII&OM fatigue load 

ftactwerequirementr fromitsincsption tom 8000 hour life 
with a factor of two. The safelife approd, abaudoned in the 
~y7Os,didnotaceountforidttial~~andhad8hownpoor 
correlation between test and &?.Nice. The presentation 
coveredaUaspe&ofthestrueturalintegritypmgramwithan 

aches, test policy comparisons, f" control plao, force. 
management approach and a considerable list of lessons 
leamedfromwhichsubsequeotprogramshsvegainedconsid- 
erable benefit. 
In reviewing the 19 wellent papers pnscntsd during the 
Workshop and listening to subsequent discussions, it became 
abundantly dear that, even after 150 yearsof fatigue analysis 
methodology dovclopmenS the hope for a universal appro& 
to future fatigue life prediction is mt in sight in the fo- 

introduction to the F-16 ai"e, dePign/prediction ~ P I O -  

gram is supported by full scale fatigue testing to several 
lifctimeg A gccond fatigue test of the JAS 39 is planned to at 
least four Iifetinm. 

A presentation was made by Dr J.W. Lincoln, on bebalf of Mr 
J.B. Cochran et al from LoeLheed Aeronautical Systems, on a 
f"e based risk assessment of the C-141 traosport wing 
joint at WS 405. This wing joint suffered botb multi-element 
and multi-& fatigue damage. The aircraft was d & n d  to 
provide 30,000 night hours and the force is currently aversg 
ing 34,000 hours. Dr Lincoln explained that it is not 
inconceivable to expect this aircraft to provide reliable ser- 
v i c e w t l l i n t o t h e z l s t c a n d ~ t e d t h a t t h e ~ ~ t ~ ~  
of structural analysis must go beyond the spedfics of sangth, 
durability and ftactwe mechanics into the nalm of statistics 
andrcliabilityTheThescceptablesingleflightrislrafterstructursl 
member failure, as adopted by the USAF Scientilic Advisory 

mentioned that the intact structural risk should be no gnater 
than 1.0 x lo-'. The risk assessment provided valuable input 
into the dedsion p"ss for implement& actions in a timely 
"ertoprotectthesafety oftheforce. 

eaasessmentofanin-cemonitoringprocesstomsin- e structural integrity was d e s u i i  by Mr RJ. Cazea of 
Dassault-AViation. The pnress uea a testalibrated Miner's 
cumulative damage law (Miner's dative law) to establish 
crack initiation foliowed by damage tolerance evaluation, The 
approach is supported by in-night integrated calculations 
comideriog load signal precision, elimination of low ampli- 
tude variations and cycle counting methods. Use is made of 
already available Elecaic Flight Control Systems (EFCS) to 
obtain real forces on the aircraft in use. This on-board moni- 
toringreveakd that t h e w  2000 aircraft was being used 
more sewely than considered during design. The structure 
has bem subsequently streqiheaed in aircranin current pro- 
duction 

The role of fatigue aoalysis for the design of military aircraft 
was desaibed by Dr R. Bochmann in a paper by himself and 
Mr D. Wekgerber of Deutsche Aerospace Military Aircraft 

Board (SAB) for this malustion, was 1.0 x 10-4. Dr Lincoln 

(DAM). Dr Bochmann stated that, despite many resem- 
tiOM expressed lllllllQlws PUb~Oi IS ,  the Minu's 
"Iatimdamageruleis still used at DASAandwidely used 

Europeduetoits simpleanduniversalapplicability.Studies 
revealed that the cause of fatigue cracks developed dur- 

mg Tornado fulI-w.de fatigue te&g were due to the lack of 
~ecuracy in stress analysis. It was conduded that a change in 
design philawphy from W e  life" to "damage tolerance" 
woddnothaveautomaticaUyimpmved~ofthed- 
ysis .DrBochmannin~ca~thatit isdoub~if~er'srule  
will be replaced by more sophisticated methods for safe life 
desiga 
Damage tolenurce management of the X-29 vertical tail in the 
p ~ ~ o f s e ~ b u f f e t l ~ w a s d e s n i b e d b y M r J . H a n e r  
ofthe U W .  Fin tip dera t ion leds  of 110 Gs at 16 Hz 

Although the aircraft was not initially designed according to 
damage tolerance principles, it was possiile to apply these 
principk to manage thesatety ofthe aircraft through eom- 
pletionoftheflighttestpm~a~~Acrackgrowthprediction 

'Onal 
cradcgrowthmalyskperfomedat aniticallocationnear the 
motofthefinbaaneenflightdays.Theminimum&growth 
life in terms of bufbtevents was detexmhed froma 0.01 X 
0.01 inch comer crack at the critical hole. Time in buffet and 

0.. 

were experienced during initial fright testing ofthe aircraft 

model (MODGRO) was developed and U"m . 



nact gmMh pndictioas to suppofi the rapidly growing 
damage tolerancephilosophy. Still, I haveconfidencein some 
of the simpler modeh such as the Generalized W a h q  
model. As a member ofthe CktXcation Service for the FAA 
one thing is dear, dari6ed eveafurtherby Workshop 2, im- 
spcctive ofthe fatigue method used whetha safe life, or 
damage tolerance, whether Miner's d e  or KtDU, whether 
o r p d r d o s u n o r ~  . 
analysis methodology used to oertifyanairasft typemust be 
Validatedbytesr 

Another personal observation: as we look at recent develop 
mmts in static and locating engine compancms, mtoraaff 
dynamic components, new eommUtcT aircraft, bridges, me 

inevitable that damage Win anege as the safast 

rsl HOWever, this atatcmmt cismums that M 
uh" uists for performing insp.ctions dthsr during 
initialmsnufacturingoraccordingtoa~program. 
Newtheh ,  particulady in ai"e components, because 
ofthe wideupread damage issue with its nvo sub 
multi site damage and multi clcmentdamage,wewill noed 
c o m b i n c a l l U p h i l ~ h k s a f e l i f e , f a i l & e a n d ~ e  
tolerMse. 

Intheintaim,aIewemtanf~thatwhereismo~than 
one way to solve M 

mt" mod& all fatigue 

l a  reactors, Sgbg tanlua, traotoFJ - Md it 

and /or themostcos t -c f fa tvemegns for~  structu- 

problem". 



LP- 1 

OVERVIEW OF THE STRUCTURAL INTEGRITY PROCESS 

John W. Lincoln 
Aeronautical Systems Center of USAF/AFMC 

ASCENFS BLDG 125 
2335 SEVENTH STREET STE6 

Wright-Patterson AFB, Ohio 45333-7809 
USA 

SUMMARY 

The development process for a new aircraft requires the 
successful completion of a number of tasks established 
to ensure that the structure of an aircraft will meet its 
design objectives. In addition, for aircraft that have 
been deployed, there are a number of tasks that must be 
accomplished to ensure its operational success. For 
both military and commercial aircraft, the m k s  to be 
erformed are largely dictated by acquisition or 6 ertification agency requirements. There is 

considerable historical evidence to prove that when tlie 
requirements were lacking in some respect, the 
structural integrity of the resulting aircraft was also 
found to be lacking. Many of the problems with aircraft 
structures can be traced back to a failure to understmd 
the threat to their integrity. In addition, many of 
structural problems c'an be identified with an unrealistic 
assessment of the operational usage and weight growlh 
of the aircraft. Fighter and attack aircraft, in particular, 
have demonstrated significantly more severe average 
usage and more v'uiability in usage than predicted 
during its design. It is the purpose of this paper to 
explore the processes that are used to ensure a safe and 
operationally economic structural design for an aircraft. 
The USAF Aircraft Structural Integrity Program (ASIP) 
is used to illustrate the various aspects of the process. 
The current approach used for the ASIP by the United 
States Air Force is discussed along with a discussion of 

e r o b l e m s  encountered in practice. In addition, some 
recommendations for improvement of the integrity 
process are included. 

JNTRODUCTION 

Aircraft structural integrity is the characteristic of an 
airplane that enables it to withstand the loads 
environment and usage imposed during service. The 
need for formalizing an aircraft structural integrity in 
the Air Force was first recognized in 1958 when there 
were a series of catastrophic wing failures on B-47s Uiat 
were caused by fatigue. The Air Force Chief of Staff, 
Gen Curtis LeMay, approved the initiation of the 
progrnm in a May 1958 memorandum. He issued a 
policy directive on 19 November 1958 that required a 
commitment from the major commands. A complete 
history of the origin of the program may be found in 
reference 1. The objectives of the structural integrity 
program were to control structural failure of operational 

aircraft, determine methods of accurately predicting 
aircraft service life, and provide a design and test 
approach that will avoid structural fatigue problems in 
future weapon systems. These objectives still constitute 
the basis of the present USAF Aircraft Structural 
Integrity Program (ASIP). 

The original ASIP used a reliability based approach to 
establish the operational life. This was referred to as 
tlie "safe life approach." The safe life approach relied 
upon the results of the laboratory "fatigue test" of a full- 
scale article to the spectrum of loading that simulated 
the service operational environment of the aircraft. The 
"safe life" of the airplane was esmblished by dividing 
the number of successfully test simulated flight hours 
by a factor (e.g., four was commonly used by the 
USAF). The intent of die factor was to account for 
article to article variation in materials 'and 
manufacturing quality and was Lhought to be sufficient 
to preclude structural failure in  service aircraft 
attributable to materials, or manufacturing quality. This 
concept was tlie basis for all new designs during the 
1960's. It was also the concept used to esk?blish the 
"safe life" for earlier designs when these aircraft were 
subjected to a fatigue test. The approach appeared to be 
successful as exemplified by systems such as the C-141. 
The C-141 has generally had an excellent safety and 
overall service record, although some of the materials 
chosen and some of Uie structural details used in this 
aircraft have caused service problems in its later life. 

There were, however, some cases during the 1960's 
where service experience was unsatisfactory and the 
"safe life" approach became suspect. Catastrophic loss 
of an F-1 1 1 in 1969 demonstrated the "safe life" method 
had not precluded the use of low ductility materials 
operating at high stresses. Consequently, this design 
was intolerant to mmufacturing and service induced 
defects. This was evidenced, also, by failures in cold 
proof test. Since the progrrun was initiated after the 
1969 accident, there have been over ten significant 
failures i n  cold proof test in aircraft that were 
considerably short of their test denionstrated safe life. 
Some of these were found to be the result of small 
defects induced by mainten'ance actions. Other losses 
(e.g., F-5, D-52 and T-38) and incidents of serious 
cracking (e.g., KC- 135) during this period confirmed 
this shortcoming. The ability to inspect these early 
"safe life" aircraft was signific,antly impacted by this 
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intolerance to defects and cracks. In many applications, 
it was found to be extremely difficult to inspect the 
aircraft. Since inspectability of the aircraft was not 
required as a part of this approach, many details were 
found to be outside the 1960's inspection capability. 
Relatively small cracks and defects could readily escape 
detection with dramatic consequences. In these 
situations, a modification progr'm was usually the only 
viable alternative. 

The shortcomings of the safe life process as illustrated 
by the cited service incidents demanded a fundamental 
change be made in the approach to design, qualification, 
and inspection of aircraft. An improved reliability 
approach and a damage tolerance approach emerged as 
the candidates for this change. The damage tolerance 
approach recognized an aircraft was subject to a wide 
range of initial quality from the manufacturing process 
and from service induced d'mage and it had to be 
inspectable. To ensure the design could be operated 
safely in the presence of such anomalies, the structure is 
designed to be tolerant to these defects for some period 
of service usage before there is a need for an inspection. 
The damage tolerance approach can be used to 
determine the period of safe operation, called the safety 
limit, and required inspection intervals. The same 
approach is used for existing designs as well as new. 
The difference is that inspection intervals may be more 
easily controlled in a new design. The drunage 
tolerance approach w'as used to upgrade the structural 
integrity of several operational aircraft (e.g., the F-1 1 1, 
C-5A and F-4) in the early 1970s. It influenced the 
design of the F-15, and was a basis for the design 
criteria for the B-1 A. The success of these endeavors 
convinced the Air Force damage tolerance should be the 
basis for all future designs. In December of 1975, the 
damage tolerance approach was formally made a part of 
ASIP with the publication of reference 2. During the 
1970's and 198O's, the Air Force performed an 
assessment on every major aircr'aft weapon system 
using the d,mage tolerance approach to develop 
appropriate inspection/modification programs to 
maintain operational safety. As an indicator of success, 
the failure rate for all systems designed to and/or 
mainmined to the d'mage tolerance policy is one 
aircraft lost due to structural reasons in more than ten 
million flight hours. This is significantly less than the 
overall aircraft loss rate from all causes by two orders of 
magnitude. 

The current version of the ASIP includes five separate 
tasks that cover all aspects of the development and 
support of an aircraft structure. These tasks, some of 
which are shown in figure 1 are identified as follows: 

1. Design Information 
2. Design Analyses and Development Tests 
3. Full-Scale Testing 
4. Force Management Data Package 

5 .  Force Management 

The primary focus of the program is to ensure the 
structural safety of Air Force aircraft. As indicated 
above, this has been accomplished such that the pilot is 
exposed to less risk from aircraft structural failure than 
he normally accepts in other activities (e.g., driving an 
automobile). Much of this success has been attained 
through the utilization of the results of the individual 
tail number tracking program. This program is a main 
feature of the ASIP. This tracking capability has long 
been recognized as an essential feature of the integrity 
program since experience has shown aircraft are often 
used differently than they were designed. There are 
many examples of this. One of these is the F-16, which 
is being used approximately a factor of eight times more 
severely than it was designed. It would be impossible 
to operate this aircraft safely without the data being 
derived from the aircraft tracking program. The 
F- 16A/B tracking program has been adversely affected 
by the operator removing the flight data recorder and 
replacing it with a video camera. In spite of this 
problem, there has been sufficient data to adequately 
support this program. Another program where the 
tracking program has proved to be invaluable is the 
F-15. The current usage on the F-15 is approximately 
four times more severe than that used in design. The 
tracking progr'm has revealed this is mainly attributed 
to weight increases and to operations at Mach numbers 
that are higher than originally expected. The normal 
load factor experience is quite close to the design 
estimates. The tracking program has been able to 
identify the extent of operational usage where buffet 
loading on the wing and the vertical tail has caused a 
significant maintenance cost for the user. This 
information was used to design and test modifications to 
the components. The A- 10 early operational service 
data, as derived from the tracking program, showed the 
usage was approximately three times more severe than 
the original design usage. This was partly due to an 
increase in the normal load factor spectrum and p'artly 
due to fuel loadings that were in excess of design. 
These usage changes were successfully compensated for 
by modifications to in-service aircraft and by changes in 
the production aircraft. 

e 

e 

The recording device that was the standard in the past 
for the tracking program, and is still being used, is a 
hpe system. It has been proven by operational 
experience this device is not technically able to attain. 
by a considerable margin, the data capture that was 
potentially possible. The new microprocessor systems 
have eliminated the past problems and the current 
evidence shows the data capture is near the maximum 
potential. 

The other main focus of the program is to ensure the 
aircraft are being operated in the most economical 
mnnner possible. The ASIP has evolved over the years, 
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primarily through the efforts of the Aeronautical 
Systems Center, into a process that develops aircraft 
that are tolerant to both manufacturing and service 
induced damage throughout their design life and usage. 
Experience has shown it is rare for an Air Force aircraft 
to be retired because of structural degradation due to 
fatigue cracking. This type of degradation normally 
occurs on a single component of the aircraft rather than 
the entire aircraft. The d,mage tolerance approach is 
directed towards repair, modification, or retirement of a 
component only when in-service inspections reveal one 
of these actions should be taken. There have been many 
cases of structural modification to preclude retirement 
of the aircraft. Examples of this include the B-52D, 
C-5A. KC-135. F-16, and C-130. 

During the seventies and eighties, d'mage tolerance 
assessments were performed on all major weapon 
systems to update their Force Structural Maintenance 
Plans (FSMP) and their tracking programs. These 
ssessments are discussed at length in reference 3. I t  is 6 elieved the drunage tolerance approach incorporated in 

the integrity process in the seventies is still the 
cornerstone for protecting the safety of aging aircraft. 
Service experience has demonstrated this. Since these 
assessments have been successful in maintaining safe 
and economic operations, it has been extremely difficult 
to maintain the level of funding for the ASIP that is 
needed to ensure the continued success of the program. 

Another problem is the constraints placed on the ASIP 
managers by program management. Progr'm 
m'magement faces pressures of schedule and cost that 
does not always permit adequate attention to integrity 
concerns such as corrosion control. Also, these ASIP 
managers are so burdened with detail maintenance 
problems the:, have little time to devote to the 
consideration of broader issues for their aircraft. An 
example of a broader issue is the determination of when 
o expect the onset of widespread fatigue damage such gb s that revealed in the inner to outer wing joint of the 

C-141. Another example is the unanticipated cracking 
in the A-7D wings that led to a structural failure in 
December of 1988. Still another ex'mple is the 
identification of nondestructive inspection capability 
that will enable them to inspect more accurately 'md 
economically in the future. 

The operational usage of USAF aircraft is often found 
to be considerably different from that used in design. 
This was primarily the result of increased weight and 
mission changes. Many aircraft, such as the B-52, 
C-130 and C-141 are flying in a low level environment 
where the d'mage from cyclic loading is approximately 
ten times worse than a high altitude mission. It was 
found aircraft were being flown much more 
aggressively than that assumed for the design. Also, as 
was found in the case of the F- 16, the weight was 

changed without compensating changes to the structure 
of the aircraft. 

ACOUISITION PROCESS 

System acquisition programs in the U.S. Air Force 
typically go through a total of five phases. These are: 

Concept Exploration and Definition 
DemonstrationNalidation 
Engineering and Manufacturing Development 
Production and Deployment 
Operations and Support 

It is not essential that all of these phases be included. In 
some cases some of the phases may be combined. 
Circumstances such as a decision to procure an aircraft 
that has already been certified by another agency would 
eliminate and/or combine some of the phases above. 

There is very little structural effort required in the 
Concept Exploration and Definition phase. In this 
phase paper studies are typically performed to explore 
alternatives. These studies allow comparison of each 
alternative on the basis of cost and operational 
effectiveness. This phase would conclude with a 
decision on the need for proceeding to the 
DemonstrationNalidation phase. 

The DemonstrationNalidation phase is used to 
reduce the technical risk or cost uncertainty. The 
program office will often tiisk the contractor to build a 
prototype and/or request tests and paper studies to 
accomplish Ihese goals. I t  is anticipated that the early 
part of this phase would be used for a screening process 
so that the final stage of this phase could be used to 
develop data for the selected technologies. It is in this 
phase that a structural technology is transitioned from 
the laboratory to the Engineer and Manufacturing 
Development (EMD) phase. If a prototype is required, 
i t  places an additional burden on the structural engineer. 
It is likely that structure of the prototype would be 
different from the structure of the EMD aircraft because 
the EMD structural concepts may have not matured. 
Therefore, the structural engineer has the task of 
providing a prototype structure that would enable a 
meaningful aircraft capability demonstration. 

The structural effort in EMD is completely defined in 
reference 2. At the successful completion of this phase 
the aircraft structure will be approved for production. 
The data will have been generated to write the Strength 
Summary and Operating Restrictions Report and to 
finalize the Force Structural Maintenance Plan (i.e., the 
how, when, and where to perform the structural 
inspections required to maintain safety and economic 
operation). The methodology will have been developed 
to perform the tail number uiicking required to obtain 
individual usage data. 
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The schedule of these phases is, of course, dependent on 
many considerations. One of the more important 
considerations is che scope of technologies development 
required before EMD. Another important consideration 
is the requirement for a prototype. If there is no 
significant technology development or prototype 
required then the time required for the 
DemonstrationNalidation phase may be as short as 
three years. A prototype could stretch this time by 
approximately two years. If significant technology 
development is required then up to an additional five 
years may be required. Therefore, a program involving 
a prototype and technology development may impose a 
ten year interval from the start of Concept Exploration 
and Definition to EMD s m .  The EMD schedule is 
subject to considerable variation because of effects of 
airframe size and complexity. A spread of five to nine 
years from the start of EMD to IOC (initial operational 
capability) is not unreasonable. In the EMD schedule 
there are several milestones that are crucial to 
technology development. The milestone before which 
the technology must be completely matured is the start 
of the flight test program with an 80 percent of limit 
load restriction. By this point, the stress analysis will 
be submitted and approved. Therefore Uie final loads 
are available and final allowables for the materials must 
have been established. However, before this milestone 
is reached, the program would have had its Critical 
Design Review (CDR). At this point in the 
development the contractor should have completed 
approximately 95 percent of the drawings. That is, the 
final sizing should have essentially been completed. If 
the material allowables are not completed by this time 
the contractor (and correspondingly Uie govemment) is 
operating with some risk to both schedule and cost. 
Therefore, the contractor should aim his technology 
development progr'am to be completed (i.e., final 
allowables, etc.) by the Preliminary Design Review 
(PDR). This milestone would provide approximately 
nine to twelve months after start of EMD to complete 
the technology development. This time could be used 
as a gage to estimate the degree of completion needed 
at EMD start. 

Technology Transit ion 

To be successful in the development of a new aircraft, 
the structural integrity effort must begin before tlie 
Engineering 'and Manufacturing Developnient phase of 
the program. In the USAF, the structural activity st"s 
in earnest in the Wright Laboratories even before die 
DemonstrationNalidation phase. However, i t  is 
normally the DemonstrationNalidation phase that is 
particularly critical for the transition of structural 
technology from the laboratory to the aircraft. There 
are many examples of successful transitions of 
technology from the laboratory to full-scale 
development. Many of these successes were derived 

from a well-conceived plan or "road map" that formed 
the basis or criteria for technology transition. In 
general, these road maps have included programs 
directed at several levels of technology maturity. These 
levels are referred to as basic research, exploratory 
development, advanced development and 
manufacturing technology development. Most of the 
advanced development and manufacturing technology 
development program effort is directed towards the 
demonstration of the technology by means of the 
manufacture and testing of a specific piece of hardware. 

A key element in the development of the road maps was 
a knowledge of the threats to str~~ctural integrity from 
the environment in which the structure must be able to 
perform its function. The understanding of these threats 
typically is derived from experiences with other 
materials. There are situations, however, where a new 
material may be sensitive to a threat that in tlie past has 
not been a major factor. The types of threats that one 
should consider in the development of a new material 
process are shown in figure 2. 0 

A study of those successful road maps for tr'ansition 
of technology to full-scale development reveals that 
hey had Certain factors in common. These factors may 
be combined to fomi ii criterion for the transition 
process to be successful. 

From a study of the successful transitions of structural 
technologies from the laboratory to full-scale 
development it was found that five factors constituted a 
common thread among these successes. Also, it was 
found that these five factors were essential to the 
successful completion of Uie m k s  of the United States 
Air Force Structural Integrity Progran (ASIP). These 
five factors 'are: 

Stabilized material and/or material processes 
Producibili t y 
Characterized mechanical properties 
Predictability of structural performance 
Supportability 

0 

In this listing there was no attempt to establish a 
ranking of importance of these factors. A deficiency in 
any one of the factors could constitute a fatal defect. A 
description of each of these five factors involved in the 
transition of structural technologies to full-scale 
development is given in reference 4. The relation 
between Lhe phases of the acquisition process, 
technology transition, and the ASIP is shown in figure 
3. 

nISCUSSI ON OF TH E TASKS OF T W  4, ASIP 

Since structural failure from fatigue was the motivating 
factor for the ASIP initiative in 1958, i t  is reasonable 
that a number of elements of the ASIP are associated 
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with the influence of repeated loads on the structure. 
This is shown by figure 1. In all five tasks of ASIP, 
there are significant elements related to repeated loads. 

Every element of Task I of the ASIP is critical for the 
aircraft to be successful in the repeated loads 
environment. The ASIP master plan provides a living 
document on what is planned to be accomplished and 
the results of tests after they are performed. The 
preperation of this document is typically started in the 
DemonstrationNalidation phase of acquisition. The 
first draft of this document is submitted with the 
proposal for the Engineering and Manufacturing 
Development phase and is updated regularly throughout 
the development and operational life of the aircraft. 
Task I could be considered the most important of the 
tasks of ASIP. The reason for this is that mistakes made 
here in structural design criteria for durability and 
damage tolerance, for example, could jeopardize the 
entire development. The same is also true for 
stablishment of the design service life and usage of the &r craft. The burden for the success in Task I rests 

mainly with the acquisition authority. The operating 
command that is to use the aircraft also has a major 
role. The using command specifies the usage 
environment for which the aircraft is expected to 
operate. This is a p'uticularly difficult task in that if the 
usage they specify is less severe than that to be 
experienced in operational service then there could be a 
significant economic burden for structural 
modifications. One of several examples of this is the 
case of the A-10. In this case, the initial fuel weight 
was based on mission requirements rather th'an using 
full initial fuel as was experienced in service. If the 
usage they specify is too severe or if there are missions 
specified that are not operationally flown, then the 
weight of the aircraft could have a adverse impact on 
performance. An obvious example of this is the C-5A. 
A major function in Task I where the contractor is 

volved is the selection of materials and processes. It a of utmost importance that the material and process 
selection be essentially complete by the end of the 
DemonstrationNalidation phase in order to proceed 
with confidence in the EMD phase and meet the EMD 
miles tones. 

It is in Task I1 of the ASIP that the sizing of the 
structure is accomplished to meet its operational 
requirements. This is accomplished through numerous 
analyses and tests. These analyses and tests are directed 
at specific structural details that could be subject to an 
inspection during the operational life of the aircraft. 
These details are called critical locations. It is one of 
the functions of Task I1 to make an initial identification 
these locations It is difficult to say that one of the 
elements of Task I1 is any more critical than the other. 
However, the loads analysis is certainly a strong 
candidate for this distinction. The reason for this. of 
course, is the severe impact of an error in loads on the 

durability and damage tolerance capability of the 
aircraft. Further, some of the important operational 
load cases involve high angles of attack and/or side slip. 
Consequently, there is often considerable difficulty in 
making an accurate load predictions. The generation of 
the design service loads spectra is usually straight 
forward in the case of fighter and attack aircraft. That 
is, aircraft where the effect of turbulence can be 
ignored. There are cases, however, where buffet loads 
may have a significant impact on suuctural integrity 
and consequently can not be ignored. Such a case is the 
F-15 that has suffered buffet load damage on both Lhe 
wing and the vertical tail. A description of how this 
was solved on the F-15 vertical tail is found in reference 
5.  In the case of bomber and transport category aircraft, 
there is the added problem that the loads and 
consequently the phasing of the components of the 
loads can only be represented by their probability 
distribution functions. This significantly complicates 
the generation of the design service loads that are to be 
applied to the full-scale test article. A method for 
accounting for the load phasing associated wilh 
turbulence is described in reference 6.  This approach 
was used in generating the loading sequence used on the 
C-17 durability test. After the design service loads 
spectra has been generated for an aircraft, the stress 
spectra for each of the critical locations can be derived. 
This effort uses the results from the stress analysis. 

The USAF guidance for the damage tolerance analysis 
for the metallic structure is based on an initial flaw 
concept. The initial flaw concept and the derivation of 
currently used initial flaws is discussed in reference 3. 
The guidance on the size of the initial flaws is given in 
reference 7. The USAF guidance for most of the 
durability analyses is that they also be performed using 
an initial flaw concept. The initial flaw used for these 
analyses is based on the largest defect that could be 
expected to be in any given aircraft (see reference 7). 
Consequently, it is smaller than the damage tolerance 
initial flaw size. 

It is worthy of note that many of the elements of Task I1 
are oriented towards a fracture mechanics oriented 
drunage tolerance approach. However, there is, in fact, 
little difference in Uie scope of the effort associated 
with a safe life analysis. I t  is essential in both 
approaches to perform the loads analyses, stress 
analyses and obtain the stress spectra for each critical 
location. These are the time consuming, and 
consequently the costly tasks. It is usually a small 
difference in computer time that causes the difference in 
analysis cost between the two approaches. 

Under certain restrictions, the safe life approach for 
ensuring safety can be demonstrated to be adequate. In 
most examples of the use of safe life on modem 
military aircraft, testing of h e  full-scale aircraft is 
accomplished. If this type of testing is not 
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accomplished, then the structural engineer is forced to 
make a judgment on the "effective stress concentration 
factor", or Kt, to use in the fatigue analysis. The fatigue 
data displayed in reference 8 appears to have an 
effective stress concentration of about five. As shown 
in reference 9, there is a significant difference in the 
computed life derived from a change in Kt from five to 
six, for example. Without an adequate test, that is truly 
representative of the expected flight-by-flight usage and 
stress distributions in the airfr'me. there is no method of 
determining the magnitude of the effective Kt  of the 
structure. Therefore, the results of a safe life analysis 
without supporting test data are subject to such 
uncertainty that they are not usable. Another restriction 
on the use of safe life is that its use should be restricted 
to materials that are reasonably insensitive to the 
defects that could have resulted from the manufacturing 
process or as a result of operational service. An 
example of the sensitivity of a steel engine mount to 
small defects is described in reference 9. The failure of 
the safe life approach for early USAF aircraft is 
attributed to the fact that they, in most cases, did not 
have an adequate fatigue test. This was the case for the 
F-4 and the C- 130, as exrunples. Also, as evidenced by 
aircraft such as the KC-135, the USAF accepted designs 
with low toughness materials that operated at stresses 
that made them flaw sensitive. Finally, the structure 
should be designed to be inspectable. It is impossible to 
represent all of the potential environmental effects in a 
laboratory fatigue test. It is also difficult to know 
whelher the safe life scatter factor adequately accounts 
for the variation in quality of production aircraft. For 
these reasons, i t  is essential that aircraft be subjected to 
inspection during the course of tlieir operational service. 
In the event that an aircraft has been subjected to a 
representiitive fatigue test, is constructed with materials 
at stress levels that would satisfy the damage tolerance 
guidance, and is inspemble, then it could be qualified 
by the safe life process. If all of these stipulations are 
incorporated, i t  is evident that the materials and stresses 
and configuration would be little different from a design 
based on damage tolerance principles. 

Another critical effort in  Task I1 is the design 
development tests. These are Uie coupon, clement, 
subcomponent, and component tests that form the 
building blocks for the understanding of the structural 
performance under environmental loading. The costs of 
these tests can be a significant px t  of the entire 
structural development progr'm. Consequently, these 
tests may fall victim to funding shortfalls in the 
progr'm. Experience has shown that a successful 
design development test progr'm is the only way to 
ensure that the risk is acceptable for the full-scale test 
program in Task 111. It should be a progr'am objective 
to enter the full-scale test program with low risk. 
Failures in full-scale testing can create very serious 
program schedule disruptions and cause a fin'ancial 

burden far in  excess of what would have been spent on a 
sound design development test program. 

The successful completion of the full-scale testing in 
Task 111 is essential for keeping the acquisition process 
on schedule. There is never enough time and money 
available to ensure that Uiere will no risk of structural 
failure. However, as indicated above, with proper 
attention to the design development testing in Task 11, 
the risk of a major failure could be made to be low. 

It  has long been recognized that early testing of the full- 
scale structure was important. Although the early 
airfr'mes are generally not completely representative of 
the final configurations, it is essential to get early 
information on deficiencies so they can be corrected in 
production. The C-5A program is an ex'mple where 
both the static and fatigue tests were performed after a 
significant number of production aircraft had been 
produced. Both of Uiese tests resulted in serious failures 
that occurred signific,antly short of the design 
requirements. Because of the lateness of the tests, no 
changes were incorporated in any of the production 
aircraft. As a result, the aircraft had to operate under 
severe restriction until the entire flee1 could be 
retrofitted with new wings. This, of course, was a 
major expense to the government. 

0 

As indicated in reference 3, a precept of the d'mage 
tolerance approach is the safety of the aircraft 'and its 
economic operation should be independently proven. 
The damage tolerance analysis, supported by testing, 
was the basis for safe operations 'and the full-scale 
durability test was Uie basis for establishing the 
economic burden associated with service usage. The 
d'mage tolerance analysis, supported by testing, has 
been effective in identifying areas of the aircraft that 
could potentially cause a safety problem. I t  is desirable, 
however, to ensure they have been identified through 
the full-scale durability test. The spectrum used by the 
USAF for both the d'mage tolerance and durability 
analyses and testing is the expected average usage. 
MIL-A-8867B(USAF) (reference lo), which was 
released 22 August 1975, stated the fu l l  scale durability 
test should be run for a minimum of two lifetimes 
unless the economic life was reached prior to two 
lifelimes. Tlie economic life of a structural component 
is reached when that component is more economic to 
replace than repair. The economic life of a component 
is extremely difficult to determine analytically. It  may 
be, however, demonstrated in durability testing. The 
same guidance that was given in MIL-A-8867B(USAF) 
was given later in AFGS-87221A (reference 7). There 
was no guidance given, however, on the rationale for a 
need for testing for more than two lifetimes. 
Consequently, i t  has been a program decision to test 
every aircraft for two lifetimes since 1975. All the 
known service experience demonslrates that an aircraft, 
after successfully passing a two lifetime flight-by-flight 

0 , 
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durability test, will not reach its economic life in one 
lifetime of service usage representative of the test 
spectrum. There is a question, however, whether a full- 
scale durability test that simulates two lifetimes of 
planned operational usage will adequately interrogate 
the structure to determine all the areas in all aircraft that 
could potentially cause a safety problem. 

Experience with operational aircraft has revealed they 
are typically not flown to the loading spectrum for 
which they were designed. Data from flight load 
recorders have shown, in general, that there are 
considerable differences in usage severity among 
aircraft with the same designation. Further, it is often 
found the average aircraft usage is more severe than 
originally perceived early in the design process. This 
problem is aggravated by the fact the damage tolerance 
analysis may have not identified an area which would 
be a concern if the aircraft usage was more severe than 
that assumed for design. Also, experience has shown 

e mass of an aircraft increases as a result of additional @ quipment or modification after an aircraft enters 
operational service. In addition, there are differences 
because (1) pilot technique changes as they become 
more familiar with the aircraft, and (2) mission changes 
because of new weapons and tactics. The aircraft-to- 
aircraft variability comes from several sources such as 
base to base variations in distance to test ranges and 
training. These experiences tend to degrade the 
capability of the full-scale durability test that consisted 
of two lifetimes of average usage to identify all the 
areas of the aircraft that could potentially cause a safety 
problem. Consequently, the structural engineer should, 
based on historical evidence, m,ake some allowances for 
increased usage severity occurring as a result of mission 
severity changes and aircraft to aircraft variations in 
operational usage. To ensure aircraft durability, this 
should be done both in the design of the aircraft and in 
the test. The historical evidence of usage differences 
erived from changes in pilot technique and mission 

a h  anges is generally not easily translatable to new 
designs. 

A procedure is described in reference 1 1  that is believed 
to be useful for establishing the duration andor the 
severity of testing that should be performed in  a full- 
scale durability test to ensure that all of the significant 
regions of the structure have been identified. I t  is based 
primarily on data that is could be derived from the 
existing analyses and development testing. An example 
problem discussed in  reference 11 indicates that the 
length of testing required using an average spectrum 
may be uneconomical. However, it appears practical to 
increase the severity of the spectrum to provide for an 
adequate test and to complete the test in a timely 
manner. 

The procedure also provides a basis for the success of 
the test. During or at the end of the full-scale durability 

test, a crack may be found that initially appears to be* 
significant. This would not automatically indicate that 
the structure has failed to pass the test. It would, 
however, indicate additional investigation should be 
undertaken. A fractographic examination should be 
conducted to determine if the crack growth was faster 
than predicted. If it was found to be faster than 
predicted based on the earlier analyses and tests, then an 
investigation should be conducted to determine the local 
stresses and the fracture data (crack growth rate) for the 
material used in the full-scale test article. An 
assessment should also be made to determine the 
implication on the damage tolerance derived inspection 
program. After a study of all available information, a 
judgment is then made on the need for aircraft 
modification or additional inspections to maintain 
economic and safe operational aircraft. 

It is often found that a region or part of the aircraft 
needs to be redesigned based on failure in the durability 
test. There may be occasions where the redesigned part 
is obviously robust enough such that additional testing 
is not required. However, in general, the redesign 
should be subjected to the same rigors of testing as the 
original airframe. This can often be accomplished with 
a component test. However, there are some cases where 
this is not practical. This retesting generally results in 
significant costs that were not part of the original 
funding. The prospect of retesting the aircraft should be 
adequate motivation to take the necessary precautions to 
ensure that the risk is low at the start of testing 

Another critical element in Task 111 is the flight and 
ground operation tests. As indicated above, the 
analytical determination of loads is a process that 
requires considerable precision. In many caes,  
however, this precision is hard to achieve because of the 
nonlinear character of the loading process. It is rare 
that the loads are calculated with sufficient accuracy 
such that no changes are derived from the flight and 
ground operation testing. It is important to get the 
information from these load tests early enough to 
influence the full-scale static and durability testing. 
The aircrclft is released to an envelope of 80 percent of 
limit load based on analysis only to provide the 
capability to perfomi the flight loads testing. 

One of the critical elements of Task IV is the 
development of the Force Structural Maintenance Plan 
(FSMP). This plan tells the maintainer of the aircraft 
how, when and where the aircraft <are to be inspected 
and/or modified as they proceed through their 
operational lives. For new aircraft, the guidance in 
reference 7 is to establish the stresses such that no 
inspections are mandatory to provide flight safety. This 
means that the stresses are established such that there 
are two lifetimes of slow crack growth capability from 
the dnmage tolerance initial flaw LO critical crack 
length. However, an inspection should be developed 
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that could be used in the case of usage severity or mass 
increases. For most military aircraft, experience has 
shown that there is a considerable difference in usage 
severity among the individual aircraft. The accounting 
for the actual usage of the aircraft is determined by the 
individual aircraft tracking progr'm and the 
loads/environment spectra survey. These two elements 
work together to obtain an estimate of the stress spectra 
for a number of control points in the structure. For 
aircraft that are designed according to the d'mage 
tolerance philosophy, the generated stress spectrum is 
used to determine the time at which the damage 
tolerance initial flaws would grow to critical. This time 
is divided by a factor of two to determine the number of 
flight hours that the inspection should be performed. 
For aircraft that are operated under a safe life approach, 
the tracking program is used to determine, for the 
various tracking control points, the life expended 
relative to the fatigue test demonstrated life. 

There are several approaches that have been used to 
monitor the aircraft for inputs to the individual tracking 
progran and for the loads/environment spectra survey. 
One of these is the use of strain gages to "&e direct 
measurements of strain and correspondingly stress on 
the structure. Another approach is to measure certain 
functions, such as linear and angular accelerations, 
surface positions, and fuel states to make an estimate of 
the stress at any desired control point of the structure. It 
is the position of the USAF that each of these methods 
has their own advantages and disadvantages for a 
particular location. Therefore, the choice will be made 
on what appears to be the best for the particular area to 
be monitored. 

As the aircraft ages, the effort in Task V provides the 
basis for m,&ing modifications to the structural program 
through the interpretation of inspection results and the 
results of the individual aircraft tracking progran. As 
an aircraft ages, it is then exposed to multiple threats to 
its integrity. One example of this is crack growth 
aggravated by corrosion. Another example that is threat 
of discrete source damage for a structure with 
widespread fatigue damage. The latter example has 
been a problem with several USAF aircraft such as the 
wings of the KC-135, C-5A, and C-141. The problem is 
that widespread fatigue d'mage can degrade the fail 
safe capability of an aircraft. The approach that has 
been used to assess this problem is based on 
determination of the probability of failure given that the 
discrete drunage has occurred. A method for 
determining this conditional probability of failure is 
discussed in reference 12. 

SUMMARY 

The integrity process called the USAF Aircraft 
Structural Integrity Progr'm is believed to contain all of 
the elements required to ensure that aircraft structure 

designed with this process will be successful in meeting 
their operational requirements. It it further believed 
that other approaches could be used to achieve 
structural integrity. The successful deployment of 
numerous aircraft has proved this to be true. One key 
feature, however, of any approach is that the structural 
engineer needs to exercise prudent judgment that will 
contain the risk of failure to an acceptably low level as 
the program proceeds to higher and higher levels of 
funding requirements. Another key feature of any 
program is to anticipate the threat to structural integrity 
for a particular design. New threats will appear as 
increases in performance requirements place pressure 
on decreases in weight. As the demand for performance 
increases such that the thermal loading is a significant 
factor, there will be a need to use probabilistic methods 
for the assessment of structural integrity. Also, as the 
performance increases, there will be a expanded role for 
"smart structures." For the foreseeable future, testing 
will remain the primary basis for acceptance of the 
structure. The advent of composite structures has 
certainly reinforced this position. The test requiremen 
places a discipline in the entire structural design 
program that probably can not be achieved by any other 
menns. 

io 
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MINER'S RULE REVISITED 
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SUMMARY 

In the first sections, the requirements to be met by hypotheses for fatigue life prediction (including those for the 
crack initiation and crack propagation phases) are discussed in detail. These requirements are shown to be different 
for "scientific" and for "industrial" fatigue life prediction. Aspects with regard to an assessment of fatigue life pre- 
diction hypotheses are discussed. 

The last section presents the results of a large co-operative programme between IABG and several automobile 
manufacturers, in which Miner's Rule in several versions was assessed against spectrum tests with five different 
ctual automobile components namely: 8. Forged steel stub axle 

Forged steel stub axle, induction hardened 
Sheet steel welded rear axle (front wheel drive car) 
Cast aluminium wheel 
Welded sheet steel wheel. 

Since up to 80 components each were available, and two different, but typical, automotive stress-time histories were 
employed, the assessment was very thorough, avoiding many of the drawbacks of previous assessments. 

It is shown that 
damage sums to failure were usually far below 1.0, 
they also depended on the component in question, the aluminium wheel resulting in the lowest damage sums to 
failure, 
the damage sums to failure where always lower for a mild spectrum than for a severe one 
the influence of spectrum variation was predicted best - among the hypotheses tested -by use of a recent 
proposal of Zenner and Liu. 

1 INTRODUCTION 
The fatigue life under variable stress amplitudes has 

(Langer [2]) and 1945 (Miner [3]). Langer suggested a 
damage sum of 1.0 for the crack initiation phase and an 
additional one of 1.0 for the crack propagation phase; 
Miner proposed a damage sum of 2 1.0 to crack 
initiation. 

However, this was generally overlooked by later users, 
including Miner himself [4] and the total life encom- 
passing crack initiation and crack propagation') was for 
many years calculated employing Miner's Rule 

@een calculated since 1924 (Palmgren [l]), 1937 

n. p- = 1.0. 
Ni 

Here crack "initiation" means a crack of an "engineering" 
size of some tenths to some millimetres. From a 
fundamental point of view, fatigue is sometimes 
intelpreted as crack propagation process exclusively. 

Since about 1950, the accuracy of Miner's Rule was 
assessed by unsuitable two-step- or "overload"-tests, at 
best by blocked programme tests [5], and damage sums 
between 0.1 and 10 were obtained. Quite surprisingly, 
this did not deter industrial - including aeronautical - 
users from still calculating the fatigue life of their pro- 
ducts to this day by Miner's Rule with a damage sum of 
1.0. In the same time period, many attempts to improve 
Miner's Rule were made (for example [6]), but, in retro- 
spect, all were unsuccessful. 

In 1961 Paris [7] published his crack propagation hypo- 
thesis 

which he later [8] extended to variable amplitudes. 
After a period in which simple linear [9] or retardation 
[lo] hypotheses were proposed for the prediction of 
crack propagation life under variable amplitudes, Elber 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Cmck Growth Prediction Techniques: 
September 1993. 
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published his crack closure measurements [ 111 in 1968 
and model [ 121 in 197 1, on which all significant hypo- 
theses for crack propagation subsequently were based. 

In the meantime, servo hydraulic test machines had 
become available [ 131, somewhat later with computer 
control [14], so that for the first time the fatigue life 
prediction hypotheses, including those to crack initia- 
tion and for crack propagation, could be assessed by 
realistic tests, i.e. tests with realistic stress-time histo- 
ries. But such assessments even today are quite rare in 
the open literature, probably because they are very ex- 
pensive and time-consuming, if they are to be meaning- 
ful, see Chapter 4. Most assessments known to the aut- 
hors employed specimens, not components, although in 
the end the objective is to predict the fatigue life of 
components. 

2 SCIENTIFIC AND INDUSTRIAL FATIGUE LIFE 
PREDICTION 

Although this paper is mainly concerned with Miner's 
Rule, the following chapters contain general remarks 
valid for all hypotheses for fatigue life prediction, in- 
cluding those for crack propagation and to crack ini- 
tiation. "Fatigue life" in this paper therefore comprises 
the crack initiation or the crack propagation life and 
also total life to failure. Deliberately most examples 
given do not concern aerospace applications. 

The validity and limitations of fatigue life prediction 
hypotheses can only be assessed when all relevant input 
parameters are known. This is typically the case in the 
development phase where one may use the term "scien- 
tific fatigue life prediction" which is characterized as 
follows: 

The prediction is usually carried out for small 
specimens; 
basic data (or materials constants), for example the S- 
N curve(s) for a Miner-type calculation, have been 
determined with a sufficient number of specimens; 
the stress-time sequences employed are exactly 
known, often no mean stress variations are con- 
sidered; 
in many cases the stress level is unrealistically high; 
the critical section of the specimen is known as well 
as the crack or notch shape; 
therefore the stress intensity factor or stress concen- 
tration factor is known, as is the nominal and the 
local stress, if necessary for the prediction; 
if such a prediction is to be assessed, the required 
variable amplitude tests are carried out with identical 
specimens from the same batch of material. Strictly 
speaking, the result of the assessment is only valid 
for this batch of material, this specimen type, this 
stress-time-history and so on. 

An important aspect of scientific fatigue life prediction 
is, that no damage is done if the prediction fails; the pre- 

diction can always be repeated with an "improved" 
hypothesis. In fact, this happened with Miner's Rule in 
its numerous versions as well as with many crack propa- 
gation or local approach hypotheses. 

For industrial applications the story is completely 
different in many aspects: 
0 The fatigue life of components and structures often 

of considerable size and complex design has to be 
predicted. 
The exact stress time history in service is not known, 
the stress level is inaccurately known. 
Very often, the basic data characterizing fatigue 
strength are incomplete or not available with suffi- 
cient accuracy. It may well be that only 3 to 5 S-N 
tests, sometimes at one stress level only, are available 
for a Miner type prediction requiring assumptions to 
be made with regard to the slope of the S-N curve or 
the fatigue limit or mean stress effects. In such a case 
any prediction could be off by a large factor even if 
the hypothesis itself were perfect. 
Even if complete S-N- or da/dn- vs. AK-curves were 
available, these are valid only for the one batch of 
material or components tested. In reality the structure 
of even one individual aircraft consists of many bat- 
ches and the tens of thousand of cars of one type 
manufactured in even one month contain only nomi- 
nally identical components manufactured by several 
different suppliers from many batches of material. 
This problem has nothing to do with the prediction 
hypothesis itself and is normally solved by statistical 
quality control fatigue tests with components from 
every incoming shipments. 
The importance of correct and reliable basic data has 
been emphasized in a qualitative way by the first 
author since at least 1980 [15]. Recently the large 
effect of even small variations of, for example, the 
exponent n in the Paris equation on the prediction has 
been quantified in [ 161 where the example of a hypo- 
thetical designer of an offshore structure was pre- 
sented who had to assume or take from books, tables 
etc. all of the necessary input data for a prediction of 
crack propagation. Not surprisingly large differences 
in the calculated crack propagation lives resulted, 
depending on the numerical values assumed. 
For specimen oriented life prediction concepts such 
as the local strain approach, further severe problems 
arise from transferability (equivalence) aspects. 
Usually small polished smooth specimens are used to 
determine base line fatigue dab?, but one may well 
ask for the relevance of those data for a real compo- 
nent such as a forged stub axle which has been sub- 
jected to very different forging and machining pro- 
cesses. Furthermore, large components such as uuck 
axles often show a considerable variability of the sta- 
tic strength and cyclic properties as discussed in 
some detail in [17, 181. An adequate consideration of 

0 

e 
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such transferability aspects appears to be essential for 
such approaches. 
For crack propagation hypotheses, transferability 
problems.may'similar1y occur with regard to the de- 
pendence of the basic crack growth curves on the 
product form of the material. Examples are the typi- 
cal irregular crack paths found in Al-Li alloys which 
appears to be texture-dependent. In [19] limitations 
with regard to transferability hindered a realistic 
prediction of crack propagation and residual strength 
of landing gear forgings. 
Often the critical sections of the components are 
usually not known before the basic constant ampli- 
tude tests. It is also not certain that these sections 
critical under constant amplitude tests are identical to 
those under realistic variable amplitudes [20]. 

0 Finite element calculations, even with very many 
degrees of freedom, usually employ too coarse 
meshes to reliably find these critical sections in 
complex components, even if the usually multiaxial 
service loads were known with sufficient accuracy. In 
fact, if the critical section and the corresponding (too 
low) fatigue life were known early enough in the 
development phase, the component design would be 
improved and the critical section would thus move 
somewhere else. A good example is given in [21] of 
the divergence of F.E. calculations and test results, 
where the calculation correctly predicted the critical 
section of the original, but not of the final, improved 
wing joint. 
It is also not generally true that the component cracks 
or fails where the local strain is highest. Rather the 
component will fail where the strain due to the ser- 
vice loads is higher than the local allowable strain, 
which may well be different in different regions of a 
complex component, for example, at weldments and 
which may be strongly influenced by environmental 
conditions (e.g. corrosion). 
Very often, assumptions on input parameters have to 
be made which control the prediction results to a e large extent. An example is the assumed initial crack 
size for crack propagation prediction. Large efforts 
are, therefore, made to better quantify these data by 
use of test and/or in-service experience within an 
EIFS approach. 

8 

The largest difference to scientific fatigue life predic- 
tion, however, is the consequence of a wrong prediction: 
Consider the failure of an aircraft wing or of 1.000 auto- 
mobile axle spindles due to fatigue. Therefore industry 
can not rely on such predictions alone, but usually 
requires fatigue tests, inspections and/or fail safe or 
damage tolerant design. 

3 VALIDITY REQUIREMENTS FOR FATIGUE LIFE 
PREDICTION HYPOTHESES 

These requirements are different for scientific and in- 
dustrial fatigue life prediction. 

A "scientific" hypothesis should be able to predict the 
fatigue life under all possible spectra to be expected in 
service, i.e. gust or manoeuvre spectra for aircraft, wave 
spectra for oil rigs, and for all materials, specimen 
shapes, stress levels and fatigue lives, etc.*. It should 
do this with high reliability i.e. the average (mean) 
prediction should be close to the actual fatigue life in all 
cases, and with a small scatter (standard deviation). 
Ideally, all predictions should be exact in every case, 
with a mean prediction of 1 .O and a standard deviation 
of zero. This, however, is neither possible nor neces- 
sary in view of the many other unknowns. 

In the literature a number of quantitative requirements 
as to the accuracy of such a hypothesis can be found: 

According to Buch [23], it is good if the ratio Ntest/Npred 
for all predictions lies within the range of 0.5 to 2.0. 

According to Gassner [24], 90 percent of the prediction 
results should fall into a range of 1.0:2.0 on the safe 
side, i.e. should always be conservative. 

The first author stated in [25] that 90 96 of all predic- 
tions should lie between 0.66 and 1.5 of the actual life, 
which corresponds to a standard deviation of s I 1.35. 

Schijve in 1987 [26] required all crack propagation 
predictions to fall within 0.6 to 1.3 for a "good" hypo- 
thesis and between 0.5 and 2.0 for an "acceptable" one. 
In 1991 [27] he stiffened this requirement and required a 
crack propagation hypothesis to correctly predict the 
crack growth of every individual flight in a flight by 
flight sequence. 

An industrial fatigue life prediction hypothesis would 
be good enough if it were able to predict reliably the life 
for the products, the fatigue lives and the spectra in 
question. A truck manufacturer for example only needs 
to predict the life of truck components etc. and only at 
the long fatigue lives corresponding to > SOO.OO0 lan or 
> lo* cycles under a typical, severe customer spectrum; 
he is not interested in riveted aluminium structure typi- 
cal for aircraft. The prediction also should always be on 

In the authors' opinion it is not necessary, however, to be 
able to predict unrealistic "overload" or "two-step" fatigue 
lives, because such stress-time histones do not occur in 
service and an otherwise useful hypothesis might be 
rejected in this way. This view is not shared by other 
experts, see for example [22].. 
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the conservative side, although not to far to avoid over- 
design. 

However, even a perfect hypothesis would only give the 
fatigue life with a probability of survival Ps = 50 %. For 
industrial application much lower probabilities of failure 
have to be considered. This aspect must either be incor- 
porated in the fatigue life prediction itself (as is the case 
for some welding fatigue standards [28,29]) or it must 
be obtained by some other means. In [28] and [29] an 
S-N curve with Ps = 97.7 per cent is used, correspon- 
ding to the mean minus two standard deviations. The 
Miner calculations (with a damage sum of 1.0) are car- 
ried out with this S-N curve as a basis. Even neglecting 
the problem with what confidence these S-N curves 
could have been determined for the many different wel- 
ding classes in these standards, this approach is funda- 
mentally flawed in the authors' opinion, because it 
assumes the scatter to be equal under constant and under 
variable amplitudes. This, however, is not generally true 
[20]. It is a much better solution to separate the problem 
of the prediction hypothesis from that of the probability 
by first calculating the fatigue life under variable ampli- 
tudes for Ps = 50 %, i.e. based on the mean S-N curve, 
and afterwards applying a statistically derived scatter 
factor. This must be chosen according to experience 
with variable amplitude tests on components. Haibach 
in [30] gives some numerical examples with regard to 
surface quality. 

"What is a good industrial fatigue life prediction" poses 
a dilemma: On one hand all the parameters necessary 
for the predictions are often not known with sufficient 
accuracy, as discussed in Chapter 2, and many other 
details also influence the result; so it is logical to 
assume that for the same hypothesis the overall accu- 
racy of the prediction should be much lower than under 
laboratory conditions; if 0.5 to 2.0 is good for scientific 
purposes, probably 1.0 to 8.0 should be considered 
"good enough" for industrial predictions. However, no 
prospective industrial user could live with the statement 
that just because of the inaccuracy of the prediction his 
oil rig might last for 10, but maybe also for 80 years. As 
mentioned before, this is the reason why a fatigue life 
prediction by calculation alone can never be employed 
alone for critical components; fatigue tests with the 
component and/or inspections and damage tolerant or 
fail safe design are necessary. 

4 REQUIREMENTS FOR THE ASSESSMENT OF 
FATIGUE LIFE PREDICTION HYPOTHESES 

After the question "What is a good (enough) predic- 
tion?" has been settled, the hypothesis in question must 
be validated. This is only possible by comparison with 
the results of realistic variable amplitude tests. This may 
sound trivial, but it is here that most errors are made, 
often by overly optimistic inventors of new hypotheses. 
"Realistic" tests mean tests with realistic stress-time 

histories and at realistic stress levels and lives to failure. 
The former requirement can be met easily, because for 
many applications standardized stress-time histories are 
now available, like "Gauss" (general), "Twist" (transport 
aircraft), "Falstaff' (tactical aircraft), "Helix-Felix'' 
(helicopters), "Turbistan" (gas turbines), "Carlos" (auto- 
mobiles), "Wash" (offshore rig) and "Wisper" (wind 
turbines). 

The second requirement is very difficult to meet, be- 
cause it is very expensive and time-consuming in parti- 
cular for long fatigue lives. For example, the 20 or more 
years' life of an oil rig is equivalent to about lo8 cycles; 
similar numbers of cycles occur in trucks and cars. Al- 
though a considerable percentage. of these numbers of 
cycles can be omitted in test without influencing the re- 
sults, the "omission dilemma" [21] has not generally 
been solved. Based on large number of tests, stress am- 
plitudes < 50 % of the fatigue limit as an upper omis- 
sion limit have been suggested [31,32], . 
Anyway, realistic stress levels in assessment tests are 0 
absolutely necessary, because while a hypothesis might 
be good at high stress levels and, say, 104 cycles this 
does not necessarily prove it is good at more realistic 
stress levels and cycles to failure [33]. A recent example 
can be found in [34], where Miner's Rule and a crack 
propagation calculation showed good agreement with 
test results under Felid28 at very short fatigue lives/ 
high stresses, but were unconservative by factors of 4 to 
7 at longer, more realistic fatigue lives. 

Some authors give the impression that their hypotheses 
have been assessed and found to be "good", but close 
inspection by independent assessors shows this to be 
incorrect. An example is the large SAE-Programme [35] 
where none of the many hypotheses presented could be 
considered good by a large margin. Another example 
can be found in [22], where the authors claim their 
hypothesis to be superior to several others, because it 
also predicted the fatigue life under very simple "over- 
load" and "underload" sequences better than others 
while all hypotheses "fit generally well with the test re- 
sults". On closer inspection, however, none of the hypo- 
theses assessed was good or even acceptable for the rea- 
listic stress time histories and the authors' hypothesis 
was no better than the others. 

0 

One aspect of the assessment needs further discussion: 
Both the constant amplitude as well as the spectrum 
loading tests show scatter. Deterministic life prediction 
concepts deliver a prediction for a selected probability, 
generally for Ps = 50 %, because this value has the 
highest confidence. It is self-evident that predictions 
should be compared to the corresponding experimental 
values i.e. again for Ps = 50 %. Very often, however, 
individual test results are compared to the predicted 
value because only few variable amplitude test results 
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are available, in particular at long lives. Thus experi- 
mental scatter and the scatter due to the hypotheses 
themselves are mixed which hinders the assessment 
with regard to the requirements mentioned in Chapter 3. 
A better solution would be to evaluate the ratio of pre- 
dicted vs. mean experimental lives at selected load 
levels or fatigue life intervals. Only if several different 
hypotheses are checked and ranked against a fixed set of 
experimental data, both ways are meaningful. An exam- 
ple is given and discussed in the following chapter. 

5 FATIGUE LIFE PREDICTION FOR AUTOMOTIVE 
COMPONENTS 

5.1 Background 
During the eighties, a large test programme was conduc- 
ted at IAl3G supported by several German car manu- 
facturers [36, 371. Five different components of the sus- 
pension system were selected from actual production 
lines including 

a forged steel stub axle 
a forged steel stub axle with an induction hardened i critical section 
a sheet steel welded rear axle from a front wheel 
drive car 
a cast aluminium wheel 
a welded sheet steel wheel. 

These components were tested under constant amplitude 
and spectrum loading to provide a broad basis for an 
assessment of fatigue life prediction according to dif- 
ferent versions of Miner's Rule. Moreover typical life 
ratios (damage sums at failure) were be determined for 
these components which have to be designed for a spec- 
trum loading environment, since the expected maximum 
loads are well beyond the endurance limit. 

5.2 Test Details 
The components were tested predominantly in a bending 
mode since loading in the vertical as well as the lateral 

irection induces bending moments into the components 
@n the built-in position. The wheels were tested in a 

special test rig where the wheel fixed to a plate is rota- 
ted with a constant frequency of 25 Hz whereas a (vari- 
able) bending moment is introduced by a servo hydrau- 
lic actuator. Here the loading was kept c o n s k t  for 4 
sec per individual load level which translates to 100 
cycles at R = -1 for each step. 

Besides constant amplitude loading at R = -1 and partly 
R = -0.4 two different spectra were applied, Fig. 1. 
Spectrum I, typical for customer usage, can be described 
by a straight line in a log-lin diagram; spectrum 11, be- 
ing dominated by higher load ranges, is typical for race 
or test track driving. It is similar to a Gaussian spec- 
trum. Both sequences were generated by a pseudo- 
random generator and repeated until failure. The R ratio 
was deliberately set to R = -1 for all of the cycles, i.e. 
mean load changes did not occur. The failure criteria 

was total failure or the occurrence of one or several 
large cracks (in the range of 30 to 100 mm) where no 
substantial further life increments could be expected. 
Typical results showing the amount of test data are 
plotted in Fig. 2 for the sheet steel welded rear axle part. 

5.3 Miner Hypotheses 
Three versions of Miner's Rule were included in the 
evaluation procedure differing in the handling of load 
ranges below the fatigue limit, Fig. 3, designated as 

Miner-original(MO), no damage below the fatigue 
limit 

0 Miner- modified according to Haibach [38] (MH) 
where a fictitious S-N curve below the fatigue limit 
with a reduced slope 2k-1 is assumed 

0 Miner-elementary (ME), with a fictitious S-N curve 
prolonged below the fatigue limit i.e. any fatigue 
limit is neglected. 

Finally a forth method recently proposed by Zenner and 
Liu [39] (ZL) was included which consists of a linear 
Miner type prediction based on an artificial S-N curve. 
That S-N curve is constructed as follows, Fig. 4: Since it 
has been observed that even elementary Miner predic- 
tions can produce unconservative results, a steeper slope 
than the original slope k should be applied. With regard 
to the crack propagation phase which often considerably 
contributes to total life, a fictitious slope 
k* = !h (3.5 + k) is proposed which is the average of the 
actual slope k and k = 3.5 which would be typical for 
crack propagation. Based on results from omission tests 
[31, 321, a cut-off level, i.e. a new "fatigue limit", is 
considered which is 50 96 of the actual fatigue limit. 
The artificial S-N curve starts for the maximum load 
range of the spectrum at the original S-N curve. Thus 
for each overall stress level a new artificial S-N curve is 
constructed and used for prediction. It is obvious that 
some of the elements of that proposal are similar to 
previous methods [6], but more recent knowledge ap- 
pears to be incorporated to the new method which is 
easy to implement. 

5.4 Results and Discussion 
Gassner curves, i.e. S-N curves for spectrum loading, 
were predicted for each of the components applying the 
four versions of Miner type damage calculations men- 
tioned above. Examples are shown in Figs. 5 and 6. For 
each test result the life ratio D = Ntest/Npred was deter- 
mined which is equivalent to an individual damage sum 
Di for that specimen. These life ratios were compiled 
and mean and standard deviation of their logarithms 
were established for individual and grouped data sets. 
From the standard deviations, a scatter factor 
T = D,,/D,,, was derived assuming a log normal 
distribution for the life ratios, Di. Thus these scatter 
factors include both the scatter due to eventually in- 
adequate hypotheses and the experimental scatter. Since 
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different hypotheses are checked against a common data 
pool, that procedure appears to be tolerable. 

In Fig. 7 all prediction results are compiled in terms of 
the respective mean life ratios, B, and the associated 
scatter factors, T. These have been obtained individually 
for each of the five components and each of the two 
spectra. 

The most significant value for an assessment of hypo- 
theses is the scatter factor which in this case gives a 
measure how good the characteristics of the Gassner 
curve, i.e. the effect of the overall load level, is predic- 
ed. A small scatter factor may well be accompanied by 
a relatively large error of the overall position of the 
predicted Gassner curve. Fig. 7 indicates that none of 
the hypotheses tested exhibits a clear superiority above 
the others with respect to scatter factors, T, as an assess- 
ment criterion. The smallest scatter values are found for 
the recent proposal of ZennerLiu as well as for the 
original and modified Miner predictions, respectively. 

It is interesting to note that the influence of the overall 
load level is predicted most accurately by the original 
Miner rule when the maximum load ranges are close to 
the fatigue limit, Fig. 6. In this case, the method of 
ZennerLiu is worst due to a significant difference be- 
tween the predicted and actual slope of the Gassner 
curves, respectively. 

In most cases the predictions are unconservative ranging 
down to E= 0.053 for the cast Juminium wheel, which 
corresponds to an overestimation of fatigue life by a 
factor of 19. 

Still more important, however, the mean life ratios are 
significantly different for the two spectra when the 
conventional Miner type predictions are considered. For 
spectrum I characterizing customer usage meall = 0.14 
is found on an average using Miner original whereas for 
test track usage (spectrum 11) Emmean = 0.56. This means 
that experimental experience collected on test or race 
tracks cannot directly be used for design for customer 
usage via a relative Miner approach. With regard to that 
criterion the ZennerLiu proposal works best because 
the range of mean life ratios observed for the two 
spectra is significantly smaller than those found for the 
other hypotheses. 

Up to now predictions for individual test results were 
separately evaluated for each of the components and the 
two spectra, respectively. Thus the overall load levels 
which were selected for the described test programme 
were considered. Taking the view of industrial applica- 
tion, a different criterion would perhaps be more signi- 
ficant where an overall load level is chosen for evalua- 
tion which can be called a design load level. This load 
level is the maximum load range which is expected for 

the design life excluding, however, overloads resulting 
from mis-use or near-accident situations. Here the pre- 
dictions are compared to the respective mean experi- 
mental spectrum fatigue lives. The mean life ratios and 
associated scatter factors for that load level are com- 
piled in Fig. 8 where the results for all five components 
are combined. 

The most striking conclusion from that figure is the 
superiority of the ZennerLiu proposal when both 
spectra are commonly evaluated. Besides the lowest 
scatter factor for the predictions, a mean life ratio near 
unity is found. 

It is obvious that different criteria may be employed for 
an assessment of fatigue life prediction hypotheses 
leading to sometimes contradicting conclusions. It is 
essential, therefore, to clearly state the criteria used 
when such hypotheses are evaluated on the basis of 
relevant experimental data. 

6 CONCLUDING REMARKS 0 
For an assessment of fatigue life prediction hypotheses 
several requirements have to be fulfilled which are not 
easily met. Since the conditions, prerequisites and 
consequences of an application of fatigue life predic- 
tions are extremely varying, it is not realistic to expect 
or look for prediction concepts which are generally 
applicable. 

When fatigue life prediction is applied in industry 
Miner's Rule is still in use partly due to its shqplicity, 
but also due to incorporation of basic fatigue data which 
inherently reflect many of the fatigue-relevant features 
such as size, surface finish etc. It is, however, evident 
that the complex process of fatigue (crack) initiation 
and accumulation (crack propagation) under variable 
amplitude loading is oversimplified by the linear da- 
mage accumulation rule. This has been confirmed again 
on the basis of the large test programme on actual com- 
ponents from automotive suspension systems as shown 
in the paper. 

0 
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SUMMARY 

This pa er reviews the capabilities of a plasticity- 
induce s crack-closure model and life-prediction 
code to predict fatigue crack growth and 
fatigue lives of metallic materials. Crack-tip 
constraint factors, to account for three-dimensional 
effects, were selected to correlate large-crack 
growth rate data as a function of the effective- 
stress-intensity factor range (AKeff) under constant- 
amplitude loading. Some modifications to the 
AKeff- rate relations were needed in the near- 

reshold re ime to fit small-crackgrowth rate 

then used to calculate small- and large-crack 
rowth rates, and in some cases total fatigue lives, B or several aluminum and titanium alloys under 

constant- am litude, variable-amplitude, and 

using the crack-growth relations and 
microstructural features like those that initiated 
cracks. Results from the tests and analyses 
agreed well. 

@ ehavior an 8 endurance limits. The model was 

spectrum loa 8 ing. Fatigue lives were calculated 
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AKth Large-crack AK threshold 
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Crack length in thickness B) direction 
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Specimen thickness 
Crack length in width (w) direction 
Initial defect or crack length in w-direction 
Boundary correction factor 
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Applied stress 
Crack-opening stress 
Maximum applied stress 
Mean flight stress 
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Specimen thickness for through or corner 
crack; half-thickness for surface crack 
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Global constraint factor from finite- 
element analysis 
Crack extension in c-direction 
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oys all Ultimate tensile strength 
0 Cyclic-plastic-zone size 

Yield stress (0.2 percent offset) 

1. INTRODUCTION 

The use of damage-tolerance and durability design 
concepts based on fatigue- crack rowth in aircraft 
structures is well established ?Ref 1 and 2) 
The safe-life approach, using standard fatigue 
analyses, is also used in many desi ns. In 

anomalies such as the small-crack effect and the 
various crack-tip shielding mechanisms (Ref 3 and 
4) have improved our understandin of the crack- 

In the new metallic materials, such 
as the aluminum-lithium alloys, crack shielding and 
failure mechanisms are more complex than in 
conventional materials due to crack growth along 
tortuouscrack paths (Ref 5). Over the past 
decade, the intense experimental studies on small 
or short crack growth behavior in these metallic 
materials have led to the realization that fatigue life 
of many materials is primarily "crack growth" from 
microstructural features, such as inclusion 
particles, voids or slip-band formation. 
Concurrently, the 
analyses of some 
mechanisms, such as 
induced crack closure, 
corner-crack configurations have led to more 
accurate crack growth and fatigue life prediction 
methods. 

On the basis of linear-elastic fracture mechanics 
(LEFM), studies on small cracks (10 pm to 1 mm) 
have shown that small cracks grow much faster 
than would be predicted from large crack data (Ref 
3 and 4). This behavior is illustrated in Figure 1, 
where the crack-growth rate, da/dN or dc/dN, 
is plotted against the linear-elastic stress-intensity 
factor range, AK. The solid (sigmoidal) curve 
shows typical results for large cracks in a 
given material and environment under constant- 
amplitude loading (R = Smin/Smax = constant). 
The solid curve is usually obtained from tests with 
largecracks. At low growth rates, the threshold 
stress-intensity factor range, AKth is usually 
obtained from load-reduction AK-decreasing) tests. 

at notches are shown by thedashed curves. 
These results show that small cracks grow at AK 
levels below the largecrack threshold and that they 
also can grow faster than large cracks at the same 
AK level above threshold. Small-crack effects have 
been shown to be more prevalent in tests which 

conventional metallic materials, crac f -growth 

growth rocess but have complicate 8 life-prediction 
metho 8 s. 

Some typical results for smal I cracks in plates and 

Presented at an AGARD Meeting on Xn Assessment of Fatigue Damage and Crack Growth Prediction Techniques: 
September 1993. 
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Fig. 1 Typical fatigue-crack-growth rate data for 
small and large cracks. 

have com ressive loads, such as negative stress 

During the last decade, research on small- or short- 
crack effects has concentrated on three 

are plasticity effects, metallurgical effects and crac 
closure (Ref 3 and 4). All of these features 
contribute to an inadequacy of LEFM and the use 
of the AK-concept to correlate fatigue crack growth 
rates. 

Some of the earliest small-crack experiments were 
conducted at hi h stress levels which were 

or elastic-plastic fracture mechanics concepts, such 
as the J-integral and an empirical length parameter 
(Ref 9), were developed to explain the 
observed small-crack effects. Recent research on 
the use of AJ as a crack-driving parameter suggest 
that plasticity effects are small for many of the 
earl and more recent small-crack experiments 
(R e / 10). But the influence of plasticity on small- 
crack growth and the appro riate crack-driving 
parameter is still being debatez 

Small cracks tend to initiate in metallic materials at 
inclusion particles or voids, in regions of intense 
slip, or at weak interfaces and grains. In these 
cases, metallurgical similitude see Ref 11) breaks 

growth rate is no longer an average taken 
over many grains). Thus, the local crack growth 
behavior is controlled by metallurgical features. If 
the material is markedly anisotropic (differences in 
modulus and ield stress in different 
crystallographic cy irections), the local grain 
orientation will strongly influence the rate of growth. 
Crack front irregularities and small particles or 
inclusions affect the local stresses and, therefore, 
the crack growth response. In the case of large 
cracks (which have large fronts), all of these 
metallurgical effects are averaged over many 
grains, except in very coarse-grained materials. 
LEFM and nonlinear fracture mechanics concepts 
are only be inning to explore the influence of 
metallurgica features on stress-intensit factors, 
strain-energy densities, J-integrals and ot er crack- 
driving parameters. 

ratios (Re P s 6-8). 

explanations for the behavior of such crac 

expected to invali J ate LEFM methods. Nonlinear 

down for these cracks (whic 6 means that the 

I! a 

Very early in small-crack research, the 
phenomenon of fatigue-crack closure (Ref 12) was 
reco nized as a possible explanation for rapid 
smafcrack growth rates (see Ref 13 
crack closure is caused by resi d .  ual Fatigue plastic a deformations left in the wake of an advancin 
crack. Only that portion of the load cycle for whic 
the crack IS fully open is used in com uting an 
effective stress-intensity factor range (&R) from 
LEFM solutions. A small crack initiating at an 
inclusion particle, a void or a weak grain does not 
have the prior plastic history to develop 
closure. Thus, a small crack may not be closed for 
as much of the loading cycle as a larger crack. If a 
small crack is fully open, the stress-intensit 
factor range is fully effective and the crack-growt 
rate will be greater than steady-state crack-growth 
rates. (A steady-state crack is one in which 
the residual plastic deformations and crack closure 
along the crack surfaces arefully developed and 
stabilized under stead -state loading.) Small- 

behavior because these cracks may initiate and 
grow in weak microstructure. In contrast to small- 

large-crack threshold, as illustrated in Figure 1, ha v crack growth behavior, the development of t 

also been associated with a rise in crack- openin 
load as the applied load is reduced (Ref 14 an 
15). Thus, the steady-state crack-growth behavior 
may lie between the small-crack and lar e-crack 

cu Ne. 

8 

crack growth rates are a Y so faster than steady-state 

% 
threshold behavior, as illustrated by the % ash-dot 

The purpose of this paper is to review the 
capabilities of a plasticity- induced crack-closure 
model (Ref 16 and 17) to correlate and to 
predict small- and large-crack growth rate behavior 
in several aluminum and titanium alloys under 
various load histories. Test results from the 
literature on aluminum alloys 2024-T3 (Refs 7, 18 
and 19), 7075-T6 (Ref 20), LC9cs (Ref 20) and 

21 and 22) and on titanium 
23 and 24), lMl-685 (Refs 23- 
23 and 24) under constant- 

amplitude loading were analyzed with the closure 
model to establish an effective stress-intensity 
factor range against crack growth rate relation. The 
effective stress-intensity factor range against crac. 
growth rate relations were then used in the closure 
model to predict large-crack growth under a single 
spike overload, an overload and underload, 
repeated spike overloads every 1000 cycles, 
TWIST (Ref 26) and Mini-TWIST (Ref 27) 
loading. Using the closure model and some 
microstructural features, a total fatigue life 
prediction method is demonstrated on a titanium 
alloy under constant- am litude loading and on 

load histories. The load histories considered were 
the FALSTAFF (Ref 28), Gaussian (Ref 29), 
TWIST (Ref 26) and Mini-TWIST (Ref 27). The 
crack configurations used in these analyses were 
through-crack configurations, such as center-crack 
and compact specimens, and three-dimensional 
crack configurations, such as a corner crack in a 
bar and a surface or corner crack at a semi-circular 
notch. 

several aluminum a1 P oys under various 
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2. CRACK-CLOSURE MODEL 

The crack-closure model (Refs 16 and 30) was 
developed for a central through crack in a finite- 
width specimen subjected to remote a plied stress. 

emanating from a circular hole and a plied to the 
growth of small cracks (Ref 15 and 31 . The model 

modified to leave plastically deformed material in 
the wake of the crack. A schematic of the model is 
shown in Figure 2. Here a crack is growing from a 
hole in an elastic body (Region 1). At the 
maximum applied stress, Smax, the material in the 
plastic zone, p, (Region 2) carries the stress, aoo. 
The constraint factor, a, accounts for the influence 
of stress state on tensile yielding at the crack front. 

The model was later extended to a t t: rough crack 

was based on the Dugdale model ( !I ef 32), but 

Y 

8 

%ax 
Y 

-X 

Smin 

-X 

(a) Maximum stress. (b) Minimum stress. 

Fig. 2 Schematic of plasticity-induced crack-closure 
model under cyclic loading. 

The flow stress 00 is the average between the yield 
stress and ultimate tensile strength. For plane- 
stress conditions, a is equal to unity (original 
Dugdale model); and for simulated plane-strain 
conditions, a is equal to 3. Although the strip-yield 
model does not model the correct yield-zone 
attern for plane-strain conditions, the model with a 
igh constraint factor is able to produce crack- d urface displacements and crack- opening stresses 

quite similar to those calculated from an elastic- 
plastic finite-element analysis of crack rowth and 

the crack grows under c clic loading, residual- 
plastic deformed material [Region 3 is left on the 

contact each other at the minimum applied 
stress. The material in the plastic zone and along 
the contacting surfaces was assumed to yield at 
-oo. (In the original model, the contacting 
surfaces were assumed to reduce the effectiveness 
of the crack and reduce the constraint around the 
crack front. On the basis of three- 
dimensional finite-element analyses, however, this 
assumption may need to be studied further but this 
is beyond the scope of the present paper.) Using 
the contact stresses, the crack-opening stress is 
calculated. The crack-opening stress is the applied 
stress level at whjch the crack surfaces are 
fully open and is denoted as SIo. The model is 
able to predict crack-opening stresses as a function 
of crack length and load history. The crack- 

closure for a finite-thickness plate (see 8 ef 33). As 

crack surfaces. During unloading, t 1 ese surfaces 

o ening stress is then used to calculate the 
e P fective stress-intensity factor range, AKeff (Ref 
12). In turn, the crack-growth rate is calculated 
using a AKeff-against-crack-growth-rate relation. 

In conducting fatigue-crack rowth analyses, the 

stress at the crack tip to account for three- 
dimensional stress states. At present, the 
constraint factor is used as a fitting parameter to 
correlate crack-growth rate data against AKeff 
under constant-amplitude loading for different 
stress ratios. However, tests conducted under 
single-spike overloads seem to be more sensitive 
to state- of-stress effects and may be a more 
appropriate test to determine the constraint factor. 

2.1 Effective Stress-Intensity Factor Range 

For most damage tolerance and durability 
analyses, linear-elastic analyses have been found 
to be adequate. However, for high stress- 
intensity factors, proof testing, and low-cycle 
fati ue conditions, linear-elastic analyses are 

are needed (see Ref 10). Herein, the linear-elastic 
effective stress-intensity factor range, developed by 
Elber (Ref 12), was used and is given by 

constraint factor a was use 8 to elevate the flow 

ina i equate and nonlinear crack-growth parameters 

where Smax is the maximum applied stress, SO is 
the crack-opening stress, and Fj is the usual 
boundary-correction factor. 

2.2 Constraint Variations 

As a crack grows in a finite-thickness body under 
cyclic loading (constant stress range), the plastic- 
zone size at the crack front increases. At 
low stress-intensity factor levels, plane-strain 
conditions should prevail but as the plastic-zone 
size becomes large compared to sheet thickness, a 
loss of constraint is expected. This constraint loss 
has been associated with the transition from flat-to- 
slant crack rowth, as illustrated in Figure 
3. Schijve (Re 9 34) has shown that the transition 
occurs at nearly the same crack-growth rate over a 
wide range in stress ratios for an aluminum 
alloy. Later, Schijve (Ref 35), using Elber's crack- 

Fatigue surface 

Tensile front 

Fig. 3 Fatigue crack surface showin transition 
from tensile- to shear-mode crack growt a . 
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closure concept, proposed that the transition 
should be controlled by AKeff. This observation 
has been used to help select the constraint-loss 
regime (see Ref 31). 

In a related effort to stud constraint variations 
using a three- dimensional elastic-plastic, finite- 
element analysis, some results are included here to 
help resolve the constraint-loss issue (see Ref 36). 
The finite-element code, ZIP3D (Ref 37), was used 
to analyze center-crack- tension and bend 
specimens made of a material with an elastic- 
perfectly- plastic stress-strain behavior. The 
analyses were conducted on a 2.5 mm- thick sheet 
with various half-widths (w) and a c/w ratio of 0.5. 
The crack front was flat and straight-through the 
thickness. The finite-element model (one-eighth of 
the specimen) had six layers through the half- 
thickness with the layer on the centerline of the 
specimen being 0.158 and the layer on the free 
surface being 0.0258. The smallest element size 

I around the crack front was about 0.03 mm. The 
number of elements was 5706 and the number of 
nodes was 7203. The finite-element model of the 
specimen was subjected to monotonic loading until 
the plastic zone extended across the net section. 

Because the current model uses a constant flow 
stress in the lastic zone, a global constraint factor, 

normal stress to flow stress (oyy /oo ) ratio in the 
plastic zone. Figure 4 shows a comparison of ~ C J  
as a function of the normalized applied K level for 
tension and bend specimens. The symbols show 
the results from the finite-element analyses for 
various specimen sizes. The upper dashed lines 
show the results under plane-strain conditions; the 
lower dashed line shows the plane-stress condition. 
The global constraint factor was nearly a 
unique function of the applied K level. Some slight 
differences were observed near the lane-stress 

the lobal constraint factor rapidly drops as the K 
leve P increases (plastic- zone size increases) and 
approaches a value near the plane-stress 
condition. The solid line is a simple fit to the finite- 
element results and shows that the constraint-loss 
regime may be defined by a unique set of K values 
under monotonic loading and, possibly, AKeff under 
cyclic loading. In the current model, the constraint- 

9, was cp efined as the average of the 

conditions (high K levels). These resu P ts show that 

4 

3 

ag 

1 

0 

Plane strain (bend) w ,  Tension Bend 
10 0 - - 0  0 - - 0  / 

-7-- 
Plane strain 
(tension) 

_ _ _ _ _ _ _ _ - -  
B = 2.5 mm r--- 

Plane stress c/w = 0.5 

0.1 0.5 1 5 10 

K/(a,dB) 

Fig. 4 Global constraint factors from three- 
dimensional finite-element analyses. 

loss regime is defined by a set of crack-growth 
rates because the transition from flat-to-slant crack 
growth seems to occur at unique rates. This 
assumption also implies that a unique set of AKeff 
values define the constraint-loss regime. 

2.3 Constant-Amplitude Loading 

In Reference 38, crack-opening stress equations 
for constant-amplitude loadin were developed 

crack tension specimen. These equations give 
crack opening stresses as a function of stress ratio 
(R), maximum stress level (Smax/oo ) and the 
constraint factor (a). To correct the previous crack- 
opening stress equations for extreme1 hi h crack- w eference 17. The new equations give crack- 
opening stresses that agree fairly well with results 
from the modified closure model. These uations 

relations that are used in the life-prediction code 
FASTRAN-II (Ref 39) to make crack-growth and 
fatigue-life predictions. A typical comparison 
between the model and the e uations for a crack i 

shows crack-opening stresses as a function of 
crack length for a crack in an infinite plate at low R. 
To severely test the equations with a rapid change 
in constraint, a was selected to be 2.4 for rates less 
than 1E-04 “/cycle; and a was 1.2 for rates 
greater than 1 E-03 mm/cycle. The solid curve 
shows the calculations from the model. To use the 
crack-opening stress equations, the R ratio, the 
Sm&oo ratio and the constraint factor must be 
known a priori. In this example, the constraint 
factor is unknown as a function of crack length. 
Because rates are used to control the constraint 
factor in the model, the crack-groyth rate must be 
known to calculate the crack-opening stress. The 
crack-length-against-cycles results from the model 
were therefore used to determine the rate for a 
given crack length. Knowing the rate, then the 
constraint factor is calculated from 

a = a2 + (ai  - a2)[ln(dddN) - ln(r2)]/[ln(r1) - In(r2)] 

constraint factors, and r l  and r2 are the rates, at 

from crack-closure model calcu B ations for a center- 

rowth rates, a modification was dv eveoped in 

are used to develop the baseline A ? &rate 

6) a titanium alloy is shown in si igure 5. Thisfigur 

for r l  e dc/dN < r2 where a1 and a 2  are th d 
0.8 

0.6 

SA 

Smax 
0.4 - 

0.2 

0.0 

Sma,/ao = 0.5 Titanium alloy 
- Closure model R = 0.1 

w = m  - - Equations (Ref 17) 

.____ ___,... ” _ _ _ _ - _ - -  - - - - - - - - -  
,-- 

-_--_ / d a a 2 . 4  U =  1.2 I 
N/Nf = 0.4 N/Nf =: 0.85 N/Nf = 1.0 

0 5 10 15 20 
c, mm 

Fig. 5 Calculated crack-opening stresses from 
model and equations. 
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the beginning and end of the constraint-loss 
regime, respectively. For rates less than r l  , a = a1 
and for rates greater than r2, a = a2. Once the 
constraint factor has been determined, then the 
crack- openin stress is calculated from the 

the results from the equations agreed well with 
the model. Some differences were observed in the 
transition region between a = 2.4 to 1.2, but the 
maximum error in calculating AKeff was only 4 
percent. The small vertical lines indicate the 
corresponding life ratio (N/Nf), in addition to 
indicating regions of constant constraint. 

2.4 Spectrum Loading 

For variable-amplitude and spectrum loading, the 
crack-closure model must be used to compute the 
crack-opening stress history. Some ical crack- 
opening stresses under the Mini- TR, IST load 
sequence for a small surfacecrack in a single- 
edge-notch-tension (SENT) specimen are shown in 
Figure 6. In the small-crack simulation, an initial 
efect size of ai = 3 pm and C i  = 9 pm was used. 

is size corresponds to inclusion-particle sizes 
at initiate cracks in some aluminum alloys Refs 7 

and 8). Variable constraint was selected I or this 
simulation. The constraint factor (a) was 1.8 
for crack-growth rates less than 7E-04 mdcycle 
and 1.2 for rates greater than 7E-03 mdcycle. 

equations (das a ed curve). For constant a regions, 

e 
1 .o 

0.5 

Sb 
Smax 
- 

0.0 

Mini-TWIST Aluminum alloy 
73 MPa - Closure model 

a = 1.8 to 1.2 
Surface crack at notch 
r = 3 . 2 m m  ~ = 3 p m  

I 
-0.5 

0.0 0.2 0.4 0.6 0.8 1 .o 
N/Nf 

a g .  6 Calculated crack-opening stresses for small 
surface crack under spectrum loading. 

The figure shows crack-opening stress (normalized 
by the maximum stress in the spectrum) plotted 
against the ratio of applied cycles to cycles-to- 
failure (N/Nf). The predicted cycles to failure, Nf, 
was about 800,000 cycles. These results show 
that the opening stresses start near the minimum 
stress in the spectrum and rise as the crack grows. 
Crack-opening stresses tended to level off for N/Nf 
between 0.7 and 0.9. The rapid jump in S’o/Sma 
for an N/Nf ratio of about 0.92 was caused by the 
change in constraint from 1.8 to 1.2 at the higher 
crack- rowth rates. The surface crack became a 
throug a crack (a/t = 1) at an N/Nf ratio of about 0.9. 

3. LARGE-CRACK GROWTH BEHAVIOR 

To make life predictions, AKeff as a function of the 
crack-growth rate must be obtained for the material 

of interest. Fatigue crack-growth rate data should 
be obtained over the widest possible range in rates 
(from threshold to fracture), especially if spectrum 
load predictions are required. Data obtained on the 
crack configuration of interest would be helpful but 
it is not essential. The use of the nonlinear crack- 
tip parameters is on1 necessary if severe loading 
(such as low c c e fatigue conditions) are 
of interest. Most d Y  amage-tolerant life calculations 
can be performed using the linear elastic stress- 
intensity factor analysis with crack- 
closure modifications. 

3.1 Constant-Amplitude Loading 

Under constant-amplitude loading, the only 
unknown in the analysis is the constraint factor, a. 
The constraint factor is determined by finding 
(by trial-and-error) an a value that will correlate the 
constant-amplitude fatigue-crack-growth-rate data 
over a wide range in stress ratios, as shown in 
References 30 and 38. This correlation should 
produce a unique relationship between AKeff and 
crack-growth rate. In the large-crack- 
growth threshold regime for some materials, the 
plasticity-induced closure model may not be able to 
collapse the threshold (AK-rate) data onto a 
unique AKeff-rate relation because of other forms 
of closure. Roughness- and oxide-induced closure 
(see Ref 40 appear to be more relevant in 

closure. This may help explain why the constraint 
factors needed to correlate crack-growth rate data 
in the near threshold regime, that is, plane-strain 
conditions, are 1.7 to 1.9 for aluminum alloys, 1.8 
to 2 for titanium alloys and 2.5 for steel. 
However,fut-ther study is needed to assess the 
interactions between plasticity-, roughness- and 
oxide-induced closure in this regime. If the 
plasticity- induced closure model is not able to give 
a unique AKeff-rate relation in the threshold regime, 
then high stress ratio (R 2 0.7) data may be used 
to establish the AKeff-rate relation. 

In the following, the AKeff-rate relations for one 
aluminum allo and two titanium alloys will be 
presented an discussed. Similar rocedures 
were used to establish the relations ips for all 
materials used in this study. The large-crack results 
for 7075-T6 aluminum allo are shown in Figure 7 

at three stress ratios (Ref 20). The data collapsed 
into a narrow band with several transitions in slope 
occurring at about the same rate for all stress 
ratios. Some differences were observed in the 
threshold regime. For these calculations, a 
constraint factor a of 1.8 (nearly equivalent to 
Irwin’s plane-strain condition) was used for rates 
less than 7E-04 mdcycle (start of transition from 
flat-to-slant crack growth) and a equal to 1.2 was 
used for rates greater than 7E-03 mdcycle (end of 
transition from flat-to-slant crack growth). For 
intermediate rates, a was varied linearly with the 
logarithm of crack-growth rate. The values of a 
were selected by trial-and-error. The solid symbols 
(see upper left-hand portion of figure) denote 
measured rates at the end of transition from flat-to- 
slant crack growth (Refs 20 and 41). It has been 
proposed in Reference 31 that the flat-to-slant 
crack- growth transition region may be used to 

the threshol 0) regime than plasticity-induced 

R CY 

for data generated at two C Y  iff erent laboratories and 
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"/cycle 

7075-T6 B = 2.3 m m  - 

- R (Ref 23) R (Ref 25) 
0 0.1 0.1 
0 0.7 0.33 

- A 0.61 
+ 0.78 

Center-crack tension 

dc/dN 
"/cycle 

Transition rate: 
Ref 20 (R = 0) 
Ref 41 (R = 0.1) 

0.5 1 5 10 50 
AKeff, MPadm 

Fig. 7 Effective stress-intensity factor range against 
rate for large cracks in an aluminum alloy. 

indicate a change from nearly plane- strain tu 
plane-stress behavior and, consequently, a change 
in constraint. In the low crack-growth rate regime, 
near and at threshold, some tests (Ref 14) and 
analyses Ref 15) have indicated that the threshold 

stress-to-maximum-stress ratio due to the loa8 
shedding procedure. In the threshold regime then, 
the actual AKeff- rate data would lie at lower values 
of AKeff because the rise in crack- opening stress 
was not accounted for in the current analysis. For 
the present study, an estimate was made for this 
behavior and it is shown by the solid line below 
rates of about 2 6 6  mmkycle. The baseline 
relation shown by the solid line will be used later to 
predict small-crack growth rates and fatigue lives 
under constant-amplitude loading. 

Figure 8 shows the AKeff-rate data for corner 
cracks in 10 mm-thick Ti-6AI- 4V titanium alloy (Ref 
23). In these tests, the initial defect size was a 250 
pm-quarter-circular electrical-discharged machined 
notch. The data correlated quite well with a 
constant constraint factor of 1.9. For thick 

develops 6 ecause of a rise in the crack-openin - 

10-2, Ti-6AI-4V ~ 

Closure model 

- Baseline 
10-3 U = 1.9 

1 o - ~  

1 o - ~  

da/dN 
"/cycle 

Compact 
. Corner crack B = 1 3 m m  

R (Ref 42) 
0.1 
0.74 

A 0.82 
0.9 

- - Ref 24 
(Corner crack) 

10-7 
1 10 100 

AK,ff. MPadm 

Fig. 8 Effective stress-intensity factor range against 
rate for small and large cracks in a titanium alloy. 

materials, the loss of constraint, as shown for the 
thin 7075-T6 alloy (Fig 7), may occur at higher 
values of AKeff than those shown for the 
thinner material. Consequently, a constant 
constraint factor was used over the whole rate 
range. The solid symbols show the results of 13 
mm-thick compact specimens (Ref 42) tested over 
a wide range of R ratios and down to much lower 
rates than the corner-crack tests. The baseline 
relation (solid line), fit to the corner-crack results in 
the mid-region and the com 
rate regime, will be used 
growth rates for tests with 
every 1000 cycles. 

The AKeff-rate results for IMI-685 titanium alloy 
compact specimens (Refs 23 and 25) are shown in 
Figure 9. This material was selected because 
"roughness-induced" closure was expected to be 
prevalent. These data also illustrate two difficulties 
with correlating test data using the linear-elastic 
effective stress-intensity factor ranges and the 
plasticity- induced closure model. First, the high R 
ratio results tend to deviate from the low R ratio 
results near the end of the tests. These specime 
were cycled to failure and the last few data poin 
were taken immediately before the specimen failed. 
The maximum stress level for the high R ratio test 
was considerably higher than that used for the low 
R ratio test; and plasticit effects would have been 

resultin in higher rates for a given value of elastic 
AKeff. PI owever, fitting the AKeff relation to the low 
R ratio results (solid line) will allow accurate life 
prediction for both the low and high R ratio 
conditions, because the high R ratio tests are 
predicted to fail at a AKeff value of 23 
MPadm (fracture toughness Kc = 80 MPaqm). 
Thus, accurately modelling the upper tail of the 
high R ratio test would not have greatly affected the 
number of cycles to failure. The second difficulty 
with the model occurs in the threshold regime and 
shows that threshold data (load-reduction tests) 
begin to form bands of data as a function of R, 
especially for materials where rou hness-induced 

@ 

greater in the high d( test than the low R, 

may occur. The stea ! y-state crack- closure 
opening 

dc/dN 

m stress equations do not account for a 

1 o-2 

1 o - ~  

. lMl-685 
B = 1 3 m m  
Compact 

. Closure model 
a = 1.8 
- Baseline 

1 10 100 
10-6 

AKeff, MPadm 

Fig. 9 Effective stress-intensity factor ran e against 
rate for large cracks in lMl-685 titanium a Y loy. 
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load - reduction effects nor roughness - induced 
closure which is expected to be dominate in the 
lMl-685 alloy. Because cracks in the high R ratio 
tests are expected to be fully open, these results 
were used to determine the AKeff relation at the 
low rates. The baseline relation will be used later to 
make crack growth predictions under repeated 
spike overloads. 

3.2 Spike Overload and Underload 

For variable-amplitude or spectrum load crack- 
growth predictions, the constraint factor should also 
be verified by some simple tests, such ascrack 
rowth after a single-spike overload. Constraint 

kctors appear to be more sensitive to crack- rowth 

different stress ratios. Higher values of a will cause 
less load-interaction effects, such as retardation or 
acceleration, than lower values of constraint. Thus, 
spike- overload tests may be more useful in 
establishing values of a than constant- amplitude 
tests. However, the constraint factors determined 

spike- overload tests should also correlate 

A comparison of measured and predicted rates for 
large cracks after a single spike overload and after 
a single spike overload followed by an 
underload are shown in Fi ure 10. Cracks were 
grown under constant-am4tude loading (R = 0.4 
with Kmax = 19.7 MPadm) to a crack length of 12 
mm. In one case, a single overload, KOL = 31.4 
MPadm, was applied and then the test 
was returned to constant-amplitude loading. The 
second case was identical to the first case, except 
that an underload KUL = -3.9 MPadm was 
applied immediate1 after the overload. Two 

rates in the 7475 alloy (Ref 22): the direct-current 
potential method (solid symbols) and the scanning- 
electron microscope open symbols). The predicted 

curves) agreed well with the test results, especially 
or the overload-underload case. For the overload 

se, the experimental rates did not appear to 
abilize at the re-overload rates as quickly as the 

dela s caused b single-spike overloads t a an to 
crac i growth un cy er constant-amplitude loading at 

gt: nstant-amplitude data (see Ref 43). 

methods were use cy to measure crack length and 

results using the c I osure model with a = 1.9 

I 
@ predictions. 7 hese results indicate that the 

7475-l7351 B = 8 mm 1 CentFr-crack tension 

Closure model (a = 1.9) 
- Overload 
- - Overload-Underload 

7-7 - Test (Ref 22) 

0 A SEM 

1 o - ~  I 

-0.2 0.0 0.2 0.4 0.6 0.8 1.0 
Ac after peak load, mm 

Fig. 10 Measured and predicted rates after an over- 
load and overload-underload sequence. 

constraint factor of 1.9 is appro riate for these 

would be expected to cause some loss 
of constraint (lower a). Under these conditions, the 
analyses using an a = 1.9 would be expected to 
predict hi her rates and less retardation than 

to predict the behavior. 

3.3 Repeated Spike Overloads 

Figures 11 and 12 show measured and predicted 
AK-rate results for repeated spike overloads 
applied to compact and corner-crack specimens 
made of IMI- 685 and Ti-17 titanium alloys, 
respectively. These tests were conducted-under 
constant-amplitude loading (R = 0.1) with an 
overload (POL = 1.7 Pmax) applied every 1,000 

23 and 24). The overall trends in 
results for the IMI-685 corner-crack 

agreed well with the test results at low 
rates. However, the predicted rates tended to be 
somewhat high in the middle and upper ranges. 
Although the predicted results for the com act 
specimen agreed fairly well with the test &la, 
the test results on each individual specimen were 

1 lMl-685 (Ref 23) 

conditions. But overloads at hig t: er KOL values 

the tests. 9 hus, variable constraint may be needed 

I 
Repeated spike 

1 o - ~  

da/dN 1 o - ~  

1 o - ~  

10-6 

"/cycle 

Test 
0 Corner crack 
0 Compact 

Closure model 
- Corner crack 

, - -  Compact 

I 

1 10 100 
10-7 I 

AK, MPadm 

Fig. 11 Measured and predicted rates for IMI-685 
titanium alloy under repeated spike overloads. 

Ti-17 (Refs 23 and 24) 
Repeated spike 
Test 
0 Corner crack 
o Compact 

F 

Closure model 
- Corner crack 
- -  ComDact 

1 10 100 

Fig. 12 Measured and predicted rates for Ti-17 
titanium alloy under repeated spike overloads. 

AK, MPadm 
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not modelled very accurately. The measured rates 
on one of the compact specimens in the be inning 
of the test were much lower than redicte!. The 

rates was caused by averaging rates over less 
than 1000 cycles, thus accelerations and 
retardations during and after the spike overload are 

The comparison of measured and 
rates on the Ti-17 alloy agreed quite well 

of predicted-to- test lives 
these titanium alloys and Ti-6AI-4V, for 

configurations, ranged from 0.57 to 
2.12 but most results were within about 20 percent 
of the test results. These results are presented 
and discussed in Reference 24. 

oscillating behavior in the predicte C Y  results at high 

3.4 Spectrum Loading 

Wanhill (Ref 18) conducted spectrum crack-growth 
tests on center-crack tension specimens made of 
2024-T3 Alclad material in two thicknesses (B = 1.6 
and 3.1 mm). Tests were conducted under the 
TWIST spectrum clipped at Levels I and Ill with 
Smf = 70 MPa. The initial crack starter notch half- 
length was 3.5 mm. Com arisons are made 

against flights for Level Ill; and experimental and 
calculated crack length against crack-growth rate 
for Levels I and Ill. 

between experimental and ca P culated crack length 

Crack-length-against-flight data on the 3.1 mm- 
thick specimens tested under the TWIST (Level Ill) 
loading are shown in Figure 13. The solid curve 
is the calculated results from the closure model 
with the variable-constraint condition (a = 2 to 1) 
using the baseline AKeff-rate relation 
and constraint-loss regime established in 
Reference 44. To illustrate why the variable- 
constraint conditions are necessary, example 
calculations were made for constant constraint 
conditions of either a = 1 or 2 (dashed-dot 
curves). The model with a low constraint condition 
(a = 1) predicted much longer flights to a given 
crack length than the test data. Conversely, 
the predicted results for the higher constraint 
condition (a = 2) greatly under predicted the 
behavior except in the early stages of growth. 
Thus, the lacement of the constraint-loss regime 

predictions under aircraft spectrum loading. 
is crucia P to making accurate crack- growth 

c, mm 

Closure model 
- a = Z t o l  

a = 1 or 2 

0 5 10 15 20 25 30 

Flights x lo3 

Fig. 13 Measured and calculated crack-length- 
against-cycles under TWIST spectrum loading. 

Figure 14 shows a comparison between 
experimental (Ref 18) and calculated results of 
crack length against dc/dF under the TWIST 
loading (Levels I and Ill) for the 1.6 mm-thick 
specimens. The crack-growth rate, dc/dF, is 
thechange in crack length per flight. For both 
levels, the closure model was able to calculate the 
initial rates quite accurately (curves). 
Calculated results under Level Ill agreed with the 
test results over nearly the complete range of crack 
lengths. The calculated results under Level 
I, however, began to deviate from the test results 
after a crack length of about 12 mm. The ratio of 
calculated life to test life from an initial crack length 
of 3.5 mm to failure was 0.61 for Level 1. 

1 o - ~  

1 o - ~  
dc/dF 

mm/f ligh t 

10-6 

1 o-' 

1 

~ ~ 

5 10 20 50 
c. mm 

Fig. 14 Measured and calculated rates for large 
cracks under TWIST spectrum loading. 

4. SMALL-CRACK GROWTH BEHAVIOR 

In the following, comparisons are made between 
measured and predicted crack- shape chan es and 
crack-growth rates for small surface crac 9( s at a 
notch in 7075-T6 aluminum alloy under constant- 
amplitude loading. Comparisons are also 
presented on measured and predicted rates for 
small corner cracks at a notch in LC9cs clad 
aluminum alloy under both constant-amplitude an 
Mini- TWIST spectrum loading. The plastic-replic 
method was used to measure the initiation and 
growth of the small cracks and these results are 
presented and discussed in Reference 20. 

Fi ure 15 shows the crack-depth-to-crack-length 
c ratio plotted against the crack-depth-to-sheet- 

ha1 '"9) -thickness (a/t) ratio for the 7075-T6 
alloy. Measured a/c and a/t ratios (open symbols) 
were determined from an experimental method 
where specimens were broken at various stages 
during their life. Results are shown for three stress 
ratios and for the Mini- TWIST spectrum loading. 
The spectrum has an overall stress ratio 
(minimum to maximum stress in the spectrum) of 
-0.23. The solid symbols show the sizes and 
shapes of inclusion-particle clusters or voids which 
initiated cracks (average size was ai = 3 pm and Ci 
= 9 km). 

The curves in Figure 15 show the predictions for 
the different stress ratios using the average 
inclusion-particle cluster size. In the analyses, 

a 
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1.5 1 Surfoce crack 
Prediction 

R = - 1  

R = O  
R = 0.5 

a/c 

I 
Test (Ref 20) 

O R =  0 
A R = 0.5 

Mini-TWIST 

O R = -1 

Material particles or void 

0.0 I 

0.0 0.2 0.4 0.6 0.8 

a/t 
Fig. 15 Measured and predicted surface-crack 
shape changes in a bare aluminum alloy. 

the crack-growth rate relations for da/dN was 
different than that for dc/dN as a function of AKeff 

ee Ref 20). The tests and analyses show that a all surface cracks tend to rapidly approach an 
a/c ratio of about unity for a large part of their 
growth through the thickness. 

Comparisons of experimental and predicted crack- 
growth rates for small cracks under R = -1 loading 
are shown in Figures 16 and 17 for 7075-T6 
and LC9cs allo s, respectively. For the 7075-T6 

the LC9cs alloy, small corner cracks initiated in the 
cladding layer from slip-band formation (cladding 
thickness was 50 to 70 m). Even though the 

series are indicated on the figures, no stress-level 
effect was apparent in the test data and all data 
have been rouped together. However, a range in 

some expected trends with stress level. The dash- 
dot line show the large crack dc/dN) results and 

the analyses for da/dN. The solid curves show e predicted results using an initial defect size 

allo , small su r? ace cracks initiated along the notch 
su IY ace from inclusion-particle clusters or voids. For 

range in maximum stress P evels used in each test 

stress leve B s was used in the analyses to show 

the dashed line show the AKe d -rate curve used in 

I 

da/dN 
nm/cycle 

7075-T6 (Ref 20) 
R = -1 

- Closure mo 

Smoll surface crack 
95 MPa 

J I  !J- ._ i. . . . . . a  

1 5 10 50  

AK, MPadm 

Fig. 16 Measured and predicted small surface 
crack-growth rates in a bare aluminum alloy. 

(3 by 9 by 0.5 m for 7075- T6; and 77 by 77 by 0.5 
pm for LCgcsr All predictions start on the AKeff 
curve because cracks at small voids were assumed 
to be fully o en on the first cycle and AK is equal to 
AKeff. 
the predictions from the model did not agree very 
well with the test data for S m a  = 80 to 95 MPa in 
the near threshold regime. In Reference 20, part 
of this discrepanc was attributed to an influence of 

notch surface. Fatigue lives for specimens with 
replicas were much longer (about a factor of 4) 
than those without re licas. However, the 

and hi h-rate range. At 70 MPa, the predictions 

minimum rate) at a AK-value of about 2 MPadm. 
At this point the AKeff was slightly greater than 0.9 
MPadm, the effective threshold for small cracks. 
(Note that the endurance limit for R = -1 was about 
70 MPa, see Reference 20.) 

For the LC9cs alloy Fig 17), the predictions from 

70 to 90 MPa in the early stages of crack growth. 
The predicted rates seem to be slightly low in the 
mid- to high- rate range. At 50 MPa, the 
predictions show a large dro in the crack- growth 

would have been predicted to arrest if an applied 
stress of 40 MPa had been used. Again, the 
effective threshold for small cracks was assumed to 
be 0.9 MPadm and the endurance limit was about 
40 MPa. 

F or the 7075-T6 alloy (Fig 16), 

the acetone use J in taking plastic replicas of the 

predictions did agree wit R the test data in the mid- 

show t 9, at the crack would be nearly arrested 

the model agreed we1 I with the test data for SmM = 

rates, similar to the 7075- f 6 alloy. The crack 

da/dN 
"/cycle 

- 

- 

- 

- 

- 

R = -1 

- Closure model,' 

Small corner crack 
' 5 0  . , Sma, = 7 0  to 90 MPa 

i 
! 

0.5 1 5 10 50 

AK, MPodm 

Fig. 17 Measured and predicted small comer crack- 
growth rates in a clad aluminum alloy. 

The measured and redicted small-crack growth 

Figures 18 for the LC9cs alloy. Here the 
"average" crack-growth rate is plotted against the 
"maximum range" stress-intensit factor. The 

len th per replica interval (about 30,000 cycles) 
an 8 the stress-intensity factor range is computed 
using the maximum and minimum stress levels in 
the Mini-TWIST spectrum. The predicted values 
were determined in the following way. Crack length 
(2a) and cycle results were taken from the analysis 
at nearly equal cyclic intervals between the initial 

rates for the Mini- ? WlST loading are shown in 

average crack-growth rate is the c 1: ange in crack 
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do/dN 
"/cycle 

10-8 

1 o - ~  

crack length and breakthrough (a = 1). From these 
values of crack length and cycles, the average rate 
and maximum range stress-intensity factor were 
calculated. The predicted rates (solid curve) 
agreed well with the experimental data for both 
small- and large- crack behavior. 

Large 
./' crock 

LC9cs (Ref 20) 
B = 2 m m  
Mini -TWIST 

- O - Closure model 
Smox = 150 MPo 

- 
O Smoll corner crock 

0 - Smox = 125 to 170 MPo 

d 

t 

R = -1 . - Closure model 
(ai = 3 bm; ci - 9 pm) 

4 

B = 2.3 mm 

t R = 0.5 
150 . 

'mar  

hiPo l o o .  O M o - ,  

R = O  
- .  

crack size was ai = 3 pm, Ci = 9 pm and b = 0.5 
pm (defect or void half-height). This crack size is 
the avera e inclusion- particle or void size that was 
measure % at actual crack-initiation sites. The 
effective stress-intensity factor range a ainst rate 
relation used in the analysis is given in w eference 
20 and (AKeff)th was assumed to be 0.9 MPadm. 
Using the life-prediction code {Ref 39), predictions 
were made for constant-amplitude loadin . The 

to failure. The redicted lives were in reasonable 
In addition to 

predicting fatigue life, the analysis methodology 
was also able to fit the endurance limit as a 
function of stress ratio. 

Fatigue tests were conducted on Ti-6AI-4V titanium 
alloy double ed e notch tension (DENT) specimens 

Programme (Ref 24). These results (symbols) are 
shown in Figure 20 for two fan disc forgings. To 
make fatigue life calculations, the baseline AKeff- 
rate relation, shown in Figure 8, was used to 
calculate the life of the titanium specimens. 
Because no information on crack-initiation behavi 
was given in Reference 24, life calculations we 
made on initial crack sizes that would bound the 
experimental data, like the equivalent-initial-flaw 
size (EIFS) concept (Ref 45). The solid curves 
show the calculations for an initial semi-circular 
surface crack of ai = 5 and 25 pm at the notch root. 
The solid symbol on the stress axis denotes where 
the net-section stress is equal to the ultimate 
tensile strength. Because of the notch 
configuration, notch strengthening is expected and 
the upper plateau is an estimate for the maximum 
net-section stress based on the results from the 
finite-element analyses (see Fig 4 at the hi h K 

Looije (Ref 46) found that the primary a-grains 
were about 10 pm in diameter and the transformed 
and aged P-grains were about 20 pm in diameter 
for these fan disc materials. Further study is 
needed on these materials to see if cracks of these 
sizes would be present early in life or to see if the 
baseline curve (Fig 8) is appropriate for small 

titanium alloys may grow faster than large crack 
cracks. For low AKeff values, small cracks in t 

as observed by Lanciotti and Galatolo (Ref 47). 

solid curves show the predicted number o 9 cycles 

agreement wit t: the test lives. 

in the AGAR 8 Engine Disc Cooperative Test 

9 

levels). In a microstructural analysis, Wanhil P and 

S" = 1.2 U" '""I I 

Ti-6AI-4V (Ref 24) 
B = 3.5 mm 

%v" 
MPo 

- Closure model 

0 LWMD 7200 

102 103 I 04 105 106 
Nf, cycles 

Fig. 20 Measured and predicted fatigue lives for 
titanium alloy DENT specimens. 
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200 

5.2 Spectrum Loading 

Experimental and predicted results for fati ue tests 

s ecimens under the Mini-TWIST spectrum are 
s E own in Figure 21. These tests were conducted 
on SENT specimens (Ref 20). Thesolid and 
dashed curves show predictions for each alloy 
usin the initial defect sizes shown. The defect 

size that initiated cracks, whereas the initial crack 
size for the clad alloy LC9cs was somewhat larger 
than the cladding-layer thickness 50 to 70 pm). 

with the test results (s mbols) but the predicted 

data. 

conducted on 7075-T6 bare and LC9cs c 9 ad alloy 

size 3 or 7075T6 was the average inclusion- particle 

The predicted lives were in reasona 6 le agreement 

lives tended to fall on t K e lower bound of the test 

a Clad LCgCS 

P 

- 
--a.:- 

.--a- - - - - - - - 

6. CONCLUDING REMARKS 

The "plasticity-induced" crack-closure model was 
used to correlate large- crack data on several 
aluminum and titanium alloys under constant- 
amplitude loading. A constraint factor, which 
accounts for three-dimensional state- of-stress 
effects, was used in determining the effective 
stress-intensity factor range against rate relations. 
These relations were then used to predict large- 
crack growth under variable-amplitude and 
spectrum loading. Comparisons made between 
measured and predicted small-crack growth rates 
in two aluminum alloys showed that the closure 
model could predict the trends that were observed 
in the tests. Using the closure model and 
some microstructural features, such as inclusion- 
article sizes and cladding- layer thickness, a total 

Fatigue-life prediction method was 
demonstrated. Fatigue life of notched specimens 
made of three aluminum alloys were compared with 
predicted lives under either constant-amplitude or 
spectrum loading. The predicted results were well 
within a factor of two of the test data. Fati ue lives 
for Ti-6AI-4V titanium alloy could also be kunded 
b usin initial crack sizes of 5 and 25 pm in the 
liL-pre&.tion method. 

Further study is needed to determine constraint 
variations along fatigue crack fronts in various 
materials and thicknesses. These constraint 
variations are needed to improve life predictions 
under aircraft spectrum loading, especially for thin- 
sheet materials. At low rates, the development of 
the large-crack threshold and its significance for 
design life calculations also needs further study. 
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Crack Growth Predictions Using a Crack Closure Model 

R.L. Hewitt and P.G. Collins 
Structures and Materials Laboratory 
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Montreal Road, Ottawa, Ontario, KIA OK6 

1. SUMMARY 
Crack growth predictions for through and corner cracks in 
7075'1'65 I plate under constant amplitude loading and 
corner cracks under two variable amplitude spectra were 
made using a 'black box' crack closure program. The results 
were then compared with experiment and various 
parameters adjusted to give the best match to the 
experiniental results. The optimum parameters chosen will 
be used for subsequent blind predictions to be made on this 
material and different but related spectra. 

2. INTRODUCTION 
Use of crack growth prediction programs is no longer. 
restricted to the developers of such programs and those that 
have many years of experience using them. They arc 

experience may be limited to a university course on the 
subject. It was therefore considered useful to take a 'black 
box' program and determine how well a relatively 
inexperienced user might bc able t o  predict experimental 
results. 

8 frequently used as 'black boxes' by engineers whose 

'1'his was done as part of the Canadian contribution to the 
follow-on TTCP I KP-8 Structures and Dynamics Panel 
Collaborative Program 8-2, Validation of Fracture 
Mechanics Mcxlels for Application in a Damage Tolerance 
Assessment. 

2.1 Background to the Program 
At the September 1'983 meeting of the IFI'P-3 subgroup of 
The Technical Cooperation Program (11'CP), it was 
suggested that a worthwhile collaborative exercise might 
evolve from application of various crack propagation 
models to a material with a well defined set of constant 
amplitude data having equivalent data under variable 
amplitude loading. Accordingly, the United Kingdom 
provided constant amplitude crack growth data for several 
different materials and the results of crack growth tests 
under two variable amplitude spectra, TWIST (1 )  and 
FALS'I'AFF (2). Seven participants then produced crack 
growth predictions by a method of their choice without 
reference to the variable amplitude loading results. These 
predictions were reported in Reference 3 and showed that 
the ratio of predicted to measured lives ranged from about 
0.1 to 25. 

An analysis of these results (4) concluded that analyses 
which are not supported by experimental calibrations may 
lead to serious errors and listed a large number of factors 
which had a major influence on the accuracy. These ranged 
from the level of experience of the analyst to the 
retardation model and choice of parameter values. The 
report recommended a new program which would consist of 
both experimental and analytical phases, where the 
analytical techniques could first be calibrated by 
comparison with test results and then used to predict 
additional test results in the second phase without 
knowledge of these results. These test results would be for 
different stress levels and spectra typical of in-fleet 
variations. 

Under the TTCP HIT-8 Structures and Dynamics Panel CP 8- 
2 (Validation of Fracture Mechanics Models for 
Application in a Ihmage Tolerance Assessnient). the 
United States Air I " x  agreed to supply crack growth data 
and the results of constant amplitude and spectrum loading 
tests for the first phase, with additional results for related 
spectra being retained for the second phase. Participants in 
the member countries were requested to provide the results 
from the first phase predictions prior to proceeding to the 
second phase. This report details the Canadian results for 
the first phase. 

2.2 Supplied Data 
The material data supplied for this program was in the form 
of daldn versus delta K data originating from tests at stress 
ratios (R values) of -0.5, -0. I ,  0. I ,  and 0.5, for 7075 T651 
aluminum. The tests were conducted on both compact 
tension and centre-cracked tension specimens for positive 
values of K, and on centre-cracked tension spccimens for 
negative values of R. The data was supplied on an IBM 
compatible floppy disk. Also supplied were two variable 
amplitude spectra, corresponding to stress spectra for a 
typical fighter and a typical transport aircraft lower wing 
skin loadings. 

2.3 Predictions Required 
Three distinct series of predictions were required, with 
stress and geometry variations within each series. Series 1 
predictions were for constant amplitude loading of a panel 
with a through crack at a hole. The initial crack dimension, 
the through stress on the panel and the stress ratio varied, 
with I I test configurations in total. For this series, the 
predicted life and the crack length at failure were requested. 

The second series of predictions were for constant 
amplitude loading of a panel with a comer crack in a hole. 
The initial crack dimensions, the through stress and the 
stress ratio varied, with 7 configurations in total. For this 
series the predicted life, the crack length at failure, the 
crack aspect ratio at three crack sizes and the crack length 
and number of cycles to transition (when the crack tip 
along the bore of the hole reaches the back surface of the 
plate) were required. 

The third series of predictions were for the same geometry 
as the second series, but under variable amplitude loading. 
Two normalized spectra were supplied, denoted "fighter" 
and "transport" spectra. The spectra were also supplied in 
counted versions, although few details were given on the 
counting method other than it was a combination of 
rainflow and range pair counting. For this series, 
predictions were requested for times to failure and through- 
the-thickness penetration, the crack shape aspect ratio at 
thickness penetration and the critical crack size at failure. 
Three predictions were required for the fighter spectrum and 
five for the transport spectrum. 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Cmck Growth Prediction Techniques; 
September 1993. 
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negative the formula becomes: 
3. CRACK GROWTH PROGRAM 

Gin K,,,, *(eflkr*eA*R -t B*K) (R < 0) 
3.1 Program 
'Thc program uscd fo r  the prcdictions was a proprictary 
program supplied with a user's manual but little 
documentation of the program. 

3.2 Crack Growth Model 
The crack growth model uscd 111 the program is based on the 
contact stress model of Dill and Saff (5.6). This is based on 
the evaluation of the stress intensity caused by crack 
surface contact and assumes that crack propagation is 
driven by an effcctive stress intensity range. An analysis 
of crack surface displaccments during loading and 
unloading is used to determine the permanent plastic 
deformation left in the wake of a growing crack and the 
contact stresses caused by the interference of these 
deformations are calculated . The effective stress intensity 
range is thcn found by subtracting the stress intensity 
caused by the contact stresses from the applied stress 
intcnsity range (5). The model can account for retardation 
following one or multiple overloads and acceleration 
following underloads (6). 

3.3 Parameter a 
Although it was originally used to account for the state of 
strcss (plane stress or plane strain or somewhere betwcen), 
the parameter a used in the model is described in the user's 
manual as 'a parameter used to determine the amount of 
crack retardation' and is used in practice to tune the model. 
The value of a lies between -1 and + I ,  with a value of 0 
generally used initially. 

3.4 Material Property Data 
The program was supplied with material data files for 
several different materials but also allows the user to input 
additional material property data files. Since material 
property data had bccn supplied with thc test data and input 
of material data often leads to problems of prediction 
accuracy, it was decided to use the supplied data in this 
exercise. 

The program required crack growth data at a stress ratio of 
zero and the following material properties: 

Modulus of Elasticity 
Poisson's Ratio 
Cyclic Proportional Limit 
Cyclic 0.2% Offset Yield Stress 
Monotonic 0.2% Offset Yield Stress 
Ultimate Strength 
Ultimate Strain 
Critical Stress Intensity Factor 

3.5 Program Treatment of the dddn File 
For constant amplitude loading, the effective minimum 
stress intensity is primarily a function of stress ratio, K, 
and the parameter a. The minimum effective stress 
intensity, Kmin cf f ,  at a positive value of R is calculated 
as: 

where Xr is a function of R, Xfr is a function of the ratio of 
cyclic to monotonic yield stress, Sa is a function of a and 
Kmax is the strcss intensity based on the peak load. I f  R is 

where 

at a value of R = 0, and A and B arc constants. 

The program calculates an equivalenl daldn vs A G f f  table 
from the input daldn vs AK at R=O by adjusting the data 
using the factor effkr. The data is also adjusted by Kc, the 
critical stress intensity and the logarithm of the data is 
taken to allow linear interpolation hetween data points. 
The corrcsponding equations have the form: 

and 

A G f F  log (AK * ( 1  - eflkr)) 

3.6 Stress Intensity Solutions 
Stress intensity solutions for common geometries are built 
into the program and these were thc stress intensity 
solutions uscd in this invcstigation. 

3.7 Spectrum Input 
Loads are input to the program as a scrics of normalized 
maxima and minima and number of cycles of that particular 
pair of load levels. The user's manual indicates that all 
variable amplitude spectra should be counted to eliminate 
one effective large cycle being considered as a series of 
small cycles. It also recommends blocking the spectrum to 
reduce computation time. 

4. PREDICTIONS FOR THROUGH CRACKS 
(CONSTANT AMPLITUDE) 

4.1 Selection of Material Property Data 

4.1.1 Characterization of Supplied Data 
The supplied data consisted of daldn vs AK data for test 
specimens at various valucs of R. These data were 
generated by thc Wright Laboratory using centre-cracked- 
tension and compact-tcnsion test specimens machincd 
from 7075-1'651 aluminum. The data were plotted, and 
'best fit' curvcs were manually drawn to fit the data, 
producing three curvcs, one each for K=-0.5, K=O. I ,  and 
R=0.S. Since the data for R=-0.1 consisted of only two 
tests, both at low A K  rangcs, this data it was nul utilized at 
this stage. The original data and resulting curves are 
illustrated in Figures 1 through 3. 

4.1.2 Conversion of Crack Growth Data 
Onc requirement for the material data file required as input 
by the program is tabular daldn vcrsus AK data for a stress 
ratio of R=O. This can be obtained from the supplied daldn 
versus AK data at non zero values of K through 
manipulation of the equations presented in section 3.5. 
The 'best fit' lines to the supplied data were converted to 
R=O data using these equations for values of a of -1,0 and 
+ I  respectively. A 'best-fit' R=O curve was drawn through 
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each set of data manually. A value of 1 was assumed for the 
ratio of cyclic 0.2% offset yield stress I monotonic 0.2% 
offset yield stress since this value was not supplied and it 
had little effect on the position of the curves. 

Since there was little difference in the spread of the data at 
different R ratios for the different'values of a, the 'best-fit' 
line at a 3, as shown in Figure 4, was used in subsequent 
analyses. 

4.1.3 Comparison of Input Data with Kaw Data 
In order to see how well this K=O curve fitted the raw data, it 
was transformed back to daldn vs AK and plotted over the 
raw data at K = -0.5.0. I and 0.5 as shown in Figures 5 to 7. 
The program data lor 7075 173 and T76 plate and T76 sheet 
are also shown for comparison. 

One additional data point was added to the curve at the 
higher growth rates because the program log-linearly 
extrapolates higher growth rates from the last two points. 
These points were made to give a similar slope to the 
program data for the other 7075 aluminums. The selected 
curve fits the data at R=O. 1 quite well but overestimates the 

rowth rates at high AK at R=-0.5 and underestimates the 

negative R values is also overestimated. The thresholds for 
the three 7075 files supplied with the program are all 
similar and show better agreement with the negative R data. 
The T73 and T76 sheet data also show better agreement 
with the data at the higher growth rates. 

e same range at K=0.5. It appears that the threshold for the 

A comparison of the four crack growth curves at K=O is 
shown in Figure 8. The best fit line follows the T76 plate 
data at the higher growth rates and the T73 data at 
intermediate rates and shows a higher threshold. The 
program data for the 7075 T76 data sets also tend toward 
the critical stress intensity at a growth rate of 
per cycle. The best fit line, however. has a AK of only 
about 40 ksi din at a growth rate of 
compared to a critical value of 51.6 ksi din. 

inches 

inches per cycle 

4.1.4 Additional Material Property Data 
The program material files also contain eight material 
properties describing other physical properties of the 
material as defined in Section 3.4. The values for modulus 
f elasticity and Poisson's ratio were assumed to be the 

e a m e  as for the existing program material data files for 
7075 aluminum, while the monotonic 0.2% offset yield 
strength and the critical stress intensity were taken as the 
values supplied with the TTCP data. The cyclic 
proportional limit and the ultimate strength and strain are 
not used in the analysis for the particular geometry and 
conditions used for these predictions and nominal values 
were therefore used. Conflicting data was found on the ratio 
of cyclic to monotonic yield stress: the ratio was therefore 
assumed to be 1. The material property values were thus: 

Modulus of Elasticity 
Poisson's Ratio 
Cyclic Proportional Limit 
Cyclic 0.2% Offset Yield Stress 
Monotonic 0.2% Offset Yield Stress 
Ultimate Strength 
Ultimate Strain 
Critical Stress Intensity Factor 

10000 ksi 
0.333 
60 ksi 
79 ksi 
79 ksi 
88 ksi 
0.02 
51.6 ksi din 

4.2 Spectrum Preparation 
The program considers the stress intensity to be constant 
during application of a block, based on the geometry at the 
start of the block. It is therefore important that the block 
length not be very long. The spectrum was therefore input 
as a block of 10 cycles with a maximum of 1 and a 
minimum equal to the K value for the required prediction. 
Since the program outputs hours rather than number of 
cycles, a block was defined as 1 hour. The number of cycles 
could then be obtained by multiplying the hours by 10. 

4.3 Results 
The number of cycles to failure and the final crack lengths 
predicted using the material data input of Figure 8 and a 
value of a of 0 are shown in Figures 9 and IO as three- 
dimensional plots of the ratios of predicted to test lives and 
crack lengths respectively, while Figures 11  and 12 show 
similar results for values of a of -1 and + I  respectively. 

Comparison of Figures 9, 11  and 12 shows that using a 
value of a of 0 produces slightly more consistent results 
over the range of R and stress level and Figure IO shows 
that there is good correlation with final crack length for an 
cx of 0. However, it is apparent from Figure 9 that the lives 
are underestimated as the R ratio is reduced and the stress 
level is increased. This implies that the crack growth curve 
is overestimating the growth rates at the higher values of 
AK and at the lower values of R. The curve therefore needs 
to be shifted at higher values of AK toward the curves for 
the T76 sheet material supplied with the program. 

To investigate the sensitivity to the growth rate curve, 
predictions were obtained for the three 7075 material data 
files in the program. The final crack length predictions 
were a function primarily of the critical stress intensity 
assumed, being much lower for the T76 plate which has a 
much lower critical stress intensity. This is shown in 
Figure 13 which shows the ratio of predicted to measured 
final crack lengths as a function of critical stress intensity. 
In terms of life prediction, both the T73 and T76 sheet data, 
which show similar growth rates, particularly at higher 
values of AK, gave very good predictions, while the T76 
plate data, which gave a similar curve to the derived T651 
data, showed a similar stress dependence to the results 
obtained with the supplied material data and generally poor 
agreement with test. 

The derived material curve for the T651 material was 
thereforc adjusted so that it followed the T76 sheet data at 
higher values of AK as shown in Figure 14 and the 
predictions were repeated for an a of 0. The results are 
shown in Figure 15 for life and Figure 16 for crack length 
Agreement is excellent over the whole range of R and 
stress, with a mean prediction ratio of 1.05 and a standard 
deviation of 0.14. 

5. PREDICTIONS FOR SURFACE CRACKS 
(CONSTANT AMPLITUDE) 

5.1 Input Data 
The modified material data for the T651 material shown in 
Figure 14 was used as the material input and the spectrum 
was input as in Section 4.2. The parameter a was set to 0. 

The program option for an edge crack at the edge of a hole 
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was used but it should be noted that the program and TTCP 
nomenclature for the two crack directions (through the 
thickness and across the plate) are reversed. The TTCP 
nomenclature is used in this report. 

5.2 Results 
The results for the second series of predictions gave a mean 
predicted life to test life of 0.93 with a standard deviation 
of 0.20. The results for total life, life to penetration, final 
crack length and crack shape at various crack lengths are 
shown in Figures 17 to 20. Figures 17 and 18 show that 
the total lives and lives to penetration follow a very 
similar pattem. with less accurate predictions at a stress 
ratio of -0.5 and generally lower prediction ratios for the 
higher stress levels. ‘The mean prediction ratios are higher 
for the life to penetration than for the total life. 

The final crack lengths are predicted quite well as shown in 
Figure 19, although they are slightly overestimated. The 
crack aspect ratios are also quite reasonable, although 
always underestimating the test result. These results show 
no evidence of any systematic variation. 

6. PREDICTIONS UNDER VARIABLE 
AMPLITUDE LOADING 

6.1 Input Data 
Thc modified material data for the 1’6.51 material shown in 
Figure 14 was again used for the material input, the 
parameter a was set to 0 and the program option for an edge 
crack at the edge of a hole was used. The spectra, as 
provided, were first checked to eliminate any non turning 
points (thcrc were several in the transport spectrum) and 
then input as simple pairs of maxima and minima as they 
occurred. The number of repeats of each cycle was set at I 
unless consecutive cycles of the same levels occurred. The 
‘I’TCP counted spectra were input in a similar manner, 
although there were no non turning points in these spectra. 

An additional spectrum was generated from both the fighter 
and transport spectrum using a range pair counting 
technique but retaining the order of the original peaks as 
described by Chang (7). These spectra are referred to as the 
IAK counted spectra. 

6.2 Results 
Figures 21 to 23 show the predicted to tested total lives 
using the uncounted, TTCP counted and IAR counted spectra 
respectively. All three show similar trends, with slightly 
higher prediction ratios at the lower stress levels, although 
the IAK counted transport spectrum gives lower predictions 
than the others. The uncounted spectra give a similar mean 
prediction ratio (0.93) to the TTCP counted spectra (0.94) 
with the lowest standard deviation (0.30). 

Figure 24 shows that the final crack lengths are 
overestimated by an average of approximately 306, even 
though the final crack lengths for similar constant 
amplitude tests were within 7% on average. Figure 25 
shows the ratio of predicted to test lifc to penetration. The 
form of the results is similar to those for the final crack 
length but there is much more variation. The ratio of 
predicted to test crack aspect ratios are shown in Figure 26. 
The crack aspect ratio is generally undcr predicted as for the 
series 2 constant amplitude tests. 

7. DISCUSSION 

The initial constant amplitude predictions for through 
cracks in the 7075 T6SI aluminum plates using the 
supplied data were quite poor, showing a large dependence 
on both stress and stress ratio. However, by increasing the 
crack growth rates at higher values of AK to those of the 
T76 sheet data supplied with the program, it was possible 
to get excellent results, both in terms of total life and final 
crack length using a value of 0 for the parameter a 

Using the same material data and parameter a, the 
predictions for the comer cracks were quite good. However, 
it appears that the crack growth in the through thickness 
direction is too low which results in a life to penetration 
which is too long and a crack aspect ratio which is too 
small. It may be necessary to use different fatigue crack 
growth curves for the two directions to improve the 
predictions, since through the thickness growth rates 
would be expected to be higher. 

The final crack lengths were over predicted for this series, 
whereas for the through cracks the final crack length was 
very accurate. This is probably related to crack shape, 
since it is unlikely that the crack front is straight in 
practice after starting as a comer crack although this is 
what the prediction assumes once the crack has penetrated 
the thickness. 

The predictions for variable amplitude loading of corner 
cracks were dependent on the spectrum counting technique 
but showed similar trends. There was less difference than 
might be expected, however, especially between the 
uncounted and TTCP counted spectra. This is probably due 
to the nature of the spectra which have clearly been filtered 
significantly . The fighter spectrum in particular is very 
‘clean’ having only three different ‘from’ levels. This 
explains the similarity between predictions for the fighter 
spectrum using all three different counting methods. 

The predictions for the uncounted spectra and a value of cx 
of 0 showed good life predictions and the least scatter and 
this, coupled with the simplicity, make it the preferred 
technique for these particular spectra. For spectra with a 
significant number of cycles which consist of a 
combination of smaller cycles, a counting technique may 
be required. 

a 
The form of the results for the uncounted spectra are similar 
to those for the constant amplitude predictions from comer 
cracks. The crack aspect ratios are under predicted and the 
predicted life to penetration is too small. However, the 
difference is much greater than for the constant amplitude 
predictions, with the predicted life to penetration being 3 
times too long in one case. ’This may well be related to the 
interaction of the plastic zone and thc edge of the plate in 
addition to the different growth rates in the two directions. 

The prcdicted final crack lengths show the same trend as for 
the constant amplitude predictions from comer cracks, 
although again the discrepancy is larger. This is probably 
because thcre is likely to be more crack asymmetry 
growing a through crack from a comer crack in variable 
amplitude loading. 
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S. CONCLUSIONS 

A comparison of constant amplitude crack growth 
predictions for through cracks in 7075 T651 aluminum 
with test results. initially showed a large dependence on 
both stress and stress ratio. However. excellent 
predictions for both life and final crack length could be 
obtained if the supplied crack growth data was modified lo 
increase the prowth rates at higher values of AK. These 
results used a value of 0 for the parameter a. 

Using the same parameters for constant amplitude crack 
growth predictions from comer cracks showed good 
correlation with test. although the growth in the Ulrough 
thickness direction was under predicted slightly and the 
final crack lengths were over predicted. This was attributed 
to different material growth rates in the twu directions and 
crack asymmetry. 

Predictions from comer cracks under two variable amplitude 
loading spectra showed similar trends to those for constant 
amplitude loading but the errors were larger. However, all 
the life prediction ratios using uncounted spectra were 

length prediction ratios were within the range from 1.08 to 
1.41. 

Future blind predictions for t h i s  material on similar spectra 
will he made using the modified material data file, a value of 
U of 0 and uncounted spectra. Predictions would be 
expected to be within a factor of two of test results. If the 
material is changed or the spectra are significantly 
different, further validation would be required. 

0 witlun ' .  the range from 0.57 lo 1.34, while the final crack 

Detailed knowledge of the program is not required to make 
reasonable predictions, but the user must understand how to 
properly input the data. Comparison with experimental 
results is a simple way of confirming this understanding 
and verifying the validity of the data. 
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Figure 12: Series 1 life predictions using initial IAR material 
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various crltlcal stress lntensltles 
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Figure 15: Series 1 llfe predictions uslng flnai IAR material 
descrlption and a = 0 

mean = 1.05, standard deviation = 0.14 
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Figure 16: Series 1 crack length predlctlons using final IAR 
material descrlption and a I 0 

mean = 0.99, standard deviation = 0.12 
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Figura 17: Serlea 2 life predictiona uaing final IAR material 
deacerlption and a I 0 

mean = 0.93, standard deviation = 0.20 
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Figure 18: Series 2 predictiona for ilfe to crack penetration of plate 
using flnai IAR material deacriptlon and a = 0 

mean = 1.05. standard deviation = 0.25 
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Figure 19: Series 2 crack length predlctiona uaing final IAR 
material description and a = 0 

mean = 1.07, standard deviation = 0.04 
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Figure 20: Serles 2 crack aapect ratio predictions uaing final IAR 
materlai deacriptlon and a = 0 
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Figure 21: Seriea 3 ilfe predlctions for uncounted spectra using 
flnal IAR materlai dellcrlptlon and a = 0 

mean = 0.93, standard deviation = 0.30 

Figure 22: a r k s  3 life predlctions for lTCP counted spectra using 
final IAR material description and a a 0 

mean = 0.94, standard deviation = 0.31 
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Figure 23: Series 3 ilfa pradlctlons for IAR counted spectra using 
flnal IAR matarlai description and a 0 

mean = 0.73, standard deviation = 0.32 
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Figure 24: Series 3 crack length predictions for uncounted spectra 
using flnai IAR matarlal description and a E 0 

mean = 1.30, standard deviation = 0.16 
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Figure 25: Serlas 3 predictions for life to crack penetration of plate 
for uncounted spectra using final IAR materlai description snd a = 0 

mean = 1.56, standard deviation = 0.85 
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Figure 26: 
penetration for uncounted spectra using final IAR material description 

and a = 0 
mean = 0.83, standard deviation = 0.07 

Serles 3 predictions of crack aspect ratlo at plate 
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'RIB CRACK SEVERITY INDEX OF MONITORED LOAJI SPECTRA 

J.B. de Jonge 
National Aerospace Laboratory NIX 

P.O. Box 90502, 1006 Bn Amsterdam 
The Netherlands 

1. aunmP.Y 
To assess the consequences with regard to fatigue 
and damage tolerance of changes in operational 
usage, a simple meam to quantify the relative 
severity of recorded load spectra io required. 
This paper describes the development and validation 
of the "Crack Severity Index' CSI as a means to 
express the relative damage in tems of a "crack 
growth potential' of stress spectra. The CSI is 
baaed on a crack-closure crack grmth model and 
ken account of interaction effects by considering 

It is sh- that the CSI-concept is a reasonably 
accurate method to compare the relative severity of 
manoamre dominated spectra in aluminium alloy 
structure. 

a e shape of the spectrum. 

2. INTRODUCTIOU 
The majority of current fatigue load monitoring 
systems for military aircraft provide for the 
determination of service load spectra in one or 
more significant structural locations, usually 
indicated as "Control Points". These load spectra 
are derived either from direct strain measurements 
or calculated from a few simultaneously recorded 
flight parameter hiatorias.(l) 
In order to assess the consequences of observed 
changes in service load spectra, a means to 
quantify the relative "damage" of these spectra is 
needed. In the past , the usual method was to 
calculate the cumulative fatigue damage of the 
spectrum, on the basis of Miner's rule, assuming a 
.representative" & and an appropriate S-n curve. 
Unfortunately, ths outcome of these calculations 

rned out to depend heavily on the assumptions e de and did not raflect any load interaction 
effects. 

The General Dynamics F16 is the first line Combat 
aircraft type operated by the Royal Netherlands Air 
Force. The F16, like most modern fighter aircraft 
has been designed aecording to Damage Tolerance 
Design Criteria: for such aircraft the (possible) 
amount of crack growth rather than fatigue life 
consumption' defines the severity of a load 
spectrum. 

Thphs NLB hae developed a method to express ths 
aeverity of recorded stress spectra in terms of 
"crack growth potential". This Crack Severity Index 
(CSI) is used to assess monitored F16 Service 
stress spectra as part of the RNLAF F16 Fatigue 
Management Program. 

This paper starts with a description of the 
background and the development of the CSI-concept. 
Rasulte of a large -be= of crack growth tests 
under widely varying load spectra were used to 
chsck the validity of the concept. It is shown that 
the CSI is a reasonably accurate measure to compare 
the crack growth damage of manoeuvre dominated 

spectra in aluminium alloy structure. In a general 
discussion, specific aspects of the CSI-concept are 
reviewed. It is shovn that the CSI can also be 
usefully applied in studies to influence the 
fatigue consumption by operational meaeures. 

3. CSI-DEVEXD- 
Stress spec": It is assumed that the stress 
history in a specific structural area has been 
recorded over a certain period. say for example 
during 100 successive flights. This stress history 
has been analysed using "Reinflow' counting"'; the 
resulting "stress spectrum" consists of n stress 
cycles i with max stre98 s-,, and minimum stress 
%In,,. 

The crack growth due to load 
cycle i is given by a simple Paris-type expression: 

a is the crack length, @(a) a geometry function and 
m a material constant. The effective stress range 

~ 

b r c , ,  - %.I - 8op. i .  
The opentng stress level sT is a function of the 
stress history as will be described further on, but 
is supposed to be independent of crack length. 

with 

(4) 

Under the spectrum B crack with length ab will grow 
to a.. Defining the integral of f(a) as F(a), the 
crack growth o m  be calculated from: 

(5) 

In this equation.tha left hand side is purely 
defined by thhe thhe structural geometry,crack length 
and material properties (through thhe term m). The 
right hand side includes load-spectrum terms , plus 
again the material parameter m. Note that the right 
hand side is independent of crack length (under the 
assumption that sw is independent of crack 
length). We can say that the right hand side 

Pmewed al an AGARD Meeting on !An Assessmew of Faligue Damage and Cmck Gmwh Prediction Techniques; 
September 1993. 
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defines the "srack erawth Dot e- of the stress 
spectrum: NO spectra yielding the same value for 
the "right hand side term" will cause the same 
amount of crack extension (a.-%) starting from a 
crack with size ab: this right hand side tarm will 
be called the Crack Sev eritv cs1: 

(6 )  

As the CSI ia used to different spectra, 
the value of thhe constant C is immaterial: In 
practice, C is chosen so a= to yield a CSI - 1 for 
a "reference" stress spectrum. 

ooenini mP, It will be clear that thhe 
magnitude of sQp has a major influence cm the 
amount of crack growth, and the determination of a 
simple rationale for calculating sDp is a key 
element in the CSI-development, 

In fighter aircraft, the interest is concentrated 
on the development of relatively short cracks. 
emanating from initial flaws of say 1.25 nun in 
usually relatively thick structure. Hence, for 
cracks of interest plane s train conditions at the 
crack tip may be assumed. 
Under m a n  t mlieude loading, the opening 
stress saB may then be approximated by the 
sxpressions given in Figure 1 (Ref. 3). 

O 4.4 4.2 0 0.2 0.4 0.6 0.8 1.0 
R 

Under de a , a much more 
complicated situation exists as the instantaneous 
opening stre98 depends on previous load peaks and 
valleys and their assodated plastic zone sizes 
near the crack tip. This effect of preceding 
overloads and underloads on the crack opening 
stress is currently considered as the cause of so- 
called crack growth retardation under spectrum 
loading. To study the behaviour op sop, an analysis 
was made of the sop for typical manoeuvre dominated 
fighter aircraft load sequancss,using the NIR "in 
house" computer program CORPUS (Calculation Of 
Propagation Under Service loading) (Ref. 3). C O W S  
is an advanced program for cycle by cycle 
calculation of crack growth. 
Figure 2 shows typical results for B part of the 
(relatively long) load sequence analysed. It tumed 
Out that after 8 certain number of flights a 
"mini!" opening stress" has developed, which is 
purely defined by the highest peak and the lowest 
valley in the stress sequence: a high load pushes 

20 

STRESS 

10 

up the opening stress. thus reducing the amount of 
crack growth associated with the load cycles coming 
next. The opening stress is lowerad again when a 
low valley ofcurs. The "memory" of the overload 
rill and with the advance of the crack tip, when 
the tip grows out of the plastic zone produced by 
the overload. 
On the basis of the above COMideratiOM, the 
following rationale has baan adopted for 
oalculating a-: 

sDp,t pertaining to stress cycle i is the 
of: 
1. s - , ~  determined for s- .~  and s.Ln.l according 

2. detsrmined for the highest stress 
to Figure 1, 

occurring in 30 flights. s - , ~ ~  and the loves 

related to 8.u,so and sen,% according to Figure 
1. 

stress in 30 flights, s ~ , ~ ~ ,  whereby i m  

This number of 30 flights represents the estimated 
average "memory" period for overloads, considering 
typical plastic zone sizes due to overloads and 
typical crack growth rates. 

The definition given above for s- implies that a 
"relevant" CSI-value can only be determined for a 
streas spectrum covering at least 30 flighta: if a 
CSI has to be determined for a smaller batoh of 
flights, a value far sop,- must be assued, that 
means it m t  be assumed that the specific batch of 
flights belongs to an overall usage for which thhe 
"extremes" of the spectrum are known. 

4. VALIDATION OF TBa CSI-CONCEPT 
In order to validate the CSI-concept calculated 
CSI-values weze compared with results of crack 
growth tests on simply notched plate specimens. 
made of 7475 aluminium alloy plate with a thickness 
of 7.62 mm. Specimens were provided with either a 
comer crack or a through-the thickness crack (see 
fig.3) 
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The material constant m used in the CSI 
calculations was equal to -3. 

Figure 4 presenta spectra for some teats done 
speeifically for CSI validation. The .basic" 
spectrum refers to the wing bending moment of a 
fighter aircraft. In the spnctrum indicated p. 
"oniliaion', all load cycles with a 8 ,  lower than 
the predicted s - , ~  (49.51 NPa) were onitted. The 
CSI-concept predicts that this omission will have 
no influence on the spectrum severity, and this 
prediction appears to be fully confimd by the 
test.. 
In the "truncated" spectrum the highest pe& were 
reduced to 195.45 NPa. The increase in severity by 
a factor of 1.26 was not fully predicted by the 
CSI, (factor - 1.08) but it may be noted that in 
any case the CSI predicted an in severity 
due to truncation, whereas all 'classical" non- 
interaction models would have predicted a &WSASQl 

Figure 5 shows different spectra for OM structural 
location. namely the wing root. One spectrum is 
indicated as "Design., the other three are reaordad 
spectra pertaining to different usages. At first 
glance, one would sxp*et the Design spectrum to be 
nueh lees damaging than the actual service usage, 
but thhe tests show that the opposite is true: the 
Design spectrum is the most severe, It t u n a  out 
that actually tha CSI predicted this effnct 
reasonably well. However. the CSI overestimated the 
severity of usage 3 compared to usage 1 by 20 
pelcent. 

Figure 6 shows spectra for three different 
etructural locations. It may be noted that the 
Horizontal Tail Spectrum is very different from the 
others as it is nearly symetrical around zero 
stres8. The horizontal tail spectrum was found in 
test to be about 16 times less severe than the wing 
B.M. spectrum. This severity was predicted within 8 
percent by the CSI-concept. Undoubtedly, this 
outcome is remarkably good. 

Comparisons for other load spectra. which will not 
be presented hers.revealed equally acceptable 
results. For a total number of 55 different atress 
spectra that were studtad, the average error in the 
CSI- prediction was -6.3 percent and the average 
absolute error was 15.1 percent. 

Summarizing, we may conclude that comparison of CSI 
prediction and test results heva shown that the 
CSI-concept may provide a reasonably accurate means 
to quantify thhe relative severity of manoeuvre 
dominated fighter type load spectra. 

0 N P E I :  7.82 

TYPEII: 7.82 

A number of these test8 were defined specifically 
for the CSI-validation but the majority of tests 
were done as part of the IlwIdp F-16 Life hnagenent 
program. In the follwing, results of these 
comparisons will be dillcussed for a number of the 
test rasults that were available. 
In these comparisons, the "calculated severity" 
efers to the CSI value computed for the specific 
est spectrum, whereas the "observed severity' is 
the inverse of thhe crack growth life until a - 16 
IP as found in test. 
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5. DISCUSSIOt4 
Interaction affects have a major influence on 
fatigue crack initiation and crack growth under 
spectrum loading. Very often these effects. 
specifically the effect of high overloads are of a 
crack growth retarding nature. Hence, "non- 
interaction" prediction techniques tend to give 
conservative results. This expected conservatism 
combined w i t h  their inherent simplicity are cause 
that "non-interaction" prediction methods are still 
widely used throughout the aerospace industry. 
However, it must be realized that this 
"conservatism" in itself is of no use if one wants 
to SPPPPPL e the severity of different spectra on a 
relative basis. A numerical example may illustrate 
this. Suppose that the crack growth life under 
spectrum A is predicted to be 2000 flights. while 
tests yield a life of 5000 flights. The predicted 
life under a different spectrum B is 2500 flights, 
while the test life is 4000 flights. 
Our prediction technique yielded a conservative 
result in both cases, but the relative prediction 
was totally wrong: spectrum B was predicted to be 
less severe than spaetrum A, while the apposite is 
true I 

The CSI turned out to give reasonably accurate 
predictions of thhe relative severity of widely 
varying spectra, Q& because it takes account of 

I I 
0 0 2  0.4 0.6 0 8  i o  12 

load interaction effects1 
The effect of for example a high load remai 
noticabla during many successive flights. It may 
recalled that a valid CSI could only be calculate 
fox a hatch of at least 30 flights. In other words, 
a CSI pertaining to one flight can only he 
calculated if assumptions are made with regard to 
the overall spectrum of flights to which our 
specific flight belongs. This msy appear as a 
shortcoming of thhe CSI-concept but is actually a 
direct consequence of the load-interaction 
phenomenon: it must he realized that the damaging 
effect of a flight is not solely defined by the 
spectrum content of that flight, but depends on the 
load sequence that preceded that flight. Any 
attempt to define damage figures for one flight on 
the basis of information ahout the loading history 
of that flight alone & fail, in ease of variable 
amplitude loadings and structural materials like 
the common aluminium alloys used in aircraft, which 
are sensitive for load interaction effects. 

As mentionad already in the introduction, the CSI 
concept has been and is suecesfully used as a 
standard too1 in the RNIAF F-16 Fatigue b a d  
Monitoring Progranme (see Ref. 4),as a means to 
present and assess the observed differences between 
the usage of various squadrons and eo indicate 
changes in that uaage. 

9 
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Apart from such applications, it was found that the 
CSI-concept may also be successfully used in 
studies how to influence the loading severity by 
changes in aircraft operation. Application of the 
CSI concept for this purpose will be illustrated in 
Spiekhout'S Paper (Ref. 5)  during the present 
Meeting. 

6. CONCLUSIONS 

1. A simple means to quantify the severity of a 
measured load spectrum has been defined, which 
accounts for load interaction effects. 

2. The CSI appears to be a reasonably accurate 
measure for the relative severity of manoeuvre 
dominated fighter spectra. 

3. The CSI is used as a standard tool in the RNLAF 
F-16 Fatigue Load Monitoring Programme. 

4. The CSI-concept can also be successfully used 
in studies how to influence the operational 
fatigue life consumption. 
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1. - INTRODUCTION 

The current state of crack growth prediction models for 
aerospace applications is reviewed with special reference to 

'tations and possible improvements. The present work aims 
xamining the different crack growth prediction models with 

reference to effective application for practical use (i.e. with the 

apply the model) and at quantifymg the reliability of the 

currently used by aerospace industries and prediction methods 
under development within the scientific community are 
considered. An experimental program has been carried out to 
help achieve the aforementioned objectives. 

& 
I 
I 

objective of identifying the experimental data necessary to 

I different models. Both crack growth prediction models 

LIST OF SYMBOLS 

Latin Symbols 
a = crack length 
CA = Constant Amplitude 
f(xj) = displacement at point xi due to the nominal stress in the 
stnp yield model 
g(xi,x,) = displacement at point xi due to a unit stress applied 
at point x, in the strip yield model 
K = Stress Intensity Factor 
LEFM = Linear Elastic Fracture Mechanics 
. = length of the i-th element in the strip yield model c = ratio of minimum to maximum stress in the load cycle 

= OverLoad 

S = nominal stress 
UL = UnderLoad 
VA = Variable Amplitude 
Vi = vertical displacement of the i-th element in the strip yield 
model 

Greek Symbols 
AK = Stress Intensity Factor Range 
U = local stress 

suffixes 
calc = calculated 
eff = effective 
exp = experimental 
max = maximum 
min = minimum 
op = opening 

After the introduction of 'damage tolerance' requirements, 
at first issued for USAF military aeroplanes [ l ]  and 
subsequently also for commercial transport aircraft [2], the 
development of reliable methods for crack growth analysis 
under Variable Amplitude (VA) fatigue loading has become a 
crucial point for all aerospace industries. The application of a 
crack growth model is essential in the different phases of 
design, certification and operation of aeronautical and 
aerospace structures. From the point of view of industrial 
designers, the ideal method should obviously provide reliable 
predictions, be very easy to handle, should not require too many 
empirical constants (derived from specific tests) for its use and, 
lastly, should not require much computer time, because of its 
extensive use. 

A flood of literature has been published in the last twenty 
years on this subject and has led to considerable understanding 
of certain problems associated with fatigue crack propagation, 
at least from a phenomenological point of view. Many methods 
have been developed and are available to the industrial 
designeq some of them are quite simple, but others are very 
complex. Anyhow, still insufficient help and information are 
too often provided to the user who, besides the general limits of 
applicability of the models, needs suggestions as to how to 
identify the most suitable model for his specific problem. 
Among other things, a very important piece of information for 
an industrial designer is knowing how far the results of his 
calculations depend on the scatter of the input data, as well as 
the sensitivity of the method to changes in the design variables, 
both in a qualitative as well as in a quantitative way. In a 
previous research, carried out at the beginning of the 80's [3], a 
systematic evaluation of the existing models was made. In the 
following sections, updated crack growth prediction methods 
are reviewed and evaluated, following the same logic approach, 
with the help of experimental results, some of which obtained 
from a specific test program and others from the literature. 

2. - CRACK GROWTH PREDICTION METHODS 

A number of excellent review papers on fatigue crack 
growth have been published recently: among others, mechanism 
aspects are well discussed in [4], while papers [5-81 are mostly 
devoted to the description and analysis of models. 

Fatigue crack growth under CA loading is a well estab- 
lished phenomenon, typically analyzed with the use of Linear 
Elastic Fracture Mechanics (LEFM). On the contrary, the 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Cmck Growth Prediction Techniques: 
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prediction of fatigue crack growth under VA spectra is a much 
more complex matter. The basic assumption of the models 
based on LEFM is to postulate the @ssibility of correlating CA 
propagation data to VA loading histories through the identifi- 
cation of a similarity parameter, generally related to the stress 
intensity factor. Unfortunately, there are so many interaction 
effects between load cycles of different amplitudes that, even if 
some of them are quite well understood (at least from a phe- 
nomenological point of view), canying out accurate quantita- 
tive predictions is still a formidable task. Among other things, 
just to quote only the most relevant ones, an ideal prediction 
model should simulate the following interaction effects: 
- crack growth delay, following an overload; 
- crack growth acceleration; 
- delayed retardation; 
- interaction between incompatible crack front orientations; 
- development of shear lips; 
- interaction with microstructural features (surface roughness). 

It is quite clear that a single model should take all these 
effects into account and therefore it is easy to understand that 
both simple (but rough) and refined (but complex) methods 
have been proposed by many researchers. 

According to the modelling of the mechanism that is 
considered to be responsible for the main interaction effects, 
crack growth prediction methods can be broadly classified in 
the following groups: 

- Non-interaction assumption 
- Characteristic K concepts 
- Yield zone models 
- Crack opening models 
- Strip yield models 

The simple linear calculation, developed first 
chronologically spealung, provides usually conservative results, 
often too Conservative, since in a typical wing stress history 
retardation effects in general largely prevail over acceleration 
effects. Therefore, most of the methods have been developed to 
overcome the limited reliability of the non-interaction 
procedure. The various crack propagation methods are based 
upon the following two essential elements: 
(i) interaction modelling, i.e. how sequence effects are taken 
into account, including the selection of the key parameter and 
the definition of memory effects; 
(ii) how the effective current stress range and R ratio are 
related to crack increment (crack growth law). 

2.1 Non-interaction assumption 
The non-interaction assumption is based on the 

hypothesis that a stress intensity factor range occurring in a VA 
loading history produces the same crack increment as if it were 
part of a CA loading history. This assumption generally 
provides conservative predictions, which, depending on the 
load spectrum, may be often too much conservative. Using the 
non-interaction assumption, trend effects related to 
modifications of design variables are generally not predictable. 
Non-interaction calculations may be canied out in accordance 
with various crack growth laws or using an interpolation 
procedure through test data. 

2.2 Characteristic K concept 
It is assumed that it is possible to correlate crack growth 

in a VA load history with a characteristic stress intensity factor, 
depending on the spectrum and its stress level. This method is 
not, strictly speakmg, a prediction method, but rather a 
similitude method useful when experimental data from similar 
load spectra are available. The results of the calculation, which 

are sufficiently accurate in some cases [9-111, are in general 
sensitive to spectrum variations. 

This method is typically applied for block spectra or 
random gaussian spectra; in the case of flight-by-flight spectra 
it is not widely used. 

2.3 Yield zone models 
Yield zone models were developed in the 70's in the 

United States and were the first attempt to take retardation 
effects after the application of an overload into account. They 
are based on the assumption that retardation is related to the 
dimension of the plastic zone created ahead of the crack tip by 
the preceding OLs. The amount of retardation, i.e. the 
difference in crack growth produced by the current cycle 
compared with the growth pertinent to the same cycle if it were 
part of a CA block, is related to the amount of propagation that 
is still necessaty for the crack to reach the boundary of the 
plastic zone in which it is embedded. 'The first and most fmous 
models developed according to these concepts were proposed 
by Wheeler [12] and Willenborg [13]. These models require as 
input data the yield stress of the material and CA crack growth 
data. The Wheeler model also needs an empirical constant, 
given by the operator as an input datum, which is in practice a 
parameter regulating the average retardation of the spec- 

previously obtained under similar conditions (i.e. material, load 
spectrum, load severity, etc.). 

These models, in practice, simulate only the retardation 
after OL effect; generally, they are considered as not being 
accurate, because the interaction modelling based only on 
plastic zone size evolution is insufficient for such a complex 
phenomenon. Many modified +ersiom have been proposed for 
the Wheeler [14-161 as well as for the Willenborg [17-191 
models, in an attempt to eliminate the need for an unknown 
fitting parameter (Wheeler model) and to take into account 
effects otherwise not predicted by such models, like multiple 
OLs interaction and UL effect. These updated versions are also 
based on the same modelling of crack growth mechanics. 

Anyhow, they are extensively used by the aerospace 
industry, mainly due to their simplicity. In particular, since the 
designer must provide some test data in support of his analysis, 
whatever the model used, the fitting parameter of the Wheeler 
model, specific for the material, spectrum and crack interval 
examined, can be easily evaluated. On the other hand, the 
Generalized Willenborg model [17] is also quite simple to 
handle and generally provides conservative predictions; 
these reasons justify its wide use in aerospace industries. 

is usually obtained by fitting the model results to test dd) 

2.4 Crack opening models 
The crack opening models work on the assumption, based 

on experimental evidence first provided by Elber [20,21], that 
not all the load excursion is active for propagation, but only a 
part of it. In particular, it is assumed that propagation takes 
place only when the crack is fully open, which occurs for a 
stress level above the minimum stress of the cycle. Such a 
stress level is named opening stress, S,, and depends on the 
previous load history. According to such an assumption, only a 
part of the nominal stress intensity factor range is active for 
crack propagation and that part is named effective stress 
intensity factor range AKeff (aeq = & - KO&. The AKeff is 
considered to be the similanty parameter that allows 
correlation between CA and VA loading: a cycle of a VA 
history produces the same growth as a cycle of a CA history 
with the same AKeE value. 

The various crack opening models available in the 
literature differ from each other in the interaction assumptions, 
i.e. how the material remembers the past stress history, as well 
as in the estimate of the parameters of the utilized crack growth 
law. The simplest model is the one proposed by Schijve [22], 
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who assumed that Sop remains constant during each flight of a 
flight-by-flight sequence. Other models have been proposed in 
recent years, the most interesting being those of Aliaga [23-251, 
of Baudin [26, 271 and of De Koning [28, 291. Such models, 
considered the most promising ones, receive further attention in 
the present paper. 

2.5 Strip yield models 
Strip yield models are based on a discrete modelization of 

the Dugdale-Barenblatt [30,31] strip yield model. According to 
the Dugdale assumptions, yielding is supposed to occur in a 
nmow strip ahead of the crack tip and on the crack flanks. The 
propagation of a crack interacting with its plastic wake, 
embedded in a far elastic field, is studied as a superimposition 
of two elastic problems (see fig. 1). This model has been 
discretized by many researchers [32-391 in order to study crack 
propagation through a discrete description of the crack flanks 
and of the plastic zone. Newman [36] discretized the material 
surrounding the crack with bars with elastic-perfect plastic 
behaviour. The problem is governed by the compatibility 
equations of the vertical displacements (Vi) and lengths (Li) of 
the i-th bar elements, i.e. Vi = L,. Li is equal to the residual 
deformation of the i-th bar element. The displacements can be 

from the superimposition of two elastic problems, 
ch as: 

n 

j = l  
v i  = s f ( x i )  + C ~j g ( x i  x j )  

From the system of compatibility equations, a linear 
system follows, which can be resolved step-by-step, usually 
with the Gauss-Seidel method. The boundaq conditions are 
that the j-th bar in the plastic zone ahead of the crack tip yields 
in tension at uj = auo while elements both on the crack flanks 
and in the plastic zone yield in compression for uj = - uo If for 
the j-th element on the crack flanks uj is positive, then such an 
element is not in contact with its corresponding opposite 
element and it is posed uj4 .  Crack growth is modelled by 
disconnecting the bar elements ahead of the crack tip. Crack 
growth calculation is not canied out on a cycle-by-cycle basis, 
that would be too expensive, but for a fixed crack increment or 
number of cycles. It is assumed that the parameter a makes it 
possible to take the effective threedimensionality of the stress 
into account, i.e. the transition from plane strain to plane stress 
onditions. Calculations carried out by varying the constraint @ ctor a are reported to simulate the experimental plain strain- 

plane stress transition very well [39]. Due to the very long 
calculation time, this model is at present mainly utilized to 
verify assumptions used in simpler models, although interesting 
results for flight-by-flight histories have been published. 

One of the main features of the model is the identification 
of the functions g(%,x$ and f(xi); Newman reported such 
functions for the centre crack tension specimen and for a crack 
emanating from a hole, but displacement functions for other 
geometries may be obtained from the open literature or using 
the weight function method [40]. Interesting results have also 
been obtained with such models in the analysis of short crack 
growth [4042]. 

Strip yield models are still being developed in order to 
acquire a better definition of the physical meaning and 
evaluation of the parameter a. 

3.- DESCRIPTION OF THE MAIN CRACK OPENING 
MODELS 

In the present investigation particular attention was 
devoted to the crack opening models; therefore in the following 

the PREF’F’AS, ONERA and CORPUS models are briefly 
described. 

3.1 The PREFFAS model 
The PREFFAS model [23-251 was.devised by Aliaga, 

Davy and SchafF of Aerospatiale in 1985. The model was 
proposed for short load sequences, i.e. such that the crack 
grows inside the plastic zone generated by the highest peak of 
the block. The authors claimed accurate predictions for simple 
VA as well as for complex flight-by-flight load histories. Rain- 
flow effects for the Smax-Sop sequence are also considered. 

3.1.1 Load interaction modelling 
The effect of the previous load history is taken into account, 
considering that each previous peak produces an opening level, 
which can be estimated by relating it to the lowest trough 
included between the peak considered and the current cycle 
(see fig. 2). The opening stress of the current cycle is the 
highest opening stress calculated by considering all the 
previous peaks, utilizing the opening function described below. 
The model was originally proposed for short spectra and 
assumes that the plastic zone associated with the highest peak 
in the spectrum is dominant, i.e. the bounrlary of the plastic 
zone associated with the current cycle never exceeds the 
maximum extension of the plastic zone. The model evaluates 
the interaction effects by taking only stress levels and cycle 
sequence into account. Compressive stresses are set equal to 
Zero. 

3.1.2 Opening function 
The function that expresses the ratio of the effective stress 
intensity factor range to the nominal one is supposed to be 
linear in R, i.e. U(R) = A + B R; the constants A and B must be 
obtained experimentally for each material and thickness. The 
authors also provide a recommended test procedure to obtain 
such constants, which cannot be derived through standard crack 
opening measurements. 

3.1.3 Crack propagation law 
The crack propagation law, proposed by the authors, is an Elber 
type law in AKeff, i.e. da/dN = C (AKeffy”. Due to the short 
length of the typical spectrum, the crack length can be 
considered to be constant during the application of one block. 
Because of this, the crack growth in a block can be expressed 
by f(a)eZ(ASeEy”, where the stress dependent term has the 
same value for each block, except the first one, where the 
regime of opening stresses is not yet stable. Therefore, it is 
much more convenient to evaluate crack growth on a block-by- 
block basis, rather than on a cycle-by-cycle basis. 

3.1.4 Experimental tests needed to apply the model 
There are four material dependent parameters to be obtained 
for applying the m e t h d  A and B for the opening function, C 
and m for the propagation law. CA tests at different R ratios as 
well as a block test (lo00 cycles with R 4 . 1  plus a cycle with 
the same minimum stress level but maximum stress level equal 
to 1.7 times the maximum stress level of the CA block) must be 
performed. The latter test is supposed to introduce some 
correction for OL interaction effects [43] and is fundamental in 
obtaining the constants A and B; values for such constants are 
given by the authors for 2024-T3 and -T351 (for different 
thicknesses), 7075, 7010 and 7050 with -T6 and -T7 heat 
treatment conditions. 

3.2 The ONERA model 
This model was originally devised by Baudin and Robert 

of ONERA in 1981 [26], while some modifications were 
presented in 1984 [27]. The model was proposed for flight-by- 
flight load histories and initially applied to 2024-T3. 
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3.2.1 Load interaction modelling 
The effect of the previous load history is considered through the 
definition of an equivalent load cycle, based on an appropriate 
algorithm; such cycle keeps memory of all the previouS load 
history. Plane strain-plane stress transition is taken into account 
by means of a relationship with the ratio of the Irwin plastic 
zone size to the thickness of the material. A thickness effect is 
also considered through a relaxation of the influence of K,,,,,, on 
the interaction rule. 

3.2.2 Openmg functim 
The opening stress is obtained as a weighted average of two 
opening function values: the first one is referred to CA load 
histories (considered to be a particular case of multiple OLs) 
and the second one for single OL effect. The weight parameter 
was defined as a fitting parameter when the model was first 
published [26] and later related to spectrum severity, [27]. The 
authors obtained the opening filnctions for 2024-T3 
experimentally, in plane stress conditions, [26]. 

3.2.3 Crack propagation law 
The suggested crack propagation law is an E l k  type one, i.e. 
WdN = c (me#! 

3.2.4 
To apply the model the opening functions for single OL and for 
the CA case are needed, as well as the parameters C and m for 
the crack propagation law. For the evaluation of the C and m 
constants, the authors use the results of R=O CA tests. 

3.3 The CORPUS model 
The CORPUS model was proposed by De Koning of NLR 

in 1981 [28,29]. At present, the model is considered the most 
sophisticated and accurate crack opening model. It is based on 
hctographic observations of crack growth surfaces, which 
provide support for the hypothesis of a mechanism of plasticity 
left in the wake of a growing crack. The model is also 
implemented in the ESACRACK software for crack growth 
predictions. 

3.3.1 Load interaction modelling 
The interaction is based on the modelling of the behaviour of 
the plastic zone wake of a crack. Each stress peak is assumed to 
create a ridge on the crack flanks. The crack is considered to be 
completely open when the last ridge loses contact: the 
corresponding stress level is the opening stress for that crack 
length. The minimum stress of each cycle flattens the existing 
ridges, i.e. reduces the opening stress level. Each ridge is 
considered to be active in the determination of the dominating 
opening stress as long as the crack tip is embedded in the 
plastic zone of the peak that generated it. Multiple OL effects 
are taken into account through an experimental relationship. 
Plane strain-plane stress transition is considered only as far as 
the dimensions of the plastic zone size are concerned. The 
effects on the opening level of secondary plastic zones, i.e. 
plastic zones developing in already stretched material, are also 
modelled. 

Experimental tests needed to apply the model 

3.3.2 OpeNng h c t i o n  
The opening function is based on experimental measurements 
and also takes the effect of maximum stress into account; the 
importance of this was pointed out by Newman [36] with the 
use of the strip yield model and finite element calculations. The 
same function, relevant to plane stress conditions, is assumed 
to be applicable for 2024-T3 and 7075-T6 aluminium alloys. 

3.3.3 Crack propagation law 
The suggested crack propagation law is an Elber-type one, i.e. 
WdN = c (me#? 

3.3.4 Experimental tests needed to apply the model 
Experimental tests with CA loading at different R values are 
necessary to obtain the crack propagation law parameters for 
the material and the thickness under examination, as well as 
the opening hct ion.  

4. - EXPERIMENTAL PROGRAM 

An experimental program was carried out to support the 
analysis of the models. The material used was Alclad 2024-T3, 
2.54 mm thick, tested in the longitudinal (GT) orientation. CA 
tests as well as VA (flight-by-flight spectrum and simple flight 
simulation spectrum) tests were performed. It was decided to 
investigate the 'gustdominated' spectra, typical of transport 
aircraft, to begin with, but in the fo l lowa  part of the research 
other spectra will be used. 

In particular, simplified flight simulation spectra, similar 
to those used by Schijve and h4isawa [MI, were used, as well 
as more realistic load sequences, like MiniTWIST [45] and the 
flight-by-flight wing root design loadmg history of a medium- 
range executive aircraft, [46]. 

4.1 Fatigue test apparatus 
Two different servohydraulic fatigue machines were 

with capacities of 50 KN and 200 KN, respectively. Each% 
was completely controlled by a PC, programmed to monitor the 
load generation and to acquire the crack length measurements 
at regular intervals, by means of the direct current potential 
drop technique. The 200 KN machine was used for the 
executive aircraft flight-by-flight load sequence and for some 
CA tests. All the other tests were performed on the 50 KN 
machine. 

Centre cracked panel specimens were used, of different 
width in the central section: all the CA tese and the VA tests 
under executive aircraft spectrum were carried out on 
specimens 160 mm wide, while all the MiniTWIST testa and 
simple flight-simulation tests were carried out on 100 mm wide 
specimens. The length of the test section was at least equal to 
twice the width. The initial notch was introduced by means of a 
jeweller's saw and a natural fatigue crack was nucleated, under 
a proper CA load, up to 3 mm for narrow specimens and 4 mm 
for large specimens; then the tests started. Antibuckling guides 
were used in all cases. 

A detailed description of the tests and of the results 
obtained can be found in [47]. 

4.2 CA tests 0 
The CA tests were Carried out at four different R ratio 

values ( R 4 . 4 ,  0.1, 0.4, 0.65). For the analysis of predictions 
relevant to gust dominated spectra, it was considered of great 
importance to obtain CA crack growth data also in the low 
stress intensity factor region. Therefore, some tests were 
carried out using the load-shedding technique (AK decreasing). 

The results obtained are repoxted in fig. 3; transition 
points in the da/dN vs. AK plot are clearly visible and all the 
results are consistent with similar results in the literature, 1481. 

4.3 Simple VA tests 
Simple VA tests were carried out with simple block 

spectra, with the aim of obtaining experimental data for 
situations where only a specific interaction effect was active, a 
deliberately exaggerated situation. More in particular, the 
simple VA spectra used were: 
(a) the block spectrum required for obtaining the data for the 
application of the PREFFAS model. Two tests were Carried out, 
using different maximum stresses of the CA cycles: 56 MPa 
and 90 MPK 

I 
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(b) a sequence of 200 cycles, starting with a UL - OL ( 4 5  MPa, 
110 MPa), while the remaining cycles were a CA sequence (45 
MPa, 85 MPa); 
(c) a sequence of 200 cycles, identical to the previous one 
except that this time the second, the third and the fourth peaks 
were also set equal to the overload (1 10 ma). 

The results obtained are reported in fig. 4 in terms of 
crack length as a function of the number of blocks. 

4.4 Flight-by-flight tests 
Two flight-by-flight load histories were used in the test 

program: the MiniTWIST and an executive aircraft spectrum. 
While the first one is a well-known standard spectrum, some 
comments are worthwhile for the second spectrum, which is 
characterized by relatively few interaction effects, a light 
ground stress (about -0.3 times the mean flight stress) and short 
flights (in average, about 11 cycles per flight: the total length 
was about 32000 cycles for 3382 flights). Different stress 
levels, representative of actual operating situations, were used: 
the MiniTWIST tests were performed for S, = 60,65 and 70 
MPa (3, 6 and 3 tests, respectively), and &ee stress levels 
were also used for the executive aircraft spectrum, S,,,,=160, 
180 and 200 MPa (1, 4 and 1 tests, respectively). The tests 

are reported in figs. 5 and 6. 

- ANALYSIS OF THE PREDICTIONS OF THE 
CRACK OPENING MODELS 

5.1 
In the past, interesting reviews of crack propagation 

models have been published [5-81. The models have been 
examined in detail, as well as their ability to qualitatively and 
quantitatively predict certain physical phenomena: single and 
multiple OL, UL effects, effect of high nominal stresses, plane 
strain - plane stress transition, delayed retardation, etc. A 
summary of these analyses, from [SI, is to be found in tab. I. 

In the present investigation, particular attention is paid to 
the evaluation of existing models, carried out through an 
homogeneous set of test data, obtained both under CA and VA 
load spectra, and to the assessment of the reliability of the 
models and their dependence on input data. Crack growth 
predictions were carried out using input data from the literature 
(an interesting survey is to be found in [49]) and compared with 
the results of the predictions carried out on the basis of the CA 
data obtained in the present test program; this allows a better 

ssment of the capabilities of the various models and the 
aluation of the scatter in the accuracy and reliability of the 

predictions in the two cases. 
As far as the assessment of the reliability of the models is 

concerned, following the methodology already developed in [3], 
the ratio Nev/Ndc for a fixed crack growth interval has been 
evaluated and considered as a random variable, assumed to 
have a log-normal distribution. The median value and the 
standard deviation of may provide more usehl 
information on the predictive ability of the model. A model is 
commonly classified as "acceptable" when the value of the ratio 
Nefplc falls within the 0.5 - 2.0 range, [SI. However, the 
eva uation of a model on this basis only may lead to errors if 
there is the possibility of self compensating mistakes (e.g. 
deceleration in the first part of the propagation and acceleration 
in the f d  part). To overcome such a setback, the comparison 
of the experimental to the predicted crack growth rate for the 
two flight-by-flight load histories was also considered. 

The use of different spectra should increase contkknce in 
the evaluation; from this point of view, research is still in 
progress and will be extended to other load spectra, all 
belonging to the same group of "transport a i r d "  spectra, with 
similar interaction effects. 

Main purpose and objectives of the analysis 

6 

5.2 Determination of experimental parameters for the 
application of models 

Computer programs were implemented, in accordance 
with the original references, and checks were made against 
results in the literature. In the case of the CORPUS model, an 
interpolation algorithm was also set up, as an alternative to the 
use of an Elber-type law. The reason for this choice stems from 
the observation that crack growth under a "gust dominated" 
spectrum is the result of the application of many small load 
cycles, which correspond to crack growth rates in the medium- 
to-small range, below the field of validity of the linear relation- 
ship of the Elber law. Therefore, the use of an interpolation 
procedure seems to be a better solution and is usually adopted 
by many computer codes which are commercially available; its 
extension to the other opening models is in progress. 

The parameters of the Elber-type equation are obtained 
by fitting the opening functions used by the models to the 
experimental data collected in the CA tests. It was necessary to 
select a given range of data, since the linear behaviour in a log- 
log plot is relevant only to the Paris region. Sensitivity tests 
were carried out, by varying the range of crack growth rates 
considered for the evaluation of the parameters C and m. It is 
worthwhile pointing out that the related variations of C and m 
may be such to influence considerably the models predictions. 
This fact highlights the need for a clear and well-defined 
procedure to obtain the values of the constants of the crack 
propagation law from test data for a correct prediction (in the 
sense of consistency with the model logic structure). Therefore 

and lW3 "/cycle were selected. The following constants were 
obtained (units: MPadm, "/cycle): 

ONERA model: m=2.857, G9.415 x lo-'; 
PREFFAS model: m=2.780, (24.327 x 

the data relevant to crack growth rates included between 10 4 

while from data in the literature, it was assumed: 

CORPUS model ([31,51]): m=3.7, G1.26 x 
ONERA model ([29]): m=3.0, C=8.92 x 

opening function constants: A=O.56 and B4.44 ([25]); hence: 
m=3.7, C=9.92 x 

PREFFAS model: m=3.7, c1=1.5364 x 10- s for R=O.1 ([49]); 

As far as the PREFFAS model is concerned, this method 
would prove not to be strictly applicable for the material and 
the thickness under examination: according to [23-251, one 
should find that the experimental data from R4.1  and R=O.l 
plus OL tests provide two parallel data fit lines on a da/dN - 
AK log-log graph, but that was not obtained in the present case, 
as may be observed from fig. 7. Therefore, following the logic 
approach of the model, the values suggested by the model's 
authors were used for the constants A and B, while the slope m 
was given the value pertinent to CA tests with R=O.l; C is 
derived from the A, B and m values. 

5.3 Comparison of the experimental and analytical 
crack growth predictions 

The first point taken into consideration is the influence of 
input data on predictions. Figs. 8 show some of the results: for 
flight-by-flight spectra, only one stress level, i.e. the one with 
the greater number of test curves, was selected. As can be seen, 
the effect of the input parameters for the description of the 
crack growth law is different, according to the model taken into 
consideration. As far as the CORPUS model is concerned, the 
effect is negligible, notwithstanding the fact that, as far as the 
input of data from the literature (LD in the figs.) is concerned, 
an Elber law was used, while an interpolation procedure was 
used for the present test data (TD) input. On the contraxy, for 
the PREFFAS model considerable improvements in the 
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accuracy of the predictions can be observed for all the spectra 
considered, using the material constants obtained according to 
the above mentioned procedure. @stead, the predictions 
obtained by means of the ONERA model, in the case of simple 
VA loading, show a noteworthy decrease in accuracy, even 
though for these spectra they were already poor. Calculations, 
carried out in the course of the investigation but not reported in 
this paper, showed this method is particularly sensitive to the 
crack growth law the use of a best-fit Elber law obtained on 
data relevant to crack growth rates up to "/cycle 
resulted in considerable prediction differences. This was 
attributed to the change in the slope of the best-fit line that 
produces differences in the evaluation of the crack growth for 
small AKeS which very often occur in a "gust dominated" 
spectrum. Besides, differences in crack increments are also 
related to differences in the memory effects. 

For a deeper understanding of the relevant merits of the 
three opening models, a comparison was made between 
predictions and test results as far as the average crack growth 
rate in a block, as a function of crack length, is concemed. Figs. 
9 show some of the results: it is clearly evident that predictions 
based on present test data (TD) are slightly closer to the 
experimental data than those obtained using data from the 
literature data (LD). Fig. 9a, relevant to the MiniTWIST 
spectrum with S,, = 65 MPa, is particularly interesting. 
CORPUS predictions are the only ones capable of following the 
trend of the experimental results, while all the other methods 
predict an average crack growth rate which increases linearly in 
a log plot. Therefore, for small crack lengths such methods 
underestimate the growth rate, while for large crack lengths 
the opposite occurs: in other words, compensating mistakes 
may occur in the evaluation of the number of flights required 
for a given crack growth interval. 

As far as the executive aircraft spectrum is concemed, as 
already specified, it has certain characteristics that make it 
different from the others: relatively few interaction effects, a 
light ground stress and short flights. As a consequence, the 
maximum peak in the spectrum completely controls the 
opening stress evolution. The logic of most models recognizes 
the features of such a spectrum as being similar to those of a 
block spectrum; t h i s  is mainly the reason why the CORPUS 
predictions are less similar to test data than in the case of the 
MiniTWIST spectrum, fig. 9c. 

The simplified VA spectra had been chosen in a manner 
that proved to be too !mild': the delay effect was too small and 
the tests were almost completely CA tests. It is interesting to 
note that also in this case CORPUS predictions are not very 
accurate, fig. 9d, in these tests the crack grows for a long period 
in plane strain conditions. 

The aeronautical industry mainly requires crack growth 
models for the assessment of inspection intervals: it is quite 
important for a model to provide estimates that are independent 
of spectrum and crack interval. Therefore, the use of log-normal 
plots of the random variable New/N,,,, for a selected interval 
was considered to be usehl for a practical evaluation of the 
reliability of crack growth models. Two intervals were selected: 
(a) from the initial crack length to 12 mm and (b) from the 
initial crack length to 25 mm. A number of results are shown in 
figs. 10. It is important to point out that PREFFAS model 
results show the lowest scatter and a reasonably log-nod 
distribution, while the results of CORPUS do not seem to 
belong to a unique distribution. For comparison, data from [49] 
are also shown; such results are from various spectra (included 
MiniTWIST, F27, FALSTAFF, and their variations, all of them 
for different stress levels) and refer to crack growth intervals 
different from those considered in this paper. These results are 
much better than the present ones, both from the point of view 
of the mean value and the scatter. Anyhow, the present results 
relevant to the MiniTWIST spectrum are quite consistent with 

literature data, while the results from the other spectra seem to 
belong to a different distribution. A possible reason for this 
behaviour is assumed to be that such results refer to tests where 
the crack propagated for a long period in plane stress 
conditions, which is a situation where the CORPUS model 
works very well. 

The results relevant to the Generalized Willenborg model 
are shown in fig. 104 in general, the predictions are 
conservative and the scatter of the results of this rather simple 
model is not higher than the one of other models. 

5.4 
Some modifications were made to the models to assess 

the possibility of extending their capabilities or in an attempt to 
improve their accuracy. 

In particular, the PREFFAS program was modified, as 
already done in 1491, in order to take each of the following 
aspects into account separately: 
(a) disregarding the effects of rain-flow on the Se history, 
(b) extreme simplification of the memory effect fy  keeping the 
opening stress constant in the whole spectrum, relating the max 
peak to the minimum stress, which is posed by the model equal 
to zero. 

Some simple modifications to the models 

The modifications introduced did not produce s i g n i f i a  
changes in the results, as shown in fig. 11, relevant to the 
MiniTWIST spectrum, Sjg = 65 MPa, where the predictions 
relevant to the modifications are scarcely distinguishable. The 
conclusion is that such modifications are very little help, 
because the model contains certain semi-empirical constants 
that allow a balancing of over- and underestimates in various 
parts of the spectrum. 

The CORPUS model is the one that receives most credit 
since it is able to simulate most of the interaction effects. The 
results of the present investigation revealed a certain lack of 
muracy in those cases where a large ,part of the crack growth 
occurs in plane strain conditions. The spectra used in the test 
program are quite 'mild', which has delayed the. transition to 
plane stress conditions. The original CORPUS model takes the 
transition into account only by varying the size of the plastic 
zone; in this way, the initial part of the crack growth curve 
undergoes a small adjustment but does not follow too faithfully 
the test curve. In the attempt to obtain a better prediction in this 
area, and following indications of recent papers by Newman 
[36] and Wang [50], a modification was introduced in the 
computer program by changing the condition relevant to 
beginning and completion of the transition, which is expres 
by two values of AKeE and by using a specific opening function 
for plane strain conditions, namely the one proposed in [51]. A 
number of results are shown in fig. 12: an appreciable influence 
can be observed, which indicates that this is an important point. 

ab 

6. - SUMMARY AND CONCLUSIONS 

A research program is in progress at the Department of 
Aerospace Engineering of the University of Pisa concerning the 
assessment of currently available crack growth prediction 
methods. The experimental part of the research is carried out 
on 2024-T3 Alclad alloy, test results under CA and VA loading 
have been obtained, to be used as a test case for the models. 
Particular attention has been devoted to the models based on 
the crack opening phenomenon and in some cases attempts 
have been made to modify those aspects, which are supposed 
not to be covered adequately by the models. 

In particular, the following is a summary of our 
conclusions: 
(a) CA test results obtained in the present investigation are 
fairly consistent with similar results available in the literature; 
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(b) the influence of the use of present test data instead of data 
in the literature is relatively small in the case of CORPUS, 
while the changes in the predictions obtained with PREFFAS 
have shown the importance of the range of data selected for 
obtaining the constants C and m, 
(c) the CORPUS model, mainly for the h4iniTWIST spectrum 
but to a minor extent for other spectra, too, is capable of 
providing the same trend of crack growth rates in relation to 
crack length as the test dab, this is attributed to the more 
complex logic of CORPUS and is better simulated in the case 
of spectra with a short period of plane strain conditions; 
(d) a relatively simple method, like PREFFAS, is able to 
provide the industrial designer with virtually good estimates of 
crack growth interval ratios, in a significant range of spectrum 
and stress level; 
(e) the Generalized Willenborg model, still widely used, even 
though based on a rough modelling of the crack growth 
phenomenon, provides in general conservative results, with a 
scatter not larger than the one of the other methods. Similar 
conclusions can be drawn for the Wheeler model, which is not, 
strictly speakmg, a 'prediction' method, since it needs to be 
tuned on the basis of the results of some tests, which anyhow 
must always be carried out to validate the analysis; 

some simple modifications have been made to PREFFAS, 

(g) the transition from plane strain to plane stress conditions 
seems to play an important role; a better description should be 
introduced in the models, since its effect is important, 
particularly for 'mild' spectra. 
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A COMBINED APPROACH TO BUFFET RESPONSE ANALYSES AND FATIGUE LIFE PREDICTION 

SUMMARY 

J. H. Jacobs 
R. Perez 

McDonnell Douglas Aerospace - East 
McDonnell Douglas Corporation 

P.O. Box 516 , St. Louis. Missouri 63166-0516 
United States 

Experimental measurement and neural network based 
prediction of wind tunnel model empennage random 
pressures are discussed. Artificially generated neural 
network power spectral densities of surface pressures are 
used to augment existing data and then load an elastic finite 
element model to obtain response spectrums. Details on the 
use of actual response spectrums from flight test data are 
also discussed. A random spectra fatigue method is 
described which effectively combines buffet and maneuver 
loads into a time series based on aircraft usage data. A 

-valley damage analysis procedure is employed to ~c mpute the aggregate fatigue life of the structure based on 
the combined load time series information. Applications of 
the method as a continual leaming tool for buffet response 
spectra is elaborated. 
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NOTE: Bar over symbol means RMS value. 

Aerodynamic vortices develop from the l ead i i  edge's of 
fighter aircraft during high angle-of-attack maneuvers. 
These vortices impinge upon portions of the aircraft 
structure causing high frequency vibrations. The high 
frequency vibrations. known as buffet, induce dynamic 
stresses into the structure, which in turn, cause rapid 
accumulation of fatigue damage. Figure 1 shows 
aerodynamic vortices originating from a forward position on 
the aircraft crating buffet loading on the aft portion. 

Because future aircraft will be more maneuverable, they 
may be subjected to even more severe buffet environments. 
Buffet loads, therefore, should be included with maneuver 
loads in preliminary aircraft design to prevent early fatigue 
damage and reduce maintenance costs. The ability to 
accurately predict random pressure environments on the 
empennage of a fighter aircraft in the advanced design stage 
has been quite difficult due to the complexity of the 
interaction between the aircraft geometry, flow field. vortex 
path, and empennage structure. While existing aircraft test 
data can provide an estimate of these dynamic and static 
load environments, more accurate and robust prediction 
methods must be addressed to avoid costly post-production 
repairs. 

To be able to accurately predict the fatigue life of aircraft 
structures exposed to buffeting environments, detailed flight 
test or wind tunnel response data must be obtained. Project 
limitations and time constraints do not always allow for the 
gathering of this detailed information at all possible Q and 
AOA conditions. To alleviate this problem a neural 
network based learning algorithm has been investigated for 
possible use in augmenting this information which is 
required for fatigue life calculations. 

Since empennage environments on fighter aircraft are a 
complex combination of dynamic loads and static maneuver 
loads, the neural network generated PSDs are combined 
with maneuver load spectrums to form a total fatigue 
spectrum. The load history is then used for a peak-valley 
analysis to compute crack initiation and crack growth 
fatigue lives. 

In 1987 a cooperative research effort between NASA LaRC 
and MDA was initiated to study the effects of vortex-tail 
interaction process for a 76 degree delta wing with twin 
vertical tails placed aft of the wing (Ref. 1). The twin tails 
are illustrated in Figure 2. This geometrically simple 
configuration was chosen for this initial investigation into 
buffet environment modeling because it contained the 
pertinent physics involved in the vortex-tail interaction 
process and r e d u d  undesired aircraft geometric influences. 
The experimental investigation measured both the RMS 
magnitude and frequency of the rigid tail pressures as well 
as the bending and torsion moments of the flexible tail for 
various Q. AOA and tail positions. 

This set of test data was chosen as the first test bed for 
using a buffet environment neural network model before 
implementation on actual aircraft flight test data. The 
approach was to create a neural network model of the rigid 
pressure loads on the empennage structure and then use 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Cmck Growth Prediction Techniques; 
~ September 1993. 
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these loads for finite element analysis of flexible tail 
response. In this manner, the neural network system 
verifies the pressure field model and its ability to predict 
and correlate flexible response with wind tunnel data. 
Eventually, the method will be used to model actual full 
scale flight test empennage response data. 

Figure 3 represents the RMS buffet pressures near the tip of 
the rigid tail and the RMS bending moments of the flexible 
tail for inboard and outboard tail locations as observed 
during the NASA/MDA test program. The RMS buffet 
pressure and the RMS bending moment exhibited similar 
trends as the angle of attack was increased. Near 30' angle 
of attack there was significant increase in the buffeting 
levels for both tail positions. These highly nonlinear 
changes in the RMS pressures and bending moment 
responses are typical of empennage structures exposed to 
buffet environments. A distinct change in frequency content 
of the pressures was also observed as the angle of attack 
was changed (Figure 4). The peaks represent coherent 
fluctuations in the flow and are extremely difficult to 
predict even with today's modem CFD methods but are 
important for accurate fatigue life predictions. 

The data gathered during this joint NASA/MDA program is 
similar to that of previous model and full scale tests. 
Several investigators have developed techniques to 
nondimensionalize both rigid and flexible response 
information into usable quantities. However, those 
techniques lack the ability to effectively extrapolate to other 
test conditions or configurations not investigated (Ref. 2,3). 
Attempting to use traditional regression techniques to model 
this type of buffet data is extremely difficult due to the 
multiple number of noisy parameters that interact in a non- 
linear manner (Ref. 4). However, neural networks are 
especially adept at modeling this kind of data because their 
inter-connected algorithms can accommodate these 
nonlinearities. They can generally be defined as massively 
~onnected, massively parallel networks with the ability to 
leam. One of their most important characteristics is the 
ability to generalize from the data they have already seen, 
which makes them a good candidate for modeling the sparse 
buffet data (Ref. 5). 

The details on the evaluation of specific neural network 
architecture's to model the buffet data can be found in 
Reference 6. This paper will only show the applicability of 
the method for generation of PSD spectrums which can be 
used for a combined loads fatigue analyses. 

It is desired to predict the PSD pressure of the aircraft 
empennage, caused by upstream vortex impingement, as a 
function of free stream dynamic pressure, angle of attack, 
tail chord and span location of the pressure sensors, and 
positions of the rigid tail relative to the delta wing. In total, 
three dynamic pressures ranging from 3.3 to 7.7 PSF, fifteen 
angles of attack ranging from 0 to 40 degrees, five sensor 
positions, two tail positions, and 49 frequency bands were 
combined to form 7350 input/output pairs. The neural 
network architecture developed to model this data is shown 
in Figure 5 .  A combination of two types of networks were 
used which consisted of a Multi-Layer Perceptron (MLP) 
(Ref. 7) and a Radial Basis Function (RBF) (Ref. 8). The 
overall network is called a Hybrid cascading Neural 

Network (HCNN). The HCNN accounts for the wide - 
variation of PSD magnitudes between.10~ and high angles 
of attack by employing a scaling method which allows for 
equal emphasis of all training data. 

Predictions of this network as compared to the actual test 
data is shown in Figure 6 for a few representative angles of 
attack. Its ability to maintain the correct shape and identify 
modes in the PSD make its increased complexity 
worthwhile. Individual ftequency PSD values varied by 
approximately 10% for the trained data. However, the 
integrated overall RMS values were within 5% of the test 
results. 

In general, bending moment response of an empennage 
structure is directly obtained h m  full scale flight test data 
and used for subsequent fatigue calculations. Since the 
neural network was trained with rigid pressure wind tunnel 
data, flexible response information was still required for use 
in fatigue calculations. To demonstrate this, and to 
correlate with the response of the flexible tail in the wind 
tunnel, a finite element model was constructed of the 
flexible tail. The details of the model are discussed in 
Reference 6. The neural network model of the pressure 
environment was used to generate pressures over the entire 
surface of the tail to supply refined pressure distributions to 
the finte element model. The neural network provides an 
unbiased method of distributing pressures measured at only 
five points on the tail over the entire surface of the tail. The 
level of resolution which is obtainable for the pressure field 
is illustrated in Figure 7. Two sets of random forced 
response solutions were run on the NASTRAN finite 
element model. The fmt set consisted of a segmented grid 
of pressures which were simply a PSD value from one of the 
five sensors based on the best guess distribution of the 
model test data. The second set used unique PSD 
information for each grid based on the neural network 
prediction. Solutions were run for AOAs from 20° to 40' 
and the results are shown for both tail positions (Fig. 8). 

The neural network has comparable results as that of the 
use of the test data directly. An important benefit of the 
neural network approach is its ability to continue learning 
with more information without re-training the whole system. 
This can be very advantageous for incorporating multiple 
flight test data over the lifetime of an aircraft. 

The method described in the preceding paragraphs is a 
general approach to modeling sparse buffet type data. This 
method can be employed in a similar manner on actual 
flight test response data as is illustrated in Figure 9. In the 
future. automated procedures will download flight test 
response data directly into a learning algorithm, such as 
described within, to fill in missing PSD information for 
other Q and AOA conditions as well as providing future 
aircraft designers with a valuable tool. 

4. c o p  

In order to predict the fatigue life of the structure, the buffet 
response must be characterized in t e a  of a stress history. 
The fmt step is to generate a PSD curve at each AOAQ 
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condition using the neural network method. A random 
buflet load history is then generated for each PSD. The 
load history is obtained by using a random number 
generator to select points on the PSD curve. These points 
defined a random sequence of load levels. Fatigue analysis 
requires only the peaks and valleys of each load cycle. 
Therefore, the peak and valley history are extracted from 
the random sequence of load levels. 

Next, the steady state load experienced by the structure at 
each AOA-Q condition needs to be superimposed with the 
buffet loads. 

The buffet information must be organized into a series of 
high angle-of-attack maneuvers which represent the way 
aircraft fly. Flight test data indicate that as an aircraft 
increases its angle of attack, the Mach number and 
corresponding dynamic pressure drop. The angle of attack 
decreases as the maneuver ends, and in general, the Mach 
number and dynamic pressure remain at or near the lowest 
level experienced (Ref. 9). 

In a possible model of high angle-of-attack maneuvers, the 
mangle-of-attack during each maneuver is ordered in a low- 

high-low sequence. The corresponding buffet and steady 
state loads occurring at each AOA-Q condition are then 
ordered as illustrated in Figure 10. The duration at each 
AOA-Q condition is determined from fleet usage data which 
describes the amount of time aircraft spend at various 
angles-of-attack and dynamic pressure levels. 

If low angle-of-attack maneuvers occur, they may induce 
steady state loads without buffet. These loads can be 
included as a separate block of cycles or they can be 
included at the beginning and at the end of each flight. 
These two options are illustrated in Figure 11. 

The fmal step is to convert the load history to a stress 
history using standard stress analysis procedures. They can 
make use of strength of material equations or finite element 
methods. 

uffet cycles occur in large number because of their high 
e e q u e n c y  relative to steady state loads. In the analysis and 

verification of fatigue life, these large numbers can 
contribute to long test times. Two methods exist for 
decreasing the number of cycles in the buffet stress histories 
described in the various section (Ref. 9). One technique is 
to simply eliminate small cycles that do not cause much 
damage compared to the rest of the stress cycles. is typically 
called truncation and is illustrated in Figure 12. 

In the second procedure for reducing the spectrum, stress 
cycles with similar amplitudes and peak stress level are 
gmuped into "blocks". A reduction in spectrum size can be 
obtained by replacing blocks of constant amplitude cycles 
with larger amplitude blocks containing fewer cycles. The 
value of each peak .$tress is held constant, but the amplitude 
is increased so that the new spechum is predicted to do the 
same fatigue damage as the original spectxum. Figure 13 
illustrates an example of this method. In the figure. 110 
cycles have been replaced with 55 cycles which cause the 

same damage. This procedure is effective, but needs to be 
verified for the particular application, because excessive 
reductions in the number of cycles can lead to inaccurate 
results. 

Once the stress history has been determined and the number 
of cycles r e d d  with the above procedures, the fatigue life 
can be predicted. The total fatigue life is composed of a 
period needed to initiate the fatigue cracks and the 
remaining life needed to propagate these cracks until failure 
of the structure occu~s. 

Crack initiation predictions use stress versus l ie (S-N) 
curves for the materials. The stress for each load cycle 
causes fatigue damage which can be computed with the 
S-N curve. The damage is added using cumulative damage 
procedures such as Miner's Rule. Crack growth is predicted 
using crack growth rate versus stress intensity factor (da/dN 
vs. AK curves for the material). The stress intensity factor 
for each load cycle is used to predict the crack growth rate. 
Crack growth is predicted by adding the growth predicted 
during each cycle. In both segments of the life. the presence 
of buffet stresses cause a major impact on the total life. 

One area of particular c o n m  is the superposition of buffet 
and steady state loads. The fatigue damage caused when 
buffet and steady state loads occur simultaneously is much 
greater than when buffet occurs by itself (Fig. 14). 
Analytical models need to conectly combine dynamic and 
static loads n order to predict accurate fatigue life. 

The results of including these combined loads into the 
calculation of fatigue life is illustrated in Figure 15. In this 
figure. a series of aluminum test specimens were tested with 
various combinations of load spectra. As can be seen in the 
results for crack initiation and crack growth life, the 
structural life is significantly reduced when the maneuver 
load cycles are combined with the random buffet load 
cycles. 

A method has been established which utilizes buffet 
response PSD curves to combine with static loads for a 
combined spectrum life analysis. Neural network learning 
algorithms have shown the ability to learn and then augment 
sparse buffet data for needed Q-AOA conditions.Combhg 
this information with maneuver load time histories provides 
the necessary information to perform crack initiation and 
crack growth analysis in order to arrive at more accurate 
fatigue life predictions. Results from coupon testing shows 
that structural fatigue lie is greatly reduced when buffet 
loads are included with maneuver load cycles in the 
excitation spectra. The random PSD method for fatigue life 
prediction is conservative when compared to actual flight 
test data but is a simplified way of generating flight-by- 
flight spectra for test, analysis, and design (Ref. 9). Future 
work in neural network modeling and fatigue caused by 
buffet environments will include the effects of upstream 
geometry. vortex characteristics, and transient maneuvers. 
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Figurel. Aerodynamic Vortices Acting on an Aircraft 
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Figure2. Schematic of NASNMDA Buffet Research Model 
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Figure 3. NASNMDA Buffet Model Typical Rigid and Flexible RMS 
Responses of Vertical Tails 
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Figure 4. Nondimensional Frequency Response of Rigid Tails 
for Various Angles of Attack 



Figure 5. -Hybrid Cascade Neural Network Used for PSD Prediction 
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Figure 6. -Comparison of Neural Network Generated and Experimental 
PSD Curves for Various Conditions 
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Figure 7. - Sutface Contours of RMS Pressure Using Neural Network 
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Figure 8. -Comparison of Analytical and Experimental Flexible Response 
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Figure S. -Combined Buffet Analysis and Fatigue Life Prediction Procedure 
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Figure I O .  Sequence of High Angle44ttack Maneuvers 
Containing the Buffet Loads in a Flight 



7-10 

Load 
Level 

Load 
Level 

Figure 11. Methods for Combining Buffet 
and Maneuver Loads 
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NOTCH FATIGUE ASSESSMENT OF AIRCRAFT COMPONENTS 
USING A FRACTURE MECHANICS BASED PARAMETER 

Chr. Boller and M. Buderath 
Deutsche Aerospace AG, Military Aircraft Division 

Department LME 221 
PO Box 80 11 60, D-81663 Munich 

Germany 

SUMMARY 

Fatigue life evaluation has been performed for 
flight-by-flight loaded coupons and real aircraft 
structural components made of 7075T7351 using 
the local strain approach and a fracture mechanics 
based parameter. Results show that this approach 
can well compete with the traditionally used nomi- 
nal stress approach. The advantages are a better 
understanding of material’s fatigue behaviour and a 
less experimental effort required for the determina- 
tion of baseline data making the local strain appro- 
ach interesting also for redesign within aircraft 
mid-life improvement updates. 

LIST OF ABBREVIATIONS 
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crack length 
constraint factor 
constant in crack growth law 
damage sum 
Young’s modulus 
strain 
size factor 
stress integral 
J-integral 
fatigue notch factor 
stress concentration factor 
cyclic hardening coefficient 
exponent in crack growth law and 
damage parameter life curve 
major aircraft fatigue test 
number of cycles to initiation of 
cracks of technical size 
cyclic hardening exponent 
J based damage parameter 
Smith, Watson, Topper damage 
parameter 

I? Heuler and M. Vormwald 
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Germany 
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Q constant in damage parameter life 
curve 

9 exponent in Weibull-equation, 
related to stress 

R stress ratio 
S nominal stress 
0 stress 

1 INTRODUCTION 

In Europe fatigue assessment of components of 
military aircraft is conventionally performed on the 
basis of preliminary parametric fatigue analyses 
followed by a full-scale fatigue test. Key elements 
of the fatigue analysis are a stress concentration 
factor, stress vs. fatigue life (S-N) curves for joints 
and coupons, baseline aircraft fatigue loads spectra, 
load cycle counting algorithms and the Palmgren- 
Miner damage accumulation rule. Based on these 
elements components are designed where assump- 
tions have to be made when understanding of real 
material fatigue behaviour is still not fully accom- 
plished. These assumptions therefore mainly require 
validation in a full-scale fatigue test. 

A methodology aiming at better understanding of 
the fatigue behaviour of components which inevita- 
bly contain notches has been given with the local 
strain approach. According to that approach notch 
root stress-strain ranges are calculated and used for 
cumulative damage assessment based on material 
fatigue data. Thus the failure criterion is equivalent 
to a given ’technical’ crack size. In principle fati- 
gue-relevant effects resulting from mean and resi- 
dual stresses, different specimen sizes and surface 
conditions can be accounted for. Various versions 
of this local strain approach principle have been 
proposed so far, yet it has to be acknowledged that 

Presented at an AGARD Meeting on X n  Assessment of Fatigue Damage and Crack Growth Prediction Techniques: 
September 1993. 
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the equivalence principle between the notch root 
and unnotched specimen as well as the linear accu- 
mulation of fatigue damage are aspects where im- 
provements are still required. 

Application of the local strain approach to aircraft 
structures has been limited during tbe past [1,2]. 
Reasons include the geometric complexity of air- 
craft structures (e.g. riveted joints) and the influen- 
ce of various manufacturing (e.g. surface treaiment) 
and environmental (e.g. corrosion) effects. It is 
interesting to note, however, that the US Navy 
applies that approach for usage monitoring in com- 
bination with full scale test results [3].0n a rese- 
arch level, other examples include studies on life 
prediction for notched 2024 and 7010 specimens 
(ONERA), fatigue life evaluation of modified air- 
craft structures and low cycle fatigue evaluation of 
aircraft engine parts [4-61. 

The traditional nominal stress approach accounts 
for fatigue-relevant effects globally by testing com- 
ponents for determination of baseline S-N curves. 
This requires a large amount of component testing 
and gives no direct access to the prevailing fatigue 
mechanisms, though it has to be acknowledged that 
often a detailed modelling of complex smctures for 
fatigue analyses is beyond the scope of practical 
application. 

It is widely accepted that a major part of the fati- 
gue life of components and structures consists of 
growth of short cracks which may nucleate at a 
very early stage in life followed by a long crack 
stage. This has recently led to the development of 
a fracture mechanics based damage parameter [7] 
applicable within the framework of local swain 
approach concepts considering load sequence-driven 
opening and closure of short cracks and a transient 
fatigue limit. Thus the damage parameter follows 
an effective loading parameter concept (equivalent 
to an effective crack driving parameter used in 
crack propagation models) and a more realistic 
modelling is achieved. 

In order to assess and validate the progress achie- 
ved, predictions for a variety of notched 7075- 
T7351 aluminium coupons under constant amplitu- 
de and fighter aircraft spectrum loading are presen- 
ted and discussed. Moreover, examples of real 
aircraft components selected from the major aircraft 
fatigue test (MAFT) of Panavia's Tomado fighter 
aircraft are included in order to demonstrate practi- 
cal applicability. 

2 THE AIRCRAFT FATIGUE DESIGN 
PROCESS 

Fatigue design of an aircraft structure can be consi- 
dered as an iteration process between numerical 
and experimental fatigue life evaluation. 

The initial step is to determine fatigue allowables 
usually in terms of the function of allowable stress 
(usually maximum stress) versus K, for a defined 
design life under a given load spectrum. This func- 
tion is used by designers as a guideline to account 
for the influence of fatigue in a first approach. K= 
values for the notches within the aircraft compo- 
nent considered are estimated. 

A detailed analysis is then performed on a numeri- 
cal basis (e.g. by finite element analysis) for the 
critical areas of the aircraft component considered, 
where Qvalues can now be determined more pre- 
cisely. This can lead to q-values higher than those 
determined initially. Furthermore additional infor- 
mation available in the meantime on the load dis- 
tribution leads to changes within the load spectrum 
which finally may require a reevaluation and possi- 
bly modification of fatigue critical parts being the 
second step of the fatigue design process. 

Within the next step the numerically optimized 
aircraft structure is validated experimentally either 
by testing specific components or in a full scale 
fatigue test. Areas within the aircraft structure 
where cracks already occur during the early stage 
of fatigue testing are reanalyzed with respect to the 
strains occuring in the respective area. Load levels 
and distributions are measuxed in order to obtain a 
more realistic stress/strain sequence. The new stress 
sequence is now used for a numerical reevaluation 
of fatigue life which may end up in a modification 
of the aircraft component. Fatigue hcture  occuring 
in the later stage of the design life may require 
modification of the aircraft component as well. 

A more detailed description of established fatigue 
assessment procedures for military aircraft is given 
in [8]. 

3 RELEVANCE OF lMPROVED NOTCH 
FATIGUE ASSESSMENT FOR AIR- 
CRAFT COMPONENTS 

Fatigue is a major reason for failure in components 
of aircraft structures. Following a study performed 
by IABGPASA, around 70% of failures observed 
on Tomado-MAFT were related to fatigue. An 
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analysis of the fatigue failures identifies two major 
groups each comprising about half of the failures. 

About one half is related to fatigue failures resul- 
ting from fasteners such as rivets or bolts. For such 
a type of failures the local strain approach appears 
not to be suitable for a stringent assessment. 

The remaining approximate half of the fatigue 
failures however are not related to fasteners and are 
potential areas for application of a local strain 
based evaluation. In retrospect approximately one 
third of these failures could be related to non stan- 
dard surface conditions, notch size effects and 
damage accumulation problems. Another third is 
due to unsufficient knowledge of load distribution. 
The remaining third resulted from various effects 
such as complicated notch geometries, corrosion 
and various others. 

8, above analysis demonstrates that areas exist 
where the development and application of advanced 
local strain based life prediction approaches appears 
to be promising. 

4 ESTABLISHED FATIGUE ASSESS- 
MENT PROCEDURES 

4.1 Nominal Stress Approach 

Fatigue assessment usually applied for European 
military aircraft is generally based on a nominal 
stress approach. This requires determination of 
stress concentration factors K, S-N curves for 
joints and coupons, fatigue loads spectra, load cycle 
counting algorithms and the Palmgren-Miner dama- 
ge accumulation rule. 

& which has to be related to a well defined nomi- 
nal stress is either determined from handbooks, a 
finite element analysis or a tensile test. Fatigue load 
sequences are generated on the basis of expected 
flight envelopes, experimentally determined on 
aircraft of a similar type or available as standard 
sequences (e.g. FALSTAFF). Traditionally level 
crossing load cycle counting has been used, but 
recently rainflow counting has been recognized to 
be more realistic. S-N curves for different types of 
notches and materials are either available fiom 
handbooks or have to be determined as part of 
design guidelines for the specific aircraft consi- 
dered. 

Fatigue life of the structural component is evalua- 
ted for the load spectrum considered using S-N 

curves for different mean stresses and the appro- 
priate type of specimen, and the Palmgren-Miner 
damage accumulation rule. 

Given the fact that S-N curves are not available for 
arbitrary values of &, specific curves have either to 
be determined by interpolation between the experi- 
mentally determined ones or the component’s fati- 
gue life is evaluated on the basis of an available 
S-N curve for a &-value being slightly above the 
&-value of the detail considered. 

Whenever possible a relative Palmgren-Miner rule 
is applied using experimental results for similar 
notch type components and a similar load spectrum. I 

4.2 Local Strain Approach 

The local strain approch starts from the idea, that 
material’s mechanical behaviour in a notch can be 
assessed on the basis of material data obtained 
from umotched specimens. To evaluate fatigue life 
this requires (1) a stress concentration factor &, (2) 
a load-notch strain relationship, (3) material’s 
stress-strain relationship for cyclic loading and (4) 
material’s fatigue life relationship, Fig. 1. 

& is determined as described for the nominal stress 
approach. The load-notch strain relationship which 
relates extemal loads to notch stresses and strains 
can be evaluated on the basis of a !kite element 
(FE) analysis. Alternatively approximation formulae 
such as Neuber’s rule [9] 

can be applied in conjunction with an appropriate 
equation for the monotonic and cyclic stress-strain 
curve of the material under consideration. For 
elastic net section behaviour which prevails in 
structural aircraft application, Eq. (1) can be ni- 
arranged to 

6 . E. = (S-K)Z/E (2) 

For the case beyond plastic limit load generalized 
solutions are given in Ref. [lo]. 

Combining the load-notch strain relationship, the 
material’s stress-strain relationship and material 
memory phenomena the notch root 6-E path can be 
predicted for given load sequences. For individual 
cycles identified during that calculation damage 
contributions are determined on the basis of materi- 
al’s constant amplitude fatigue life curve and accu- 
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Fig. 1 Local Strain Approach 

mulated following Palmgren-Miner's rule. Mean 
stress effects are usually taken into account by use 
of socalled damage parameters [ll] empirically 
formulated on the basis of constant amplitude test 
results. A damage parameter being widely applied 
has been proposed by Smith, Watson and Topper 
[12] and extended in [13] 

Psw = [(a, + k ' a,) . e, ' E]'> (3) 

where k is a material constant. For application 
normally the baseline material's fatigue life rela- 
tionship which may be derived from tests or mate- 
rials data collections [14,15] is formulated in terms 
of the damage parameter being used (see Fig. 2). 

Although the Smith, Watson, Topper parameter has 
attracted much acceptance its application suffers 
from the fact that load sequence effects cannot be 
accounted for. 

To account for the influence of notch size and state 
of stress, a notch fatigue factor K, is used instead 
of y. Various solutions have been proposed where 
Peterson's formula 

has become quite popular, with a being a material 
constant and r the notch radius. Altemative solu- 
tions consisting of an appropriate shift of the mate- 
rial's damage parameter life curve by a constant 
factor are explained in chapter 5.5. 
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Fig. 2 Material's baseline data, Psw damage 
parameter 
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5 THE FRACTZTRE MECHANICS BASED 
PARAMETER 

5.1 Introduction 

Aiming at a closer description of the physical pro- 
cess of fatigue under variable amplitude or spec- 
trum loading, a model for fatigue life prediction has 
been proposed in Ref. [7] and extended and applied 
in some further papers [16-191 based on fracture 
mechanics of short cracks. For years crack closure 
has been identified as a main driver for load se- 
quence effects on crack growth. Consequently 
modelling of crack closure and opening levels in 
order to derive some effective crack driving force 
represents one of the key elements of that socalled 
PJ-model. Since that model had been developed for 
prediction of technical 'crack initiation' in the 
framework of local strain based concepts, it pre- 
dicts effective stress-strain ranges for each cycle 
identified within the load sequence. 

Those effective stress-strain ranges in conjunction 
with a gradually decreasing fatigue limit are the 
means that allow for nonlinear cumulative damage 
effects. Some details of the model are explained in 
the following. 

5.2 The PJ Parameter 

Since spectrum peak loads may introduce elasto- 
plastic conditions at notches the cyclic J integral 
for has been chosen as an elasto-plastic fracture 
mechanics parameter for the description of crack 
growth, i.e. damage accumulation. The baseline 
behaviour may therefore be described by 

da/dn = C . AJ,," (5 )  

a Considering a nearly semicircular crack shape most 
common to small cracks, AJeff can be approximated 
using Dowling's formula [20] 

AJeff = i1.24 ' Aaef@ + 
1.02Aaef,4noJ.[A&eff - Aaef&El} ' a (6) 

where A q f f  = a,, - a., and A&eff = &mLx - E=,. The 
term in double brackets in Eq. (6) is independent of 
crack length and is interpreted as tbe damage para- 
meter P,, leading to 

Taking into account the equivalence of crack pro- 
pagation and damage accumulation calculation, PJ 
is applied for cumulative damage analysis just as 

other parameters. Accordingly the material's fatigue 
(strain)-life curve is represented in terms of a P,N- 
curve which can usually be described by a power 
law equation (see Fig. 3), 

PJ"N = Q (8) 

A I  7075 - T 7351 - 

E = 71000 MPa 
m = 2.0 

7 

a 1: - 

03, ' ' " ' ' ' ' 1  ' " ' ' ' ' ' ~  ' """" ' """" ' "'-I- 

10' 103 106 105 106 1 o' 
CYCLES 

Fig3 Material's baseline data, PJ damage para- 
meter 

Since N in Eq. (8) represents the life between a, 
and q, integration of the crack growth law (Eqs. 
( 5 )  and (8)) allows an estimate of the initial crack 
size a, which is associated with the original strain- 
life curve via 

It has to be emphasized, however, that Eq. (9) 
gives a fictitious or equivalent initial crack or flaw 
size which implicitly takes into account the effects 
of microstructure, surface finish and specimen size. 

5.3 Crack Closure and Opening 

Opening and closure of short cracks has been in- 
vestigated by several authors (e.g.[16,21,22]) with 
the - surprising - result, that the experimental trends 
are reasonably predicted by Newman's formula 
originally developed for long cracks [23]. New- 
man's formula as well as an extension introduced 
in order to better allow for mean stress dependency 
of different materials can be found in Ref. [U]. 

As a second important result of short crack closure 
examinations, it was found that for elastoplastic 
loading conditions closure and opening better 
coincide in terms of strain than in terms of stress, 
Fig. 4. Consequently crack closure and opening 
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Fig. 4 Crack closure and opening levels as mea- 
sured for a nickel base superalloy for b e e  
limits of strain [31] 

strain levels should be considered. For multi-level 
loading an immediate change of the opening strain 
level for low-high sequences and a gradual adapta- 
tion of the new opening level for high-low sequen- 
ces had been observed. These findings have been 
translated into a set of rules for the determination 
of load sequence dependent strain levels for crack 
opening and closure which are given in detail in 
Ref. [16]. The corresponding opening and closure 
stress levels are calculated using the cyclic stress- 
strain curve on a cycle-by-cycle basis in connection 
with rainflow analysis techniques (i.e. memory 
effects). 

5.4 Transient Endurance Limit 

A further important feature of the model is the 
consideration of a transient endurance limit which 
depends on the accumulated damage. Based on 
Tanaka’s model [24] for the threshold behaviour of 
short cracks and the above equations, it can be 
shown how the current endurance limit, P,,*, de- 
pends on the c m n t  accumulated damage, D = mi, leading to 

where a* = AJeff,JP,r,O is called an intrinsic crack 
length. The equivalence between damage and crack 
length is visualized in Fig. 5 where normalized 
endurance limit is plotted versus crack length (Kita- 
gawa-Takahashi plot) as well as versus damage D. 

Since the failure crack size was 0.25 mm for the 
example chosen (specimen diameter 6 mm), the 
endurance limit for D = 1 is st i l l  higher than zero. 

t- 10 I 

CRACK LENGTH, mm 

af = 250 pm 1 FI.1. 1.0 MPa 
E! AJeV,th= 0.059 Nlmm 
-I d 

w U Eq. (IO) 

O 3 a,, = 15 v m  
af = 250 pm 

5 0.5 - 
L1: 

z 
W 

s o , e , o =  1.0 MPa 
E! 
-I AJeV,th= 0.059 Nlmm d 

Eq. (IO) 
5 0.5 
L1: 
3 a,, = 15 v m  

z t  , , , , , , ( , ,  1 
0 z o  

0 0.5 1 .o 
OAMAGE SUM, 0 

Fig. 5 Crack length dependent endurance limit 
(Kitagawa-Takahashi plot) (top) and endu- 
rance limit as a function of damage sum D 
(bottom) for a structural steel 

5.5 Notch Size and State of Stress 

Size affects the fatigue strength of specimens and 
components. Size effects due to the statistical dis- 
tribution of failures can be successfully handled by 
weakest link principles introducing Weibull’s equa- 
tion describing the probability of failure in terms of 
life or stress. As shown in [25], the relative fatigue 
strength of components of different sizes and sha- 
pes can be described by a factor 

Fs = (Is/Is,,3-”q (1 1.) 

where Is = ![a(~,y,z)/o,,)~ dV is the stress integral 
representing a measure for the highly strained volu- 
me (or surface) under consideration of some (in- 
trinsic) scatter of the material’s fatigue strength. 
With respect to the P, parameter concept, F, gives 
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Detail Z 
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4 
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K, = 3.6 
I-+ 

K, = 2.5 & 3.6 K, = 2.0 

Fig. 6 Coupon geometries and dimensions 

a measure for adjustment of the basic P,-N curve in 
terms of P,. Since PJ exhibits a quadratic stress 
dependency, the actual shift factor is F:. In terms 
of crack growth, a different initial equivalent flaw 
size a,, can be associated with the adjusted PJ curve 
(smaller a,, for smaller volumes) which unambi- 
guously corresponds to engineering views. 

coupons with open holes and two components of 
the center fuselage of Tomado MAFT made of AI 
7075-T7351 alloy. 

The experimental results for the notched specimens 
were taken from earlier studies [26,27]. Specimen 
geometries and dimensions are given in Fig. 6. 
Notch factors and other constants are compiled in 
Table 1. For the majority of tests, crack initiation 
lives have been determined besides total life. Crack 
initiation is equivalent to a crack with a fractured 
surface of about 0.3 mm2. 

Multiaxial states of stress at notches may influence 
crack growth by at least two mechanisms: the ope- 
ning and closure stress levels are different (lower 
for plain strain when compared to plane stress) and 
the crack opening displacement may be affected. 
Crack opening displacement is proportional to the 
J integral and to the P, parameter. In Ref. [18] an 
approximative solution is given for biaxial stress 
states which prevail at near-surface areas. For this 
solution, the constraint factor a used in Newman's 
crack opening equations as well as the ratio of 
biaxial versus uniaxial crack opening displacements 
have been formulated as a function of the stress 
ratio a&,. 

Two different aircraft components of Tomado with 
representative fatigue cracks were selected for the 
present study. The one is a frame of the center 
fuselage where fatigue cracks originated from cor- 
ners of a large cutout. Fig. 7 gives an overview of 
the component, where the notches of consideration 
have been specially referenced. The other airframe 
component is a comer segment close to the outbo- 
ard air intake where a fatigue crack originated on 
the lower flange side during early stage of MAFI'. 
An overview of this component is given in Fig. 8. 

6 APPLICATION - TEST DETAILS 
Following the fatigue design procedure used for the 
Tornado fighter aircraft notches can be related to 
either one of the three K, values 2.0, 2.5 and 3.6 
when appropriate. For the components under consi- 
deration values of K, = 2.5 (cutout of frame of 

6.1 Specimens 

The approaches discussed above were applied to 
both a set of spectrum fatigue data of notched 
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center fuselage) and K, = 2.0 (corner segment of 
outboard air intake) had to be set. 

gramme. Due to slight modifications in the design 
programme and the component test results availa- 
ble, six different load sequences were selected 
(Fig.9): 

Sequence A: A sequence derived from a typical 4- 
sequence for fighter aircraft and being used to 
determine the fatigue life of umotched and notched 
components. The sequence comprises 200 flights of 
15 different flight types. Each flight contains bet- 
ween 48 and 115 load cycles. 

Sequence B: A sequence derived from 19 different 
flight types monitored on F-104 G fighter aircraft. 
The sequence comprises 205 flights with 7 to 169 
load cycles per flight. 

CRACK POSITION 1 

POSITION 2 

Fig. 7 Crack location in frame of center fuselage 

The length of the cracks detected was in the order 
of 30 mm at the cutout and about 6 mm at the 
frame close to the outboard air intake. Results of 
previous inspections as well as a crack growth 
calculation for a similar detail indicate a high 
growth rate of the cracks once initiated at the cu- 
tout which suggests a crack "initiation" life of 
about 90 percent of the life reported through in- 
spection. 

CRACK POSITION 3 

Fig. 8 Crack location in corner segment of out- 
board air intake 

6.2 Load Spectra 

The load spectra considered have been service load 
sequences generated for the Tomado design pro- 

Sequence C: equivalent to B with a different order 
of flight types. 

0 Sequence D: A sequence developed for the design 
of fighter aircraft tailerons with an overall stress 
ratio R = a,,&,,,, = -0.75. The sequence comprises 
400 flights with 26 different flight types of appro- 
ximately 65 load cycles each. 

Sequence E: A sequence generated from the level 
crossing spectrum of sequence D. For the new load 
sequence the mean loads of each load cycle had 
been set to zero. The sequence comprises 400 
flights with 10 different types. 

Sequence F This is the sequence used for Tomado- 
MAFT. It is composed of 1095 different load cases 
which have been the basis for configuration of 42 
different flight types. Each flight type contains 
about 400 load cycles. One block contains 900 
flights. The loads themselves are given in terms of 
bending moments at a defined coordinate center of 
the aircraft. To convert the load sequence to a 
sequence of nominal stresses for the location consi- 
dered wing position dependent conversion factors 
were introduced on the basis of fully elastic load 
transfer behaviour being the ratio of calculated 
maximum nominal stress vs. the maximum load 
generated for the specific wing position dependent 
load cases. Depending on the location considered 
this led to slightly different load spectra being 
denoted as F1, F2 and F3 throughout the following. 

0 

The above load s- ectra are shown in Fig. 9 as a 
result of the peak counting algorithm. For the (no- 
minal stress based) predictions discussed later, 
however, rainflow counted spectra were applied 
where the individual mean loads were considered. 
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Fig. 10 Comparison of load spectra 

A comparison of the normalized load spectra is 
given in Fig. 10 where load levels and the aunula- 
tive frequency have been normalized to the respecti 
ve maximum values of each spechum. Typically 
the taileron sequences D and E differ from the 
other sequences, but also the peak load distribution 
of sequences F appears to be less severe than those 
of sequences A to C. However, sequences F com- 
prise a total number of cyclea which is about one 
order of magnitude larger than the others. Sequence 
A has been generated during an earlier stage of 
Tomado design while B and C have been derived 
on a diffnent fighter airaaft. 

6.3 Baseline Material Data 

T d  p’operties of the 7075-T7351 alloy deter- 
mined on specimens machined from 16 mm and 25 
mm thick plates were: E = 71000 MPa, a. = 514 
MPa. av = 441 MPa, elongatim = 11 96. Stress- 
Strain and strain-life data for cyclic constant am- 
plitude loading were determi& on unnotched 

cients, the specimens’ dimensions and the materi- 
al’s fatigue-life curve plotted in terms of Prm m 
given in Fig. 2. The fail- criterion selected for 

cydindrical specimen. The c o ~ n d i n g  coeffi- 

- Load SPBCtNm B 

A Lwd spectrum C 

--p Load spectrum F I  - LOod SpeCtNm F2 

Lwd spectrum F3 - Lwd spectrum D 

Lwd SpectNm E 

these fatigue tests was a, = 0.5 mm. The stnss- 
strain relationship used for cyclic loading is written 
in terms of a RambergIOsgood equation: 

E. = %. + $). = 0.m + (UK, ’h ’  (12) 

The material‘s baseline fatigue data in terms of the 
P,-N m e  is given in Frg. 3 where P, is obtained 
from straio-life data via l?q. (6). Since according to 
the P, model fatigue life coosists of growth of 
(shon) cracks the slope m = 2 of the P,-N curve 
(see Eq. (8)) must be relevant also for the crack 
growth law which “slates to n = 4 in da/dN vs. 
dK diagram due to the quadratic relationship bet- 
ween dK and hl. The coefficient C = 3.9 ’ l(r 
(dimensions “/cycle and MPa) and the threshold 
AI&,& = 0.0152 N/” have been obtained from 
long crack data reported in 1281. The equivalent 
initial crack size conesponding to the P,-N curve of 
Fig. 3 is a, = 0.057 nun. 

0 

A comparison between the uniform material law for 
aluminium alloys given in [U], which is based on 
more than 6OOexpimentalresulta and the baseline 
a-€ and E-N data used for the local Saaia approach 
shows good coincidence. As bkpeline data used for 



the local strain and nominal stress approach were 
not available from the same batch, the quired set 
of S-N curves of the notched specimens at different 
R-ratios was calculated by use of the local strain 
approach including the P- parameter. These S-N 
curves were applied for nominal stress based crack 
initiation life prediction. For two specimen types at 
two load levels a comparison with experimental 
data wuld be made which indicated a reasonable 
accuracy. 

1 RESULTS AND DISCUSSION 

7.1 Crack Initiation Life prediction 

Fatigue life predictions for crack initiation were 
compared to the experimental mults mentioned 
above. The following models were appli& 

- nominalstrwsappmachusingS-Ncurves 
derived for crack initiation 
local strain approach using P- damage 
parameter 
local strairr appmach using P, damage 
parameter. 

- 
- 

The nominal suess based predicitons used a set of 
S-N curves for R = 0.5, 0, -1 and -2 as described 
in chapter 6.3. The curves were fined to a fonr- 
parameter Weibull equation always accounting for 
the limit. Intemediate R-ratios were 
considered via interpolation between the above 
awes .  

For the local strain approach the innuulce of notch 
size nad aaosieat endurance limit was acwunted 
for by different meam depending on the damage 
parameter used With the P- parameter, a  an- 

limit) was globally accounted for by neglecting the 
eadunure limit. Notch size effects were included 
by using the fatisue notch factor & instead of K, 
(see Table 1). 

Transient endurance limit as well as size effects 
were considemi by the P, parameter as described in 
chapter 5. The relevant wnstants and coefficients 
ate compiled in Table 1 where a value of q = 15 
was used for calculations of Fs and & [18]. 

An example of the predicted and experimental 
spechum S-N curvw of the notched coupons is 
given in Fig. 11. With two exceptions five tests per 
load level were available to establish the respective 
mean value. For all cases the ratio of the experi- 
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mental mean vs. the predicted fatigue lives were 
determined and plotted in a bar chan (Fig. 12) 

3.6 

1.86 43.0 1.142 0.09 1.6 

1Y 16.6 1.217 0.06 1.4 

3.m 5.23 1.314 0.13 1.9 

1.0 1n.4 1.0 - - 

Tab. 1 Coupon notch factors and related constants 

where the specimen type, load spechum and load 
level is given for each case. To Visualize the quali- 
ty of the different models, the life ratios B L ~  plotted 
in a probability Chaa (Fig. 13). 

For the aimaft components notch size effects wen 
notwnsideredwitbinlocalseainbasedcalculatioas 
because of the relatively large notcbes. However 
the innuence of multiaxial messes seemed relevant 
for the cutouts of the center fuselage’s frame. The- 
refore additional calculations were done to discuss 
that effect. 

The fatigue lives and respective life ratim deter- 
mined with the different approachea ate. summari- 
zed in Tables 2 and 3. 

Following the Tornado fatigue design process the 
stress wm-tiw factor y for the comer segm- 
ent was set to 2.0 even though approximations from 
handbooLs yielded a lower value. An additional 
calculation with K, = 1.5 was therefore pafonned 

1.2 Discussion 

Notched Coupons 

For the assessment of life prediction hypotheses 
different criteria can be applied t291. One important 
criterion is the spread (or scatter) of life ntios, 
another one may be the mean life ratio indicating 
conservative or uncoasewative predictions on an 
average or the fact that for example, predictiom 
are always or predominantly on the UNWervative 
side. 

With regard to the spread of predictions for the 
notched coupons, Fig. 13 shows mat all three va- 
riants exhibit similar numbers with the lowest scat- 
ter for the nominal stress approach. Translating 
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as -le. 'Ih mean vduea however differ 400- 

7075 - T7351 signi6ca11Uy. WherePS the nominal mesa based as 
wen as the l d  strain basedprcdictiws wing Pm 
deliver Illwnmvative results. the PI parameter 
produced mainly cmservative pndictioas. 

U) 

Similarhmdsbavebecnfodin[17,18] wherean g 
extemive stody on a variety of materials ioduding 'E steels and a l u "  alloys has been performed z 200- - - 
was markedly smaller than mat of the conventional r 
Pm parameter (3.6 for PI vs. 5.9 for PSw for the 

- 
J! U p 2 5  

Spectrum A 

\;, 3oo- ! - .&' The wad of the P, based pmiktions, however, $ - - - - P s w  - - Nommal Slnss Approach 

150 

0 
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Fig. 12 Life d o s  for crack initiation of notched COU~OM under Mgue loading 
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9-14 

d a s  not contribute to the calculated damage to a 
significant amount within t h a  methods. This has 
been confirmed for selected test cases. 

Aircraft Components 

Forementioned tfends deteunkd for the notched 
coupons were similar for the aircraft components. 
The nominal stress as well as Pswbased predic- 

diaiws am closer to unity. Cwsidering a biaxial 
Jtress state at the cutouts shows a marked intluence 
on the predicted life. W i t h  regard to the above 
results however the approximate nature of that part 
of the PJ-model should be kept in mind. 

For the conm segment a lam analysis iudicated 
the W'CBS concentrpton factor to be lower than 2.0. 
Applying a value of 1.5 the P,"l again resulted 
in a better @tion than using the conventional 
Pswparameter. 

The significaot nndemtimation of Mgue  life for 

frame may has been promoted by an nnderrstima- 
tion of the wcsp level determined by FJLanalysis. 
Th comspording calculated s m s  level for the 
lower notch of the cutout was 17% hi&r which 
resulted in a sbrter p d d  fatigue life wen 
though the experimentally de"ed ' fatiguelives 
were similar for thc uppa a&l lower notch. A fun- 
her crack along a rivet row having occured in the 
vicinity of the upper part of the cntout during the 
final stage of the test life may have conuibuted to 
an increase of the applied strws. The short propa- 
gation period of the crack initiated at the upper 
notch gives further suppoa to this assumption. 

tions are U U C O - ~ ~ ~ W  whereas the Prbased P 

the upper pan of the cutout in the center fuselage's 

predictions Based on Handbook Data 

Standard design procedures for (German) military 
aircraft include a nominal smss approach based on 
S-N data valid for complete specimen separation. 
Data of that kiad is mainly obtained from hand- 
books [30] and bas been used for predictioos of the 
respective total fatigue test lives of the notched 
coupons and the total test lives of the aircraft com- 
ponents. For the notched coupons, unto-ative 
prediaici~~ were obtained with a mean life ratio 
similar to that obtained with the nominal stress 
approach based crack initiation fatigue life predic- 
tions. Scatter however increased by 60%. 

Similar trends am observed for the aircraft compo- 
ne-. For the tbrrc examples predictioos arc un- 
comervathe aud di&r significantly with life ratiw 

between 0.0016 and 0.73. In particular the iimt 
number being out of order gives rise to the fore- 
mentioned assumption of a considerable underesti- 
mation of the overall s m s  level for the respective 
detail. 

8 CONCLUDING REMARKS 

Fatigue life pndictioos to cnck initiatiw were 
performed using the nominsl stress appmh and 
two versions of the local strain approach. A socal- 
led P,-model for explicit consideration of load- 
sequence effects based on crack opening and clw- 
m phenomena has been wtliaed which can be 
applied wiUin the framework of a local strain 
approach The spread of life ratios for notched 
conpons tested under different fighter aircraft spec- 
tra was similar for the three variaots. only the PJ- 
model, however, resulted in consewative predic- 
tiOaS. 

In order to &moostrate applicability to fatigue- 
critical amas of real airaan, thee examples have 
been selected for Tomado-hfAFT. Prbased predic- 
tions led to the best result which can be taken as a 
motivation to extend this analysis to further details 
andmatcrials. 

Bven if application of the local strain approach to 
fasteners appearst0 be impractical, there is a consi- 
derable amount of details where such a type of 
approach is promising. One of thwe appects to be 
noted is the relatively small expuimemal effort for 
determination of baseline fatigue data. This makea 
the local strain based approacl~ potentidy inter- 
esthg not only for prototype design, but also for 
mksign (e.g. smdaral or m d  modification) 
within aircraft mid-life updates. 

0 

0 
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ABSTRACT 

The paper d e s c r i b e s  a n  experimen- 
t a l  s t u d y  o f  no tch  root f a t i g u e  
c r a c k  growth under  FALSTAFF spec- 
t rum l o a d i n g  i n  a n  A1-Cu a l l o y .  
Crack g rowth  rates were measured 
from c r a c k  s i z e  a s  small  as 20  
microns  u s i n g  op t ica l  f r a c t o g r a p h y  
and r e p l i c a t i o n  t e c h n i q u e .  Frac- 
tographic measurements i n d i c a t e  
s imilar  scat ter  l e v e l s  between 
n o t c h  root s h o r t  crack and long  
growth rate data. T h i s  is  i n  con- 
t r a s t  t o  s u r f a c e  replica based 
measurements which are i n d i c a t i v e  
o f  large scat ter .  G r o w t h r a t e v a r i -  
a t i o n  w a s  n o t i c e d  between m u l t i p l e  
c r a c k s  i n i t i a t i n g  a f t e r  d i f f e r e n t  
periods o f  n a t u r a l  c r a c k  forma- 
t i o n .  T h i s  i s  a t t r i b u t e d  t o  t h e  
i n f l u e n c e  of l a r g e r  e x i s t i n g  
cracks on smaller c r a c k s  t h a t  ap- 
pear la te r .  I n  c o n t r a s t ,  i d e n t i c a l  
a r t i f i c i a l l y  i n i t i a t i n g  c r a c k s  
grew a t  a s imilar  rate.  

INTRODUCTION 

F a t i g u e  f a i l u r e s  as a r u l e  i n i t i a t e  
a t  stress raisers l i k e  h o l e s ,  f i l -  
lets,  e tc . .  Even though crack i n -  
i t i a t i o n  i s  l o c a l i z e d  i n  t h i s  
manner, a c a r e f u l  s t u d y  of service 
f a i l u r e s  o f t e n  i n d i c a t e s  t h a t  t h e  
large c r a c k  a t  f a i l u r e  a c t u a l l y  
r e s u l t e d  from t h e  merger of  m u l t i -  
p l e  c r a c k s  t h a t  i n i t i a t e d  a t  d i f -  
f e r e n t  l o c a t i o n s  on t h e  no tch  
s u r f a c e .  A large f r a c t i o n  o f  t o t a l  
f a t i g u e  l i f e  can  be exhaus ted  i n  
t h e  f o r m a t i o n  and growth o f  small  
c r a c k s  a t  t h e  no tch  r o o t .  

A number o f  t h e o r e t i c a l  s t u d i e s  
have been c a r r i e d  o u t  on t h e  esti- 
ma t ion  o f  stress i n t e n s i t y  f a c t o r s  
fo r  m u l t i p l e  crack s i t u a t i o n s  i n -  
v o l v i n g  i n t e r a c t i o n  and c o a l e s -  
c e n c e  (1 -51 .  Many s t u d i e s  invo lved  
n u m e r i c a l  t e c h n i q u e s  and were usu- 

a l l y  restricted t o  model ing a p a i r  
o f  cracks [ 6-91. S t a t i s t i c a l  tech-  
n i q u e s  have been used  t o  h a n d l e  t h e  
merger o f  m u l t i p l e  c r a c k s  
[5,10,11). 

A few e x p e r i m e n t a l  s t u d i e s  w e r e  
restricted t o  t h e  s t u d y  of t h e  
growth and c o a l e s c e n c e  of t w o  ar- 
t i f i c i a l l y  i n i t i a t e d  cracks a t  t h e  
no tch  root [6 -9 ) .  Much work h a s  
been devo ted  t o  t h e  s t u d y  of t h e  
d i s t r i b u t i o n  o f  t o t a l  f a t i g u e  l i f e  
o v e r  c r a c k  i n i t i a t i o n  and g rowth ,  
i n c l u d i n g  q u e s t i o n s  o f  c r a c k  den- 
s i t y  (12-141. 

P u b l i s h e d  e x p e r i m e n t a l  data  o f t e n  
l a c k  i n f o r m a t i o n  on t h e  i n t e r a c -  
t i o n  o f  m u l t i p l e  cracks by way o f  
i n f l u e n c i n g  c r a c k  growth rate: I n  
f ac t  ref. 9 w h i c h d e s c r i b e s e x p e r i -  
ments on a pair  o f  c r a c k s  i n i t i a t e d  
a r t i f i c i a l l y  ( and  o f  e q u a l  s i z e )  
concluded t h a t  t h e r e  w a s  i n d e e d  no 
i n t e r a c t i o n  between them. 

T h i s  paper d e s c r i b e s  a n  experimen- 
t a l  s t u d y  on t h e  growth of m u l t i p l e  
n a t u r a l l y  i n i t i a t i n g  c r a c k s  a t  t h e  
no tch  r o o t .  The s t u d y  w a s  carried 
o u t  under  a f i g h t e r  a i r c r a f t  wing 
l o a d  spec t rum t o  s i m u l a t e  realis- 
t i c  l o a d i n g  c o n d i t i o n s .  T h e  objec- 
t i v e  w a s  t o  t rack  t h e  i n i t i a t i o n  
and growth of small cracks t h r o u g h  
r e p l i c a t i o n  t e c h n i q u e ,  and t h r o u g h  
opt ica l  f r a c t o g r a p h y .  I t  w a s  ex- 
p e c t e d t h a t  i n  c o n t r a s t  t o  previous  
work (e.g. r e f .  9 )  which w a s  re- 
s t r i c t e d  t o  m u l t i p l e  cracks of  
i d e n t i c a l  s i z e ,  m u l t i p l e  c r a c k s  of  
d i f f e r e n t  s i z e  may i n t e r a c t  and 
t h e r e b y  i n f l u e n c e  growth rates.  
One would e x p e c t  a related v a r i -  
a t i o n  i n  g rowth  ra tes  f o r  c r a c k s  
when compared w i t h  r e f e r e n c e  t o  
s i m i l a r  s i z e  and shape. T h i s  can  
have i m p l i c a t i o n s  fo r  l i f e  predic- 
t i o n  as w e l l  as n o n d e s t r u c t i v e  
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inspection. The next section de- 
scribes the experimental procedure 
used in the study. This is followed 
by a summary of test results and 
discussion. 

EXPERIMENTAL PROCEDURE 

Material and specimens: The ex- 
periments were conducted on Al-Cu 
alloy L168 from an Indian manufac- 
turer, which is an equivalent of 
2014- T6511. Specimens were cut 
along the extrusion direction from 
200x70 mm bar stock. The geometry 
and dimensions of the test speci- 
mens appears on Fig. 1. A total of 
three specimens were used in the 
experiments: Specimen 1 had two 
similar co-planar crack initiators 
introduced by electrical discharge 
machining (EDM). Specimens 2, 3 
were tested with a smooth notch 
surface to ensure natural crack 
initiation. The notch surface was 
polished to assist crack tracking 
using replication technique. 

Testing: The specimens were tested 
under a programmed version of the 
FALSTAFF load spectrum (15). In 
this version, the loads are ar- 
ranged in such a manner so as to 
cause the formation of discernible 
striation (beach mark) patterns 
that can later be recognized by 
optical fractography. Ref. 15 pro- 
vides a detailed description of 
this technique and how it can be 
used to measure the growth rate of 
small cracks under the FALSTAFF 
spectrum. It also provides evi- 
dence suggestive of little or no 
distortion in overall test results 
due to the rearrangement of the 
randomized FALSTAFF source load 
sequence. One complete block of 
FALSTAFF corresponds to 200 
flights. Briefly, the FALSTAFF 
load spectrum is rearranged into 
18 identical multilevel programmed 
steps, each with one of the 18 
major loads in the spectrum. A 
schematic of the sequence appears 
on Fig. 2. The major loads are 
identical to the 18 most severe 
ones in FALSTAFF, while the pro- 
grammed steps were shown through 
analysis and testing to be the 
equivalent of the rest of the 
FALSTAFF sequence in damage con- 
tent [ 15 ]. 

Specimens 1,2 were tested at the 
same spectrum reference (maximum) 
nominal stress level of 225 MPa. 

This stress level induces mono- 
tonic yield at the notch root. 
However, as the ratio of the lowest 
to highest stress level in the 
spectrum is -0.3, reversed yield 
did not take place. Earlier experi- 
ments under FALSTAFF spectrum on 
the same material had shown (151, 
that this stress level causes large 
hysteretic variations in notch 
root plasticity induced crack clo- 
sure and also, that the local 
stress level is sufficiently large 
to cause early crack initiation. 
Finally, the selected stress level 
had in earlier experiments pro- 
duced excellent fractographic evi- 
dence of striation mode crack 
growth from small sizeo right up 
to a few millimeters from the notch 
root. The objective of these tests 
was to compare growth rate behav- 
iour for artificially initiated 
cracks as opposed to naturally 
initiating cracks. Specimen 3 was 
tested at a spectrum reference 
stress level of 275 MPa. This 
stress level causes cyclic yield 
at the notch root. The objective 
of this experiment was to assess 
stress level effect on the growth 
of naturally initiating cracks. 

All tests were carried out to 
failure and no additional instru- 
mentation was used to track crack 
growth. The testing was carried out 
on a 100 kN computer controlled 
servohydraulic testing machine at 
an average test frequency of 10 Hz. 
The specimen was held by hydraulic 
grips, whose wedging action in- 
duced uniform displacement, rather 
than uniform stress conditions. It 
may be suggested that this differ- 
ence may have only a negligible 
effect on short cracks growing out 
of the notch. 

Crack growth measurements: Two 
methods were used to determine 
notch root short crack growth 
rates: notch surface replication 
during the test and optical frac- 
tography after failure. During the 
test, the replica was initially 
applied to the notch surface once 
every block of the FALSTAFF spec- 
trum, while maintaining a load 
equal to 75% of the maximum spec- 
trum load. This was to ensure that 
those cracks that did appear could 
be open for the replica to pene- 
trate. Once a crack could be de- 
tected, replication was carried 
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out more often. A Neophot- 2 opti- 
cal microscope was used to study 
the fatigue fracture surfaces af- 
ter failure. 

The replica technique is re- 
stricted to surface measurements. 
Fractography assists in tracking 
growth across the entire crack 
front. 'It may be fair to note that 
fractographic approach gives ex- 
cellent results everywhere with 
the exception of the specimen sur- 
face, because the surface region 
is often damaged due to rubbing, 
debris format ion , fallout or abra- 
sive action. As a consequence, 
crack depth, 'c ' , rather than sur- 
face length, 'a' is a better cri- 
terionto assess short crackgrowth 
rate. To make this possible, a:c 
ratio was determined from optical 
fractography as a function of sur- 
face crack length. Using this re- 
lationship, replica measurements 
of surface crack size were trans- 
lated into crack depth data. The 
translation assumed that a:c ratio 
cannot see sudden (discrete) vari- 
ation - as clearly indicated by the 
fractographic evidence on growth 
across the crack front. All growth 
rates obtained from this study 
appear in terms of dc/dF, rather 
than da/dF. 

Crack growth rate measurements: 
Growth rates were determined di- 
rectly from fractography. As men- 
tioned earlier, the programmed, 
FALSTAFF sequence contains eight- 
een steps, each with a charac- 
teristic major load cycle and a 
number of programmed minor load 
cycle steps (see Fig. 2). Each of 
these sets of cycles leaves behind 
a characteristic 'macro' striation 
on the fracture surface that can 
be seen through an optical micro- 
scope. 

Crack growth rate was determined 
from replica based growth measure- 
ments as the derivative of a para- 
bolic fit throughthree points. Use 
of a greater order polynomial or 
greater numberofpointswouldhave 
resulted in loss of data in the 
earlier stages of crackgrowth. For 
example, use of seven point poly- 
nomial as per ASTM E-647 would have 
meant discarding the first three 
growth data points. The parabolic 
fit results in the loss of only the 
first and last points in the growth 

curve. Average growth rate esti- 
mate from successive crack exten- 
sion and block interval 
measurements was discarded after 
observing a larger degree of scat- 
ter than in the case of parabolic 
fit through three points. 

RESULTS 

Fig. 3 shows the fracture surface 
from specimen 1. One of the arti- 
ficial crack initiators is clearly 
visible at the left. Also seen are 
the striation patterns left behind 
by the programmed FALSTAFF load 
sequence. These are visible only 
at certain locations in view of the 
poor depth of focus with optical 
fractography. Locally magnified 
pictures were used to determine 
crack growth rates from a crack 
size under 20microns right through 
to failure. 

Fig. 4 shows replica based crack 
growth measurements for the two 
tests carried out at 225 MPa. In 
case of the specimen with EDM crack 
initiators, crack growth was ob- 
served almost immediately after 
commencement of testing: 4 and 6 
load blocks respectively for the 
two initiators. The two cracks 
merged after 42 load blocks as 
indicated by a jump in crack size 
which now appears as a single 
symbol, representing the sum of the 
two crack sizes. Also shown on Fig. 
4 are replica based crack growth 
measurements for Specimen 2 with 
naturally initiating cracks. The 
replica technique indicated dis- 
cernible first crack formation and 
growth after more than 30 blocks 
of loading, which translates to 
about 6000 flights. Other cracks 
appeared subsequently and this 
along with their merger and growth 
to failure accounted for the re- 
maining 60 blocks of fatigue load- 
ing (12000 flights). 

Fig. 5 shows fractographic and 
replica based crack growth rate 
estimates for specimen 1. The con- 
tinuous lines are fromreplicadata 
while the points are from optical 
fractography. Growth rate data in 
the same format for specimens 2 and 
3 with multiple naturally initiat- 
ing cracks at the two spectrum 
stress levels appear on Fig. 6. A 
total of 31 crack origins were 
counted in Specimen 3. A crack 
origin was identified as the locus 
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of radial lines passing through a 
developing crack front. All ori- 
gins were traced to the notch 
surface. Figs. 5, 6 are indicative 
of considerable scatter in short 
crack growth rates when perceived 
through replica based measure- 
ments. This is consistent with 
experience cited in the literature 
[16]. However, scatter is not so 
apparent in the fractographic es- 
timates of growth rates. Consider- 
ing the log linear variation of 
growth rate versus crackdepth, the 
linear fit correlation coefficient 
is an indicator of scatter. Linear 
fits through replica based growth 
rates versus crack depth yielded 
coefficients ranging between 0.6 
and 0.8. This applied to both 
naturally initiating as well as the 
artificially initiated cracks. In 
contrast, log-linear fits of frac- 
tographic crack growth estimates 
versus crack length yielded corre- 
lation coefficients always exceed- 
ing 0.97. In the case of the two 
artificially initiated cracks, the 
coefficient was 0.99. This higher 
coefficient may be attributed to 
the larger effective crack size in 
view of a preexisting EDM notch of 
finite, well defined size and 
shape. 

In view of the better quality of 
fractographic growth rate esti- 
mates, further analysis was re- 
stricted to this source of data. 
Fig. 7 shows greater detail of 
multiple crack growth rate data 
from Specimen 2 (Sref = 225 MPa). 
We find data points down to a crack 
depth of 20 microns and less. Data 
points for a particular crack are 
denoted by a separate symbol. A 
total of eighteen crack origin 
points were detectedonthis speci- 
men. Data only for ten of these 
appear on the figure to avoid a 
cluttered picture. Data forthe two 
slowest cracks are denoted by a 
continuous line. These were the 
dominant cracks as shown by the 
supporting data in Figs. 8 and 9. 

Fig. 8 contains linear approxima- 
tions of growth rate data for 
specimens 1 & 2. The growth rates 
for artificially initiated cracks 
are somewhat less than for the 
slowest naturally initiating 
cracks. Lines A and B are for the 
dominant cracks whose growth rates 
were denoted by a continuous line 

in Fig. 7. This is also apparent 
from the picture of crack front 
sizes reconstructed by reverse in- 
tegration of growth rates and shown 
for specimen 2 in Fig. 9 at load 
block 71. We find cracks A and B 
have already grown to a depth of 
almost 1.5 mm, while most other 
cracks are much smaller. A s  shown 
by the lines in Fig. 8, the cracks 
that appeared later grew at a 
faster rate - under the 'influence 
of A and B. Thus, F, the smallest 
crack shown in Fig. 9 started 
growing at a rate about ten times 
higher than that of A (when A was 
of the same size). A s  these 
smaller cracks 'catch up' with the 
dominant one(s), a through crack 
finally appears. This is accompa- 
nied by a gradual merger of growth 
rates at the high end. Our obser- 
vations did not indicate any sign 
of rapid acceleration after 
merger. 

In contrast to the cracks in Speci- 
men 2, the two artificially initi- 
ating cracks in Specimen 1 grew at 
an almost identical growth rate. 
Obviously, because their sizes 
were at any given time similar, 
their influence on each other was 
also even. It would be fair to 
suggest that they had an equal 
effect on each other, rather than 
conclude that they did not affect 
each other. To support the latter 
claim, one would have to test 
another specimen with a single 
(artificially initiated) crack and 
compare growth rates for the two 
cases. Equal growth rates would 
indicate that indeed two coplanar 
cracks of equal size do not affect 
each other. 

0 

0 
DISCUSSION 

It must be noted that the replica- 
tion technique permitted the 
tracking of all cracks that ap- 
peared on the notch surface. Opti- 
cal fractography could be used to 
track only those cracks that fi- 
nally merged to form the dominant 
crack. Those that were on other 
planes ended up as non-propagating 
cracks and could not be studied 
using fractography. One may con- 
clude that replica technique per- 
mits the study of crack formation 
on the notch surface, while frac- 
tography (where applicable) can 
provide a detailed and high preci- 
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sion picture of how dominant 
crack(s) leading to failure devel- 
oped and propagated. 

The fractographic study on speci- 
men 2 revealed as many as 18 crack 
origins that were not necessarily 
coplanar. At a higher stress level 
(specimen 3 at 275 MPa), as many 
as 31 crack origins were traceable 
on the fracture surface. This 
suggests that as applied stress is 
increased, more cracks will origi- 
nate at the notch root. It may be 
suggested however, that from the 
viewpoint of exhaustion of fatigue 
life, one needs to consider only 
the dominant crack(s) which ac- 
count for the largest fraction of 
total fatigue life. Their growth 
occupies a sizeable fraction of 
total fatigue life. The smaller 
ones that appear after them would 
have only a negligible influence 
over the remaining period. 

The observations made above may 
have implications for assignment 
of inspection periods and detect- 
able crack sizes in design and 
operation of airframes. If a po- 
tential fatigue critical area is 
accessible for inspection from all 
sides where a crack is likely to 
initiate, one may readily assume 
that detection will always involve 
the dominant crack (which will 
happen also to be the slowest). On 
the other hand, if the design is 
of a fastener (inner notch surface 
concealed) or some other part where 
the opposite side also may be 
inaccessible, the design would 
have to assume the worst case 
scenario, whereby, when a small 
crack is detected, a much larger 
crack is likely to already exist 
inside that will accelerate the new 
ones's growth. This problem is more 
critical for thicker components 
where a through crack is more 
likely to be of critical dimen- 
sions. 

Fractographic estimates of growth 
rates show negligible scatter and 
a clear log-linear relationship 
with crack length. This observa- 
tion strongly supports the appli- 
cation of Fracture Mechanics to 
very small cracks. Considering 
that at higher stress level, crack 
growth was found to account for 
total fatigue life, an FM approach 
to life prediction appears practi- 

cal. These observations may appear 
to contradict those often found in 
the literature, suggestive of con- 
siderable scatter in test results 
and also the characteristic dip in 
growth rates after initial accel- 
erated growth, sometimes leading 
to crack arrest. It may be noted 
that our tests were carried out 
under spectrum loading and at 
stress levels of practical inter- 
est, which are rather high. Scatter 
reported in the literature may be 
attributed to limitations of 
growth measurement (replica tech- 
nique) and the very nature of crack 
growth under constant amplitude 
near threshold conditions. Spec- 
trum loading on the other hand has 
always been known to result in less 
scatter due to the 'control' exer- 
cised on the process by the infre- 
quent overloads. 

The artificially initiated cracks 
appeared to grow noticeably slower 
than the slowest naturally initi- 
ating cracks (Fig. 8). This dif- 
ference may be attributed to a 
smaller effective size (given as 
total depth minus notch depth) of 
these cracks in the initial stage 
of growth as they are growing out 
of an EDM 'notch within a notch'. 
If this observation is acceptable, 
it would follow, that one cannot 
make a useful study of notch root 
small crack growth using artifi- 
cial crack initiators. 

Finally, it may be noted that the 
fractographic technique involving 
specially engineered load sequenc- 
ing and a material that is condu- 
cive to ductile striation 
formation may not always be a 
realistic proposition. However, 
both inputs in this study were of 
practical relevance and they pro- 
vided data that may not have been 
obtained using other methods. Con- 
sidering the requirement of ob- 
taining a better understanding of 
spectrum load notch root fatigue 
of greater application value, it 
is proposed to extend the same 
technique to fasteners, including 
lugs with and without interference 
fits. 

CONCLUSIONS 

1. The growth of multiple cracks 
at notches was experimentally 
studied in L168 A1-Cu alloy 
coupons. Crack growth was 
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2. 

3. 

4. 

5. 

measured using replication 
technique and optical frac- 
tography . 
Replication technique provides 
information on the formation 
and growth of cracks over 
the entire notch surface. How- 
ever, the quality of crack 
growth rate measurements us- 
ing this technique may not be 
adequate in view of large ob- 
served scatter in results. 

Fractographic measurements of 
crack growth rates show excel- 
lent consistency and low 
scatter, that is comparable 
to long crack growth rates. 
They also permit identifica- 
tion and tracking of multi- 
ple cracks that initiate at 
the notch root. 

Cracks growing from identical 
crack initiators grow at the 
same rate. However, natu- 
rally initiating cracks sel- 
dom do so simultaneously. 
Consequently, cracks that ap- 
pear later, grow faster un- 
der the influence of existing 
fatigue cracks. 

As applied spectrum stress 
level is increased, crack in- 
itiation sites increase in 
number. Also, the fraction of 
total fatigue life consumed 
in crack growth increases and 
can reach 100% at a suffi- 
ciently high stress level. 
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hbte: AlI dimensions in mm. 

7 LA-$  4.5 + 3.5 + 4.5 OZ5 

I 4 0.5 

Fig.l.Single edge notch (SEN) specimen with two EDM crack in- 
itiators. The other specimens tested were similar, but 
without the EDM crack initiators. 

IO0 A I8 major cycles B 

0 

Fig.2.Programmed FALSTAFF load sequence used in experiments. 
This spectrum was found to provide the same crack growth 
rates as the fully randomized version [ 1 5 ] .  



10-9 

c 

0 

1 n 
'1 
U 
'1 

U 
4 
m 

2 

0 
U : 

? 



10-10 

8. 

7. 

6. 
E 
E 5. 

2- 3. 

0- 

-c 4. 
U 

b 
+ 
0 2 -  

1. t, 

0. 

e 

- I I I I I I I I I 

.\btch 1 2 

.Vetch 2 .f . 
x -  - 

Cpecimen 1 
- . .- 0 

0 

0 * - 
0 

1 -  First Crack ..l/ . S ecimen 2 
0 -  Crack D A'a t ural crack 
+ - Lasf Crack F )  initiation) 

- 
4 

4 
. - - 

.D 

0 . . 0. - . 0 

. e  

- 
. 0 +  - . 

0 
- 

L O  

0 
. O .  - . a 

. D  + 
..:n* 0 - .: xx A 0  - 

- 1 0  . D . . . D  0 a 40. - 
. D  

. D  . 
0 %  * . o  

I I I I I I 1 1 I 0 

. 

Fig.4.Replica based crack growth measurements under programmed 
FALSTAFF. Data for Specimens 1 & 2. Spectrum reference 
stress level 225 W P a .  

Fig.5.Replica and fractography based crack growth rate esti- 
mates for artificially intitiated pair of cracks. Speci- 
men 1 .  Sref =225 EIPa. 
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I I I I 1  I I I I 1  I I I .  - MFUTMW - 
S,f = 225 Wa - - t = 12.5 mm 

- Fractography results - - 
I for 10 origins - - - 
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Total number of origins - 18 - - - 
I I I I  I I ,  

- 

I 1 

Crack depth e, mm 

Fig.C.Replica and fractography based crack growth rate esti- 
mates for naturally initiating multiple cracks. a )  
Specimen 3, Sref f 275 HPa. b) Specimen 2, Sref -225 
HPa. 

-% 
165 

10-2 10-1 100 

Crack depth c, mm 

Fig.7.Fractography based crack growth rate estimates for multi- 
ple naturally initiated cracks. Data for slowest cracks 
shown as continuous lines. Sref = 225 HPa. 



10-12 

U 

-9 E 1C3 

.r: 

I I I I I  I I I I I  I I I - MAL9TMUP 
- Sref = 225 Wa 
SEN specimen 

- t = 12.5 mm 

E 
D 
C 
B' 

Specimen with tm 
ELM crack initiators 

1 I I I I ,  I I I I I  I I I 

10-2 10-1 100 

Crack depth c, mm 

Fig.8.Summary of crack growth rates measured in specimens 1 
and 2 from fractography. Data presented as linear ap- 
proximations of experimental points. Note the l o w e r  in- 
itial growth rates for cracks from EDM notches. Sref = 
225 MPa. 

Block counter - 71, 

Fig.9.Schematic representation of traced back intermediate 
crack front mapping 
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In this paper the methods used for calculating the 
fatigue life of metallic dynamic components in  
rotorcraft is reviewed. In the past, rotorcraft 
fatigue design has combined constant amplitude 
tests of full-scale parts with flight loads and usage 
data in a conservative manner to provide "safe life" 
component replacement timcs. This is in contrast to 
other industries, such as the automobile industry, 
where spectrum loading in fatiguc testing is a part 
of the design procedure. Traditionally, the linear 
cumulative damage rule has been used in a 
deterministic manner using a conservative value for 
fatigue strength based on a one in a thousand 

bability of failure. Conservatisms on load and 8 e are also often employed. This procedure will 
be discussed along with the current U.S. Army 
fatigue life specification for new rotorcraft which is 
the so-called "six nines'' reliability requirement. In 
order to achieve the six nines reliability requirement 
the exploration and adoption of new approaches in 
design and flect management may also be necessaiy 
if this requiremcnt is to be met with a minimum 
impact on structural weight. To this end a fracture 
mcchanics approach to fatigue life design may be 
required in order to provide a more accurate 
estimate of damage progression. Also reviewed in 
this paper is a fracture mechanics approach for 
calculating total fatigue life which is based on a 
crack-closure small crack considerations. 

1. INTRODUCTION 

Over the past several decades rotorcraft have been 
designed under the safe-life philosophy using the 
Palmgren/Miner [ 1,2] nominal stress rule. 
According to one rotorcraft manufacturer very little 
has changed [3] philosophically over this time 
period with most of the changes being made in the 
mechanics of the calculations where high speed 
digital computers have replaced slide rules and 
mechanical calculators. As technology in other 
areas increases this often allows for more 
sophisticated aircraft systems that produce different 
flight operations such as nap-of-the-earth, night 
flying, and air-to-air combat. These operations will 
add an even more variable fatigue load environment 
on rotorcraft than in the past thus requiring a 
fatigue life analysis that can reliably evaluate the 
effccts of variable amplitude loading on the damage 
process. 

Because of two studies [4,5] done about a decade 
apart, the safe life approach using the Palmgren- 
Miner(P/M) linear cumulative rule has been 
questioned as being the most reliable approach to 
predicting fatigue life. In the work in reference 4 
by Jacoby, the predicted lives of one-third of about 
300 tests on all types of structures and materials 
were considered to be on the unconservative side. 
The work in reference 5 ,  the hypothetical pitch link 
problem formulated by the American Helicopter 
Society(AHS), showed variations in predicted 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Crack Growth Prediction Techniques: 
September 1993. 
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fatigue life from 9 to 2,594 hours. The AHS pitch 
link problem caused some people in the 
international rotorcraft coininunity [6] to review 
this problem as well as to add a test program on a 
simulated pitch link so fatigue life calculations 
could be compared to test results which was not 
done in the AHS problem [ 5 ] .  

The large differences in the AHS pitch link 
predicted fatigue lives has resulted from each 
manufacturer using various conservatisms on the 
various parts of the fatigue life prediction process. 
Various reductions techniques in the component 
fatigue strength curves and the use of top of scatter 
flight loads are but two of these conservatisms. 
One of the reasons for conservative design has becn 
a lack of accurate and detailed structural analyses. 
Over the years advances in computer speed and 
memory have resulted in more efficient methods for 
lad analysis. However, these methods have been 
implemented without a better definition of the level 
of conservatism. As a consequence, the U.S. Army 
is requiring that the next rotorcraft to be developed 
have and expected value of six nines reliability for 
flight critical components. 

The exploration and adoption of new approaches in 
design and fleet management may be necessary to 
achieve a reliability of six nines with minimum 
impact on structural weight. Actual fleet loads 
monitoring may be required to rcduce the 
uncertainty in usage. Some of these new 
approaches have been implemented in a life cycle 
management program started during the 1980's [7]. 
Fracture mechanics fatigue life approaches may be 
required to provide more accurate estimates of 
damage progression. Also, flight-by-flight 
spectrum testing of full-scale parts may be required 
to reduce the uncertainty of spectruni fatigue life 
predictions and possibly lower the coefficients of 
variation. The purpose of this paper is to review 
the past practice of the rotorcraft safe-life 
approach, to review some of the aspects of the 
current six nines reliability fatiguc life requirement 
particularly the recent AHS six nines fatiguc life 
round-robin , and to review a possibly fiiture 
approach to fatigue life prediction using a fracture 
mechanics approach were total fatigue life is 

predicted using only crack propagation 
considerations. 

2. PAST PRACTICES 

Since the AHS pitch link problem involved almost 
all of the U.S. rotorcraft manufacturers as well as 
two European manufacturers an overview of fatigue 
life prediction of rotorcraft in the past will be 
presented by reviewing some of pitch link 
participants design practices. In the pitch link 
problem the three key ingredients given to the 
participants were the mission spectra, the flight 
loads, and six stress versus fatigue life cycles(S/N) 
data points. Since the P/M linear cumulative rule is 
the basis for rotorcraft fatigue life prediction up to 
the present, these three ingredients provide all 
data that is needed to predict fatigue life. 
linear cuniulative damage rule states that fatigue 
failure occurs when the summation of the so-called 
cycle ratios (a) is equal to one. In the nominal 
stress approach, the flight loads are grouped into 
discrete load levels so the numerator (n) of the cycle 
ratios can be defined. In the design of rotorcraft the 
denoniinator(N) is determined from fatigue tests on 
the actual part being designed. 

@ 

2. I Mission spectrum(fli4ht loads) The life 
calculations often start by developing the mission 
spectrum which defines the manuevers the 
rotorcraft will experience as well as the percent 
occurence for each of these manuevers in the 
mission spectrum. As stated previoulsy ,the flight 
loads from the various manuevers are used to f 

specified are what is often called the flight profile 
splits which define the percent time spent at various 
gross weights, center of gravity, altitudes, rotor 
speeds and other pertinent data. For the pitch link 
problem the mission spectrum is shown in Table 1. 

the numerator(n) of the cycle ratios(n/N). a 

The flight loads are determined from a flight loads 
survey on a production configured rotorcraft where 
the rotorcraft is flown at all of the maneuvers 
defined in the mission spectrum. These flight loads 
are usually collected from flights in different air 
conditions such as smooth, turbulent, hot, cold, wet, 
dry, etc. These various weather conditions often 
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require taking loads data on different days which 
some manufactures require [3]. An example of 
flight loads on the pitch link for a high speed dive is 
shown in Figure 1 .  

The preferred way(in the sense of most 
consevative) of determining which load values will 
be used in the damage calculations is termed top-of- 
scatter loads. From Figure 1 it is seen that the 
maximum top-of-scatter load is 2352 pounds. 
When combined with the minimum load during this 
maneuver, minus 1386 pounds, the maximum load 
range becomes 3738 pounds which when divided by 
two gives the top- of-scatter alternating load for this 
maneuver as shown in Table 2. For the purpose of 
the damage calculation this load is considered to 
occur over the entire time of the maneuver. This 

edure is performed on all of the maneuvers in 3? mission spectrum and produces the results 
shown in Table 2. As it will be seen later, the 
steady load for all of the conditions that will 
contribute to the damage using the P/M rule, is 
fairly close to the steady load used in the pitch links 
S/N curve, therefore a modification to the 
alternating loads to account for what is called the 
Goodman effect is not required. The so-called 
Goodman effect arises because the fatigue load 
cycles from the flight loads data are at many 
different stress ratios,R (ratio of minimum to 
maximum stress). These loads(stresses) are 
"corrected" to stress values that give the equivalent 
damage as the flight load stresses but at the stress 
ratio used for the components S/N curve. The 
linear form of what has been called the Goodman 

ection was used by most participants in the 
p c@ link problem [3] when it was considered 
necessary to ''correct" the alternating loads. 

2.2 Fatigue strengthWN curve) The first step 
in establishing the design S/N curve which is used 
to determine the denominatorw) in the P/M rule, is 
to determine the endurance limit of the Component 
of interest. The endurance limit is determined by 
first testing a minimum of six full-scale exact 
replicas of the component to failure at different load 
levels [3]. In the situations where the complexity of 
the component and loading is such that more than 
one failure site is possible, eight or more tests are 
run by some manufacturers [8]. The endurance 

limit is determined by extrapolating each of the six 
or more tests points to 10 million cycles(for ferrous 
materials) using a standardized curve. Once the 
extrapolated endurance limit for each test point is 
known, the mean and other statistical values of the 
endurance limit are determined. The standardized 
shape of the S / N  curves is one place where different 
procedures are used. Most manufacturers use a 
shape that is determined by running numerous 
coupon specimens of the component's material with 
a stress concentration that closest simulates that of 
the failure site of the actual component [3,8,9]. The 
methods used to establish the shape of these curves 
is different for each manufacturer. Some use a 
Wohler curve [ 10,111 some a Weibull equation [9] , 
some their own equations [8] , and some use two or 
more procedures depending on which seems to be 
the most valid for the particular situation [12]. 
Since each manufacturer uses a different procedure 
for determining the curve shape that is used to 
determine the endurance limit , different endurance 
limits will result thus providing some differences in 
the final calculated fatigue life. 

Probably the greatest difference in fatigue life 
calculations comes from the method used to reduce 
the meM endurance limit to the design allowable 
[6]. Each manufacturer has its own of reduction 
factors. The component life is usually calculated 
using the lowest value of the endurance limit as 
determined by one of the several reduction factors. 
Almost all manufacturers use the reduction factor 
of mean minus three times the standard 
deviation(mean - 30). Some manufacturers use 
80% of the mean as a reduction factor [3,10] and 
others used a reduction factor based on an equation 
by Hald [ I  13. Table 3 shows a comparison of the 
mean endurance limit for the pitch link problem as 
well as the design allowable endurance limit. 

2.3 Fatigue life calculations With the design 
allowable fatigue limit determined and the flight 
loads for the various maneuvers established, the 
fatigue life can then be calculated using the PM 
rule by comparing the flight loads to the endurance 
limit of the component. The maneuvers where the 
flight loads are above the endurance limit are 
considered to be the damaging maneuvers. The 
numerator in the cycle ratio for the P/M rule for 
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each maneuver is determined by calculating the 
number of load occurrences that are experienced by 
the component over a certain time period(often for 
one hour). For the pitch link problem with a rotor 
speed of 324 revolutions per minute and assuming a 
load frequency of once per rotor revolution, the 
numerator becomes 145.8 damaging load cycles per 
hour for the 1.5g right turn(324 X 60 X 0.0075). 
The denominator of the cycle ratio is then 
determined for each maneuver by reading from the 
component's S / N  curve the fatigue life at the stress 
level for each maneuver. The cycle ratio for each 
damaging maneuver is formed as just stated and the 
total fatigue damage is detemiined by summing all 
the cycle ratios for each loading condition, C(n/N). 
The reciprocal of total fatigue damage, I/C(n/N), 
then becomes the fatigue life of the component. If 
using the top-of-scatter procedure for determining 
the flight loads gives a too conservative value of 
fatigue life, then a more formal type of cycle 
counting is employed. 

Again, each company uses a different type of 
counting method. One manufacturer uses a method 
that reduces the flight loads into a histogram that 
contains every load reversal that exceeds the 
endurance limit [3]. The details of this method are 
found in Bruhn's ,Analvsis & Design of Flight 
Vehicle Structures, [ 131. One manufacturer did use 
the rainflow method [ 101 which has been considered 
by many to be the more reliable counting procedure 
for accounting for load sequence effects. Most 
manufacturers used a method derived to adapt to 
computer programs that they use to reduce the 
flight loads data from the actual flight load surveys 
[8,121. 

The final assignment of a fatigue life(sonietinies 
called a safe retirement life) often depends on 
proven engineering judgment [8,9,14]. Most 
manufacturers recognize that the P/M rule has often 
been shown to predict unconservative fatigue lives 
[4,14] because of such phenomena as load sequence 
interaction effects and the fact that loads .below the 
so-called endurance limit often produce 
nonpropagating cracks that can become damaging 
again when large compressive loads are 
experienced. Because of this, various 

manufacturers also use a reduction factor on the life 
calculated by the P/M rule [ 10,141. 

3. CURRENT DESIGN REQUIREMENT 

The intent of this section is to review some of the 
aspects of the new "six nines'' reliability U.S. Army 
design requirement on the fatigue life of dynamic 
compents. As stated previously this requirement 
was implemented in the middle of the decade of the 
1980's in order to help quanti@ the overall risk 
associated with a given components fatigue life. 
Prior to this requirement the studies of Jacoby [4] 
and the A H S  pitch link problem of 1980 [5] had 
shown that the safe life approach using the P N  
rule to calculate fatigue life was frought with 
difficulties. Some of these difficulties come 
the inability of the P/M rule to handle 
phenomena as the affects of load interactions on 
fatigue damage progression. While other problems 
stem from the fact that different manufactures will 
inherently choose different procedures in handling 
the various ingredients that are needed in 
calculating the fatigue life(i.e. reduction on mean 
S / N  curve to a design allowable curve). The six 
nines reliability requirement and the associated 
concerns about implementing such a philosophy 
resulted in establishing a round robin in 1988 
involving the U.S. Army Systems Command, now 
called the Aviation and Troop 
Conunand(ATCOM), and the U.S. rotorcraft 
industry. This study was undertaken by the 
American Helicopter Society(AHS) Subcommittee 
for Fatigue and Damage Tolerance. The inte of 
this section is to examine some of the computa &a1 
methods necessary to determine fatigue life as a 
function of reliability by reviewing some of the 
pertinent aspects of the 1988 AHS round robin 
[ l j ] .  

@ 

3.1 Round robin discription The objective of the 
AHS reliability round robin was to do more than 
just establish a consistent reliability analysis. Other 
objectives were to evaluate how the different U.S. 
rotorcraft industry methods in defining fatigue 
strength would affect reliability calculations as well 
as to examine the issue of fleet versus individual 
aircraft component replacement. A further 
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objective of the exercise was to contend with the 
probabilistic complexities associated with defining 
loads variability to demonstrate the benefits of 
loads monitoring for achieving six nines reliability. 
The problem as posed, assumed a normal 
distribution for fatigue strength under precisely 
defined cyclic loads and a nonnal distribution for a 
simple loading spectrum so that fatigue lives could 
be calcualted to six nines reliability. Of course in 
actual design practice the probability distribution 
that best described the flight loads and components 
fatigue strength would have to be determined(i.e., 
normal, log-normal, etc.). In order to address all of 
the above issues the round robin was divided into 
three phases. In Phase I, the problem was defined 
such that only one numerical answer was correct. 
Phases I1 and 111 were set up so that the experience 

individual contributors could show how 8 I erences in assumptions affected the results. 
Table 4 lists the round robin participants and their 
appropriate identifier codes. 

Phase I - Identical Methods and Inputs. In Phase I 
of the exercise, all fatigue-related variables were 
strictly controlled to insure that the participants 
developed consistent solutions for fatigue livcs at 
the prescribed reliability. For computational 
purposes, a mathematically defined S-N curve was 
provided in terms of stress range, Sr and fatigue 
limit (fatigue strength at very large loading cycles), 
Se, for a stress ratio R=O. The loading spectrum 
used in this round robin was the standardized 
helicopter load spectra called Felid28 [ 161. To 
illustrate trends due to overall spectrum severity, a 

line spectrum level was established and other w s ctrum severities were created by multiplying all 
loads in the spectrum by a scaling parameter called 
alpha. To  include variability of loads in the 
reliability analysis, the severity of the spectrum was 
assumed to have a normal distribution about a mean 
severity (or mean alpha) level. Again, in design 
practice the probability distribution that best 
described the spectrum severity would have to be 
determined. It is important to recognize that this 
was a theoretical exercise and that alpha was 
inteded to be a mathematical artifice used to 
simulate changes in the baseline spectrum which 
account for differences in usage, pilot technique, 
weather, vehicle configuration, etc. Thus, for the 

purposes of this exercise, alpha is an operational 
variable that combines both usage and loads 
variability to discriminate in mission intensity. All 
of the items just listed that could affect the load 
spectrum(pi1ot technique, etc.) would have to be 
considered when choosing the probability 
distribution that would best describe the load 
spectrum. 

Based upon these fatigue strength and spectrum 
loading definitions, the following three problems 
were proposed and solved by the AHS round-robin 
participants. For all three problems, it was 
assumed that fatigue strength was normally 
distributed about the fatigue limit with a 7% 
coefficient of variation (COV). Also, for the 
purposes of the round robin, it was assumed that: 
(1) Palmgren-Miner's linear damage rule was valid; 
and (2) Goodman corrections needed to convert the 
applied stresses to equivalent-damage stresses at 
R=O were valid. 

Problem 1. Assumed that the loading spectrum 
does not vary. Fatigue lives were calculated for the 
mean, mean-30, and mean30 fatigue strength 
curves using the Felid28 loading spectrum factored 
by deterministic mean values of the fleet seventy 
parameter, alpha, between 0.3 and 0.9. 

Problem 2. Assumed that the loading spectrum 
severity parameter, alpha, is normally distributed 
with a 7% COV. The fleet fatigue fatigue lives at 
six nines reliability were calculated for mean values 
of alpha between 0.3 and 0.9. 

Problem 3. Assumed that the severity parameter, 
alpha, for a subset of helicopters (or individual 
aircraft) had a normal distribution and could be 
measured to within a 3% COV. The six nines 
reliability fatigue lives for the subset of aircraft 
over a range of alphas were to be calculated. It was 
further assumed that the mean alphas of the subsets 
in the fleet were normally distributed with a 7% 
COV and the mean fatigue lives at six nines 
reliability for a fleet mean alpha of 0.6(0.85 for 
Phase 11) were to be calculated. 

One of the possible future activities of the AHS 
Fatigue and Damage Tolerance subcommittee is to 
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investigate the effects of different COV's on the 
reliability calculation as well as to address the issue 
of what value should these COV's be for various 
component and material combinations. 

Phase I1 Independent Methods and Inuuts. In 
Phase I, the same S-N curve and fatigue limit COV 
were used by each participant. In Phase 11, instead 
of using a prescribed mathematical espression for 
the S-N curve, the round-robin participants were 
provided six constant amplitude test points which 
were mutually agreed to be typical of the six data 
points obtained in full-scale helicopter fatigue 
substantiation testing. Each participant then used 
this data set to develop an independent S-N curve 
formulation, fatigue limit, and fatigue limit COV. 
The three problems in Phase I were solved again to 
compare the effects of each participant's choice of 
S-N curve. 

Phase I11 Spectrum Fatigue Tests. In addition to 
the constant amplitude tests, AVSCOM's 
Aerostnictures Directorate (ASTD). now the 
Vehicle Structures Directorate(VSD) of thc Army 
Research Laboratory(ARL), conducted spectrum 
fatigue tests using the Felid28 loading spectrum 
over a range of alpha values. The measured alpha 
versus life curve was used to assess the accuracy of 
a cumulative damage model and a fracture 
mechanics model for predicting the measured 
spectrum fatigue lives. Each participant compared 
the mean life predictions from Phase II/Problcm 1 
to the spectrum fatigue tcst results. 

3.2 Reliabilitv analvsis This section explains the 
solution methods used to answer the three questions 
postulated for the round-robin exercise. Problem 1 
does not address reliability but was included to 
assure that all participants properly accounted for 
loads (alpha) scaling and the Goodman correctioii 
when calculating the fatigue life. Problems 2 and 3 
were intended to addrcss the probability of failure 
(POF) for a given distribution of fatigue strength 
and applied loading. The results were to be 
presented in terms of reliability or the probability of 
no failure, (1-POF). Thus, the six nines reliability 
requirement is equivalent to one failure in  a million 
for each major component in the life of the 
helicopter fleet. An underlying objective of this 

analysis was to demonstrate the advantages of load 
monitoring for achieving six nines reliability using 
the results of Problems 2 and 3. See the description 
of Problem 3 later in this section for an explanation 
of how load monitoring helps achieve six nines 
reliability throughout the fleet. The solutions to 
these problems are presented and discussed in a 
later section of this paper. 

Problem 1. As mentioned earlier, the S-N curve 
shape, tlie ultimate strength (180 ksi), and the 
fatigue limit stress range(40 ksi) were prescribed in 
Phase I. Figure 2 shows the S-N curve formulation 
as plotted on a log-log scale. Based upon this 
straight line definition, the fatigue life equation can 
be written as 

e N = 500000(Sr 1785, Sr  > Se (1) 

and 

Recall that the coefficient of variation on the 
fatigue limit was assumed to be 7%. It was further 
assumed that the standard deviation at the fatigue 
limit also applies to the fatigue strength 
distributions at all points on the S-"curve. In 
other words, the fatigue strength standard deviation 
was assumed to be constant. The alpha versus 
fatigue life curves for the mean, mean minus three 
sigma, and mean minus five sigma fatigue limits 
were computed using the Palmgren-Miner linear 

previously. The calculation of a mean minus w t ee 
cumulative damage model which was disc 

sigma fatigue life, provides a reliability of .999 with 
respect to precisely known loads. The solution 
process consisted of four basic steps. First, the 
Felid28 loading spectrum stresses (mean and 
amplitude) were multiplied by the alpha scaling 
parameter. Second, the scaled stresses were 
adjusted using the Goodman correction. The intent 
of the Goodman corrcction is to convert a given 
stress mean and range into an equivalent stress 
range which produces equivalent fatigue damage at 
R=O. Figure 3 describes the Goodman correction 
for the alpha scaled stress mean and range. The 
equivalent stress range, srl , is defined as 
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at the R=O fatigue life curve for an arbitrary value 
of a. Equation (1) is used with Sr replaced by sri 
to calculate the fatigue life. Third, for the mean 
and the reduced-strength definitions of the S-N 
curves, Palmgren-Miner's Rule is used to calculate 
the fatigue life for the Felid28 spectrum. Finally, 
in the fourth step, a was plotted versus the number 
of sequences through the loading spectrum. 

Problem 2. The purpose of Problem 2 was to 
include the variability of fatigue strength and 
applied load in the fatigue life calculations for six 
nines reliability. For this problem, both strength 
and load were assumed to be normally distributed 

a 7% coefficient of variation. The probability 

strength was considered to be a joint probability of 
occurrence problem. Joint probability distributions 
associated with two random variables are discussed 
in reference 2. The nonnal distribution curve or 
probability density function, as depicted in figure 4, 
is used to calculate the probability that a value of 
the parameter (strength or load) exists in the 
interval between zi and zi+l. The product of the 
fractional or interval probabilities for load, APi(a) 
and strength AP,(S) defines the joint probability 
that both occur simultaneously. Thus, the joint 
probability was given by 

9 o failure for particular distributions of alpha and 

APij(a,S) = AP,(a) + APj(S) (4) 
This problem was solved numerically by creating a 

t probability matrix for normal distributions of 

normal distribution curves for alpha and strength 
were divided into 50 unifonn increments from 
minus five sigma to plus five sigma about the mean. 
A sensitivity study verified that 50 increments gave 
results to within 2.5% of the converged solution 
which required 200 increments. 

9 a pha and strength, as illustrated in figure 5. These 

The procedures which were discussed in Problem 
1 were used to compute the fatigue life, Ni,(a,S), 
for each combination of alpha and strength 11) the 
joint probability matrix. Thus, there is an 
associated fatigue life for each element in the joint 

probability matrix. The reliability is calculated by 
reordering the [APij(a,S), N~(a,s)]  pairs from the 
smallest life to the largest life. The reliability at 
any specified fatigue life is the sum of all values of 
in the array above that value of life. Figure 6 
presents an example of this cumulative joint 
probability versus fatigue life. As indicated in 
figure 6, the safe retirement life (or a POF = 
0.00000 I) can be easily calculated by interpolation. 
This process is repeated for each mean alpha from 
0.3 to 0.9. It turns out that only the shaded region 
of the joint probability matrix in figure 5 
contributes to the calculation of six nines reliability. 
Thus, the number of computations needed to obtain 
six nines reliability is only about one-eighth of the 
2500 load and strength combinations. 

There was another method used in the round robin 
by several participants which gave essentially the 
same answers as the numerical joint probabilityAife 
matrix approach. This alternative method was a 
closed-fomi solution which used the following ideas 
and procedures. Each alpha-scaled and Goodman 
corrected applied stress range ,sr',in the loading 
spectrum was assumed to be normally distributed 
with a mean value given by equation (3) and a COV 
equal to the alpha distribution COV. Furthermore, 
because sr' and Se are assumed to be normally 
distributed, the S-N curve in equation (2) was 
defined in terms of a new variable, , + = (srr - Se) 
which was also assumed to be normally distributed 
with a mean, +nl, and a standard deviation, o+. 

The S-N equation became 

In the linear damage fraction (n/N), n was defined 
for each stress range in the loading spectrum. The 
damage that was exceeded with a POF equal to 

(or six nines reliability) at each stress range in 
the spectrum was determined by using equation ( 5 )  
to calculate N when 

where, 
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Finally, the safe retirement life was computed as the 
reciprocal of the total damage in the loading 
spectrum. 

Although this alternative method has produced 
answers which are close to those calculated by the 
"matrix'' method, the two methods have not been 
shown to be theoretically equivalent. One of the 
differences between the "matrix" mcthod and the 
closed-form method can be attributed to differences 
between the normal population statistics for alpha 
and Sr'. While the alpha-scaled stresses have the 
same COV as alpha, the alpha-scaled and 
Goodman-corrected stresses (sr') do not. There was 
no attempt in the current study to evaluate the 
limitations of assuming the same COV for alpha 
and srl on the accuracy of the results. However, the 
closed-form method does rcqiiire much less 
computation than the "matrix" method and both 
approaches were used in the round robin. 

Problem 3. Problem 3 was posed to help examine 
the difference between the safe rctirement life for 
the entire fleet and the safe retircment lifc based on 
individual aircraft usage. If the measurements 
necessary to determine alpha could be made with a 
3% COV, then significant maintenance cost savings 
could be achieved from the longer mean retirement 
life. This probelm is an application of the theorem 
of total probability where the total fleet has a 
normal distribution of alpha with a 7% COV. The 
measurement error on each individual aircraft was 
assumed to have a normal distribution with a 3% 
COV. The solution of this problem consists of two 
steps. First, the safe retirement lives are calculated 
for each measured alpha. This step is the same as 
Problem 2, except that the alpha variation has a 3% 
COV instead of 7%. Second, the mean safe 
retirement life, "ea,, is calculated for the 
prescribed mean alpha using the method of 
conditional expectation [ 171 and is expressed in 
integral form as 

where Nship(a) is the individual ship six nines life 
for a 3% COV on applied loads and ffleet(a) is the 

fleet probability density fbnction for a 7% COV on 
the mean a .  For this problem Nme, was 
calculated using a discretized form of Eq. (7) given 
by 

where Nship(a) is computed for a 3% cov on 

computed for a 7% COV on the mean a. Figure 7 
shows a graphical representation of this process. 

applied loads and Pfleet(a) = ffleet(a)*Aa is 

3.3 Round robin results The results of all three 
phases of the reliability round robin exercise are 
presented in this section. Only a portion of the 
results will be presented. See reference 15 for the 
complete set of results. 

Phase I - Identical Methods and Inputs. In PhasFI, 
all participants used the same S-N curve, spectrum 
loading sequence, and statistical parameters in 
solving the three problems. Table 5 presents the 
fatigue live for Problem 1 for the mean strength for 
all parti.cipants. Table 6 gives the mean minus 
three sigma and mean minus five sigma strength 
predictions only for the VSD solutions. All of the 
other participants solutions for this problem were 
similar. Tables 7 and 8 present the fatigue life 
calculations at six nines reliability for Problems 2 
and 3, respectively. Fatigue lives in the tables are 
given in terms of the number of passes through the 
loading spectrum. For Problems 2 and 3, the first 
numbers tabulated were calculated using the joint 
probability/life matrix approach while the numbers 
in parentheses were calculated using the c l o e  
form method. The results from Phase I confirmed 
that all participants could calculate about the same 
answers for all three problems when the S-N curve 
forniulation, loading spectrum, and statistical 
parameters were identical. The small differences in 
fatigue lives calculated by the participants can be 
attributed to two possible sources. First, different 
answers would occur if the particapants used 
different sizes of incremental sigma's(see 
description of Problem 2 under Reliability Analysis 
section) in summing for a given level of probability. 
Second, the type of numerical integration method 
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used in summing for a given level of probability 
would also give slightly different results. 

Recall that Problem 2 was set up  to calculate 
fatigue lives at six nines reliability without any 
knowledge about loads on individual aircraft. On 
the other hand, Problem 3 assumed that loads (or 
alpha) could be measured on each aircraft and that 
the measurement error has a 3%COV. Comparing 
the fatigue lives at six nines reliability between 
Problems 2 and 3 may provide some measure of the 
benefits of loads monitoring. For Problem 3, the 
calculated six nines reliability fatigue life at a mean 
alpha of 0.6 was about 4.2 times greater than the 
six nines fatigue life calculated for Problem 2. 
Thus, this 4.2 factor could also be used to quantify 
potential cost savings if retirement lives could be 

ased through loads monitoring. 'W 
Phase I1 - Independent Methods and Inputs. In 
Phase 11, each participant used the constant- 
amplitude test points provided by VSD to develop 
an independent S-N curve, fatigue limit, and fatigue 
limit COV. The form of the fatigue life equation 
was given as 

(9) 

where A and B are curve fit  parameters. Table 9 
presents the parameters from equation (9) and the 
fatigue limit COV which were used by each 
participant. Table 10 gives the Phase I1 fatigue life 
results for Problem 1 in terms of the number of 
passes through the loading spectrum for the mean 

gth . See reference 15 for the complete set of 
ts. 

fatigue life predictions. The most significant 
contributor to these differences appears to be the 
value of the fatigue limit whiCh was determined 
from the given constant-amplitude fatigue data. 
Figures 8 and 9 highlight some of these differences 
for Problem 1 at alpha's of 0.7 and 1.0, 
respectively. For alpha equal to 0.7 (fig. 8) the 
maximum difference in fatigue life prcdictions is 
seen to be almost a factor of 30. However, for 
alpha equal to 1.0 (fig. 9) the maximum difference 
is less than a factor of three. In terms of current 
analytical standards for fatigue life prediction, a 
factor of four difference is considered to be 

As expected, there were differences in the 

reasonable. At an alpha of 0.7, many of the loads 
are below the fatigue limit and small differences in 
the fatigue limit could result in large differences in 
the predicted fatigue life. As seen from Table 9, the 
fatigue limits used by the participants differed by 
almost 20 percent. The results are consistent with 
this reasoning in that the longest fatigue life 
predictions (fig. 9) were calculated by using the 
highest fatigue limits (Table 9). At the higher 
alpha's, more of the loads were above the fatigue 
limit and contribute to fatigue damage. Thus, 
according to Miner's Rule, less scatter in the fatigue 
life predictions should be expected, as shown in 
Figure 9. 

Besides the effects of fatigue limit on mean life 
predictions, the manner in which fatigue strength 
reductions are applied will contribute to the scatter 
in life predictions. Recall that in Phase I the 
statistical variations on strength were based on a 
constant standard deviation and not a constant 
coefficient of variation. In Phase 11, some of the 
participants based the strength reductions on a 
constant COV and not a constant standard 
deviation. Assuming all other parameters equal, the 
predicted fatigue lives would be shorter when using 
a constant COV to account for strength variability. 
Another slight difference in the statistical analysis 
was the use of a log-normal distribution for strength 
by one of the participants. The six nines reliability 
results from Problem 2 show larger differences 
among the participants than do the mean fatigue life 
results of Problem 1. One cause for these 
differences appears to be the magnitude of the 
fatigue limit COV that was used. In addition, the 
differences at higher a values may be attributed to 
the use of a constant COV rather than a constant 
standard deviation. 

Tables 11 and 12 show the Phase I1 fatigue life 
predictions at six nines reliability for Problem 2 and 
Problem 3, respectively. Again, for Problems 2 and 
3 the first numbers represent the joint 
probability/life matrix approach while the numbers 
in parentheses represent the closed-form method. 
Figure 10 shows some of the differences in the six 
nines fatigue lives for Problem 2 at an alpha of 0.6. 
The maximum difference between the predicted 
fatigue lives at six nines reliability was almost a 
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factor of 60. This is about twice the scatter that 
was obtained in Problem 1 for the mean fatigue life 
predictions. Comparing the ratio of fatigue lives 
between Problems 2 and 3 at mean alpha's of 0.8 
and 0.85, shows increases in fatigue lives at six 
nines reliability from as low as 1.8 to as high as 40. 
Again, the fatigue limit value and the method uscd 
for fatigue strength reduction (constant standard 
deviation versus constant COV) may account for 
these differences. 

Phase I11 Spectrum Fatigue Tests. In this phase, 
each industry participant used their standard linear 
cumulative damage methodology and tlie niean S-N 
curves derived from the Phase I1 constant amplitude 
fatigue tests to calculate mean spectrum fatigue 
lives. In addition to this approach, VSD used a 
fracture mechanics approach to calculate mean 
fatigue lives. The fracture mechanics approached 
used by VSD is explained in the following section 
on Possible Future Design Practices. Table 13 
presents these mean fatigue life calculations at tlie 
same alpha's used to conduct the spectrum tests. 
Figure 11 shows a coinparison between the 
spectrum test data and the round-robin predictions. 
Although all the predictions are greater than the test 
lives, the predictions are within a factor of 4 
differences. The relatively small scatter among 
predictions is consistent with the Phase IVProblem 
2 predictions for a > 1. Also presented in figure 1 1 
are the round-robin predictions for fatigue lives at 
six nines reliability from Phase WProbleni 2. One 
clear observation is the larger variation in six nines 
reliability predictions for alpha values less than one. 

3.4 Round robin conclusions The purposes of 
the A H S  reliability round robin were twofold. 
First, it was intended to develop the logic for 
performing a reliability analysis for fatigue life 
prediction. Phase I was set up so that only one 
answer was correct and the results for each 
participant were compared to assure that a 
consistent approach was used. Second, in Phases I1 
and I11 the participants applied the same logic but 
used their company's standard fatigue methodology 
to solve for six nines reliability. The intent of these 
two phases was not to prove that any one answer 
was "right" or "better" but instead to find out what 
contributed to the differences. 

One of the conclusion of the reliability round robin 
was that the two major contributors which affected 
the results were the S-N curve formulation and the 
method used for strength reduction. This was also 
a conclusion or the 1980 A H S  pitch link round 
robin. One of the questions which was raised as a 
result of this round robin was whether the COV or 
the standard deviation remained constant over the 
S-N curve. In Phase I, all participants used a 
constant standard deviation to solve the fatigue life 
and reliability problems. However, in Phase I1 
some participants used a constant standard 
deviation while others used a constant COV. There 
is a real need to establish a uniform methodology 
for developing S-N curves and coefficients of 
variation. 

0 Some aspects of the probabilistic approach to SIX 

nines reliability were not explored in- the reliability 
round robin. There was no attempt to incorporate 
confidence levels. By definition (and intent) the 
problems in the round robin were based upon a 
50% confidence level. The aim of the exercise was 
to develop a methodology which included loads 
variability but restrained the fatigue analyst's 
freedom to manipulate conservatisms in the 
measured loads. The need to include confidence 
levels is a topic which may require hrther 
evaluation. Another purpose of this exercise was to 
try and quantify the benefits of individual 
component replacement versus fleet replacement. 
The alpha parameter was devised to account for 
loads variability in the reliability analysis. While 

retirement lives through loads monitoring % ( 
the results showed the potential for increasing 

commensurate reductions in costs), no attempt was 
made in this first round robin to separate usage 
from other sources of variability in the loads. 
Additional study is needed to examine how usage 
should be treated to properly account for 
operational variability. 

All of the questions brought up by the round robin 
affirmed that much more work is needed before 
reliability-based fatigue design becomes standard 
industry practice. The round-robin results did 
demonstrate that consistent reliability-based design 
cannot be implemented without the cooperation of 
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all the rotorcraft industry, In addition to the study 
areas already mentioned, the reliability round robin 
hrther suggested that follow-on efforts to this 
round robin are needed to: 

(1) Extend the statistical and reliability analysis 
complexity to account for both usage and other 
sources of load variability, and to assess reliability 
versus confidence levels. If current flight data 
recorders largely monitor usage, what does this 
imply for load accuracy and the merit of individual 
part replacement*? 

(2) Apply the reliability methodology to metals 
using a damage tolerance or fracture mechanics 
approach. 

(3) Repeat the P-M and TLA approachcs on other 
metallic materials with different ultimate strengths 

stress concentration factors to develop 
CO 9 fidence in the fatigue reliability approach. 

(4) Evaluate the effects of coupon vcrsus full-scale 
testing on data scatter. 

( 5 )  Investigate flight loads survey methodology to 
better define the variabilities of usage and pilotage 
(simulated mission flights vcrsims nianeuver-by- 
maneuver flights). 

(6) Extend the reliability-based fatigue 
methodology to composites. 

Several other sources of work on fatigue life and 
reliability need to be noted. Two independent 
sources have stated that the six nines reliability 
design requirement does not seem to be possible 
with the safe-life approach of fatigue life prediction 
[18,19]. One of the sources [18] shows that the 

reduction required in the fatigue endurance 
11 IW t in order to met "six-nines" would place a 
severe weight penalty on the component. The other 
source [19] uses an example problem on a pitch 
horn and states that only threc-nines reliability can 
be achieved using a safe life approach. I n  the case 
of the pitch horn example problem, a rcdcsign of the 
pitch horn from a single-load-path to a dual-load- 
path design, showed the dual-lond-path pitch horn 
to have a reliability of ninc-nines with a first 
inspection interval of 1450 flight hours. The dual- 
load path design was about 12 % heavier than the 
single-load-path safe-life design. 

Sensitivity studies concerning the assumed 
probability density fbnctions(PDF) chosen to 
represent the flight loads and fatigue strength of the 
component, have shown that for even almost 
undetectable differences in assumed PDF's high 
reliability estimates can vary substantially [20]. 
Further work by the same researches has stated that 
even a small amount of uncertainty in the safe life 
fatigue model can result in a substantial reduction 
in high reliability values for the specified lifetime of 
a component [21,22]. 

The work just sited in reference 18 and19 and the 
several questions and follow-on studies suggested 
by the AHS reliability round robin only continue to 
reinforce the fact that it will take a cooperative 
effort from both the procuring agencies and the 
rotorcraft industry before a reliability-based fatigue 
design can become a standard industry practice. 
Much of thc ongoing efforts of the A H S  
subconmiitte on Fatigue and Damage Tolerance is 
aimed towards deveolping a cooperative effort of 
all parties involved in the design and procurement 
of rotorcraft.. 

4. FUTURE DESIGN PRACTICES 

The AHS subcommittee on Fatigue and Fracture 
Mechanics is currently studying the application of a 
fracture mechanics approach to fatigue life design 
of rotorcraft. This is part of the follow on activities 
of the reliability round robin that was just reviewed. 
In  the paper by Krasnowski [ 231 it was concluded 
that a damage tolerance method was more suited to 
a six-nines reliability fatigue life design approach 
than the safe life method. Krasnowski further 
stated that a fatigue life prediction model that took 
into account the fact that the damage process 
originates from microscopic features, such as 
metallurgical impurites, would lead to a better 
procedure for evaluating a reliability fatigue life 
method. A damage tolerance model based on the 
crack closure phenomena where the total fatigue life 
is calculated using crack propagation as the entire 
fatigue process has been developed by Newman 
[24] . One of the unique features of this model is 
that the fatigue cracking process is considered to 
start from nieturlurgical features such as inclusion 
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particles. In a study done by Swain et. al. [25] 
these meturlurgical features were shown to be on 
the order of 0.0006 inches for 4340 steel. This is 
quite a contrast in size compared to the more 
traditional damage tolerance approach which uses 
an initial crack size of 0.05 inches for comer cracks 
emanating form a hole to calculate a safe inspection 
interval [26]. 

The more traditional damage tolerance approach 
which calculates safe inspection intervals, 
calculates these intervals by integrating a crack 
growth rate versus stress intensity factor 
relationship like 

dddN = C (AK)" (10) 

where dddN is the crack growth rate, AK is the 
stress intensity factor range, and C and ni are curve 
fit parameters. The main difference between the 
total life analysis(TLA) and the more traditional 
fracture mechanics approach is that crack-closure 
concepts are used to define an cffective AK and thc 
initial crack length was detcrmined from a previous 
"small" crack study on 4340 steel [25] .From crack- 
closure considerations, AK in  equation I O  is 
replaced by AK effective. The effcctive stress 
intensity factor is usually defined as 

where So is the crack-opcning stress as calculated 
from the analytical closure model dcvelopcd by 
Newman [24] and F is the boundary correction 
factor which accounts for the effects of structural 
configuration on the stress intensity factors. To 
calculate the crack growth rate, equation I O  
becomes 

Total life is calculated by numerically integrating 
equation 12 from the initial crack Icngth, ai , to the 
final crack length , a f ,  where ai is the initial crack 
length as determined from the small crack studies 
and af is the final crack length at failure. Cyclcs 
are summed as the crack grows tinti1 Klllax = Kc , 
where Kc is the fracture toughness. When Klllax = 

Kc , the summation of the load cycles, N, becomes 
the total fatigue life. 

The total fatigue life as determined by the TLA 
method was calculated from a computer algorithm 
developed by Newman. For this study the initial 
crack length used to predict the fatigue life was 
0.0006 inches . This value was taken from a small 
crack study on 4340 steel [25] in which initial 
defect sizes at 34 crack initiation sites were 
evaluated by scanning electron microscopy of the 
fracture surfaces. The largest value was about 
0.002 inches, the median value was about 0.0006 
inches, and the smallest was about 0.00008 inches. 

For the AHS reliability round robin fatigue tests 
were run on 4340 steel specimens at a tensile 
strength of 212 ksi. The specimens were one 11)1 
wide and had an elastic stress concentration factor, 
KT of 2.42(based on net section stress). Figure 12 
shobs the results of these tests as well as the 
fatigue life predictions from the TLA analysis and 
the a nominal stress P/M rule "dysis.  As it can be 
seen from Figure 12 both the TLA and the P/M 
analysis predicted the trend of the test data very 
well. Neither of these analysis employed any 
probabilistic considerations. The S/N curve used 
for the P/M analysis was based on a mean 
regression line of constant amplitude tests at a 
stress ratio of zero [27]. Both analysis predicted 
fatigue lives which were slightly on the 
unconservative side of the test data. If either of 
these two life prediction methods were used for 
prcdicting the design fatigue life of a rotorcraft 
component, some type of reduction would be t 
from the calculated mean life as stated earlier. 
Figure 13 shows life prediction curves for both of 
thcse methods with a reduction factor included to 
simulate design allowables. For the TLA analysis 
thc lives were calculated using the largest 
metallurgical feature found in reference Swain. 
While this design allowables curve predicts live on 
the conservative sidc of the test data, it predicts an 
endurance limit between 40 and 45 ksi which is 
nominally 20 ksi less than the 80% P/M design 
allowable value and 25ksi less than the one runout 
test. To place in perspective the effect of using the 
currcnt traditional damage tolerance initial crack 
size(0.05 in.) on predicting total life, a curve from 

"0 
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these calculations is also shown in Figure 13. Very 
conservative lives would be predicted using the 0.05 
in. initial crack size. 

As a result of P/M analysis prcdicting lives fairly 
well for the test lives under the Felid28 spectrum 
loads, additional test were nin on 4340 steel using 
the standardized fixed-wing load spectrum called 
Minitwist [28]. Since this spectrum is often 
thought of as a highly load interactive spcctrum, 
the test lives from this spectrum should prove 
difficult for the P/M analysis. The results of these 
tests and the TLA and P/M analysis are shown in 
figure 14. For tests above the endurance h i t  the 
TLA analysis predicted practically the same lives as 
the test data while the P/M analysis predicted tcst 
lives that were again slightly unconservative. One 

ible problem with the P/M nile as used in the 8 was the lack of an adequate load counting 
technique. With the advent of thc rainflow 
technique some the problems caused by load 
counting inadequacies may be lessencd. 

Other studies done by Newnian et. al. [29] have 
shown the TLA analysis using small crack 
considerations to work very well for othcr metallic 
materials such as 2024-T3 aluniinuni, 2090-T8E4 1 
aluminum-lithium, and Ti-GA1-4V titanium. Before 
a method like the TLA analysis will rcplacc an 
industry standard like the P/M rule work will have 
to be done in predicting the fatigue lives of actual 
aircraft size components. To this end a rather 
exhaustive amount of work is bcing done i n  the 
United States using the TLA analysis in crack 

and life predictions in the study of aging 
!ucft. 

One study conducted by Sikorsky Aircraft towards 
studying the possiblities of life nianagiiig rotorcraft 
using a damage tolerance approach(DTA) is worth 
noting [30]. Sikorsky evaluated the possible use of 
the damage tolerance approach for several dynamic 
components of the HH-53 helicopter The 
components studied were considered to be among 
"the most difficult for achieving damage tolerant 
management." These parts were from the inain 
rotor and tail rotor hubs as well as some airframe 
structure. The results showed that if a DTA was 
used on these selected components reliablc detection 
of cracks as small as 0.005 to 0.010 inches would 

have to be established. Furthermore, conservatisms 
such as using 95% of maximum vibratory loads 
could not be used. Further requirements included 
"improved stress intensity models for steep stress 
gradients, verification of stresses and crack growth 
behavior in threads, and additional crack 
propagation rate and threshold data for(so-called) 
small cracks(<0.020 inches)." 

Another deficiency noted by the DTA study done 
by Siksorsky was the lack of usage data for the 
HH-53 helicopter. The lack of usage data is a 
general problem that affects the reliability of fatigue 
life calculations regardless of the fatigue design 
method used. As noted by Lincoln in reference 31 
reliable usage data performs at least two functions. 
First it will allow an assement of how pilot 
techniques may influence the actual life calculations 
by quantifying the difference in flight loads and 
usage between the experienced flight test pilot and 
the total pilot population. Second, it will help the 
rotorcraft owner to recognize when the usage of a 
fleet or individual rotorcraft have changed thus 
requiring possible modifications to their 
niaintenance actions. The use of usage monitors 
will probably be driven mostly by economic 
considerations. However, as stated by Lombard0 
[ 141 "usage monitoring is a field that will grow in 
the next few years as operators and manufacturers 
strive to reduce helicopter operating costs without 
coin proini s ing safety. 'I 

In the late 1970's the U S .  Army developed under 
contract a flight recorder known as the Structural 
Integrity Recording System called SIRS [ 141. 
However, this system was not put into service. In 
the early 1990's the U.S. Navy developed a system 
called the Structural Data Recording Set(SDRS) 
[ 141. This system is currently being tested on an 
AH-IW Cobra. The systems are intended for 
production in 1993 with installation planned on all 
Navy fixed and rotory-winged aircraft. The U.S. 
Air Force also is developing a usage monitor for the 
HH-53 helicoper under a contract with Sirkorsky 
Aircraft [30]. 

The development of a rather unique usage 
monitoring system was started by the U.S. Army 
Vehicle Structures Directorate(VSD) of the Army 
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Research Laboratories(USARL). The intent of this 
device is to be a low cost system that is small and 
requires very little hands-on maintenance from the 
operator. The low cost of the device will allow it to 
be placed fleet-wide thus niasimizing the amount of 
usage data that will be gathered. This should 
provide the amount of data that is needed in 
reliability analysis. The basic concept behind this 
device is to compare the actual type of manever 
being flown with the design mission spectrum which 
is usually the 95th percentile spectrum. If the 
manevers actually being flown are less severe than 
the 95th percentile maneuvers than the recorder 
known as MIC (Mission Intensity Counter) will 
indicated that additional life beyond the design life 
is possible. Of course the reverse is true in tlie 
manuvers being flown are more severe than the 95th 
percentile design maneuvers. The basic concept of 
the MIC depends on identifying the niancuver being 
flown with as few flight parameters as possible. 
Before a prototype of the MIC can be built several 
data recognition features need to be addressed. 
Among these are detemiining what is the minimum 
number of maneuvers that need to be identified by 
the MIC in order to be able to determinc if the 
design life can be modified. The current status of 
the MIC's development is given in reference 32. 

5. SUMMARY 

Methods used for calculating the fatigue life of 
rotorcraft in the past(deterministic safe life), current 
(six nines reliability for safe life), and possible 
future design approaches have been reviewed. Past 
practices were addressed by rcviewing tlie AHS 
pitch link round robin of 1980. The principle 
causes of the large differences in fatigue life as 
calulated by the several participants has been 
shown to be the shape of the S/N curve used be 
each participant and the reduction factor u e d  on 
the mean fatigue endurance limit to get the design 
allowable. Current fatigue design requirements 
were illustrated by reviewing the 1989 AHS 
reliabiliaty round robin which sought to address 
some of the issues involved in establishing a sis 
nines reliability fatigue life. The two major 
contributors which affected the results of this round 
robin were the same as the pitch link round robin. 
Another conclusion of this round robin was that 

loads monitoring could increase rotorcraft mean 
retirement lives. Future rotorcraft design 
procedures were shown to include the possiblity of 
calculating totle fatigue life using a fracture 
mechanics model that used only crack propagation 
considerations. The need for load monitors was 
also addressed and several efforts to develop these 
were noted. 
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Table 1. Pitch link mission spectrum 

Condition Percent Time 

e 

1. Hover-IGE 
2. Ascent 
3. Level flight 

a. 0.4 VH 
b. 0.6 VH 
c. 0.8 VH 
d. 1.0 VH 
e. 1.2 VH 

5. Pushover (0.5g) 
6. Turns 

4. Pullup (2.0g) 

a. Right 
(1) 1.5g 
(2) 2.og 

(1) 1.5g 
(2) 2.og 

b. Left 

7. Descent 
a. Partial power descent 
b. High speed dive (1.2 VH) 

Flight 
Condition 

Hover 
Ascent 
LF 0 . 4 V ~  
LF 0 . 6 V ~  
LF 0 . 8 V ~  
LF 1.OVH 
LF 1 .2v~  
PU 2.OG 
PO 0.5G 
RT 1.5G 
RT 2.OG 
LT 1.5G 
LT 2.OG 
PPD 

4.25 
18.50 
54.25 

2.40 
5.00 

23.95 
20.50 
2.40 

1 .oo 
2.00 
2.50 

1.25 
0.75 
0.50 

0.75 
0.50 

1.25 

17.50 
17.00 
0.50 

100.00 

Table 2 Flight Loads Data 

Flight Event Time Cylcles CPS Max Min Stdy Alt 
(sec) 

1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 
1 

1 

1 2 
2 10 
3 2 
4 2 
5 2 
6 2 
7 2 
8 9.7 
9 10 
10 10 
11 10 
12 9.9 
13 10 

14 10 

11.25 
54.5 
10.7 
10.7 
10.8 
10.76 
10.7 
52.25 
53.95 
53.95 
54 
54 
54.5 

54 

5.63 
5.45 
5.36 
5.36 
5.4 
5.38 
5.36 
5.39 
5.4 
5.4 
5.4 
5.45 
5.45 

5.4 

-80 -850 -435 
1380 0 690 

910 -460 225 
980 -640 170 

1070 -680 195 
1270 -710 280 
2000 -520 740 
2134 -1319 406 
1800 -400 700 
2147 -1254 447 
2236 -1376 430 
2150 -1300 425 
1932 -1214 368 

1340 -550 395 

415 
690 
685 
810 
875 
990 

1260 
1727 
1100 
1701 
1806 
1725 
1564 
945 

H S D ~ . ~ V H  1 15 10 54 .4 2352 -1386 483 1869 
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Manufacturer 

Aerospatiale 
Agusta 
Bell 
Boeing-Vertol 
Hughes 
Kaman 
Sikorsky 

Table 3. Pitch link endurance limits. 

Endurance limit Endurance limit 
mean value (Ib) design allowable (lb) 

2176 
2100 
2061 
2106 
2024 
2101 
2100 

1225 
1674 
1649 
1685 
1717 
1615 
1400 

0 Table 4. AHS Reliability Round Robin Participants 

0 rganiza t ion ID Code 

Aerostructures Directorate (AVSCOM) 
Bell Helicopter Textron 
Boeing Helicopters 
Kaman Aerospace Corporation 
McDonnell Douglas Helicopter Company 
Sikorsky Aircraft Division 

ASTD 
BHT 
BH 
KAC 

MDHC 
SA 

Alpha 

0.3 
0.4 
0.5 
0.6 
0.7 
0.8 
0.9 
1.0 

Table 5. Fatigue life predictions for mean strength, 
Phase I / Problem 1 

ASTD 

6.21e9 
6.21e9 
14740 
171.1 
47.8 

18.69 
3.49 
1.03 

BHT BH KAC MDHC SA 

0 

14900 14700 16236 14895 
170.5 168.4 171.0 175.0 168.4 
50.0 46.85 47.8 48.0 46.85 
19.3 18.42 18.7 19.0 18.42 
3.5 3.48 3.49 3.7 3.48 
1.0 1.02 1.0 1.02 

Note: Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 
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Table 6. Fatigue life predictions for mean minus 3 sigma and mean - 5 sigma 
strength,VSD values only, Phase I / Problem 1 

Alpha Mean -3a Mean - 50 
0.3 6.2 1 e9 2.67e6 
0.4 10850 214.9 
0.5 135.0 44.2 
0.6 36.9 5.18 
0.7 6.72 391 
0.8 1.36 .209 
0.9 .294 .096 
1.0 .117 .057 

Note: Fatigue lives are  in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 8 

Table 7. Fatigue life predictions for six nines reliability, 
Phase I / Problem 2 

Alpha 

0.3 

0.4 

0.5 

0.6 

9 0.7 

0.8 

0.9 

1 .o 

ASTD 

110.7 
(105.0) 
21.48 

2.14 
(2.19) 
.315 

.lo8 
(.114) 
.056 
(.058) 
.035 
(.036) 

(22.0) 

(-35) 

BHT 

111.4 

24.05 

2.23 

,280 

.112 

.056 

BH 

22697 
(23062) 
105.2 
(1 05.4) 
21.26 

2.01 

,310 
(.351) 
.lo4 
(.114) 
.052 
( . O S )  
.033 
(.036) 

(22.1) 

(2.2) 

KAC 

(22.3) 

(2.21) 

(-35) 

(.114) 

(.058) 

MDHC 

162.6 

23.6 

2.08 

.3 1 

.11 

.06 

.04 

SA 

(22663) 

(105.3) 

(22.08) 

(2.20) 

(-35) 

(*W 
(W 
(J4) 

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum 

2. Fatigue life values in parentheses were calculated using the 
(1 pass = 161034 cycles). 

closed-form method 
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Table 8. Fatigue life predictions for six nines reliability, 
Phase I / Problem 3 

Alpha ASTD BHT BH KAC MDHC SA 

0.6 8.88 9.50 8.67 (8.65) 9.14 (8.90) 
(8.60) 

Notes: 1. Fatigue lives are  in terms of number of passes through the spectrum 

2. Fatigue life values in parentheses were calculated using the 
(1 pass = 161034 cycles). 

closed-form method 

Table 9. Phase I1 results for S-N curve formulations 

S-N Curve BH MDHC 
Parameter ASTD BHT (1) KAC (2) 

A 3.500e6 3.828e6 1.40e9 1.148e8 n.a. 
B 1.47164 1.37 2.927 2.31 n.a. 
Se 54.5 49.6 44.75 48.0 n.a. 

COV ( Se) .07 .lo9 .0785 ,0831 n.a. 

Notes: 1. Log normal distribution assumed. 
2. Round robin S-N formulation not applicable. 

Table 10. Fatigue life predictions for mean strength, 
Phase I1 / Problem 1 

Alpha ASTD 

0.5 
0.6 
0.7 38180. 
0.8 1144.0 
0.9 376.1 
1.0 175.8 
1.1 82.21 
1.2 22.37 

BHT(2) BH(2,3) 

190735. 
2316.5 10610. 

649.0 1545.3 
288.0 447.9 
121.5 175.8 

59.2 
20.3 

KAC MDHC 

6.20e9 
1.59e6 90356 
10900. 1934.0 
1760.0 655.0 

580.0 292.0 
231.0 80.0 

69.2 
22.8 

SA 

3.855e6 
1.3699 

53.56 
.10 

S A P )  

52354. 
1418.8 

449.5 
205.6 
87.74 
22.23 

Notes: 1. Fatigue lives are  in  terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 

2. Constant COV for strength reduction. 
3. Modified Goodman correction, 
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Alpha 

0.3 

0.4 

0.5 

0.6 
0 

0.7 

0.8 

0.85 

0.9 

1 .o 

1.1 

1.2 

0 

Table 11. Fatigue life predictions for six nines reliabaility, 
Phase II / Problem 2 

ASTD 

257200. 
(217500.) 

1166. 
( 1088.) 
283.6 

(2 57.6) 
78.06 

(79.56) 
12.25 

(1 2.85) 
6.82 

2.88 
(3.24) 

.924 

.468 
(.508) 

.288 
(.314) 

(1.01) 

BHT 

4786. 

324. 

42.0 

4.8 

.90 

.40 

.25 

BH 

17360. 

1428.0 

121.2 

18.3 

4.28 

1.73 

1.19 

.878 

.492 

.679 

.206 

KAC MDHC 

45914. 

(1340.) 814.0 

(278.0) 180.0 

(45.2) 19.0 

(8.98) 3.7 

(2.75) 1.2 

.66 

SA 

(2744.2) 

(326.2) 

(88.51) 

(10.74) 

(2.20) 

(1.09) 

(067) 

(*35) 

( W  

(015) 

Notes: 1. Fatigue lives are  in terms of number of passes through the spectrum 

2. Fatigue life values in parentheses were calculated using the 
I (1 pass = 161034 cycles). 

I closed-form method 
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Table 12. Fatigue life predictions for six nines reliabaility, 
Phase I1 / Problem 3 

Alpha ASTD BHT BH KAC MDHC SA 

0.8 3.17 (30.5) 
0.85 25.74 13.55 2.13 9.14 (2.7) 

(25.49) 

Notes: 1. Fatigue lives are in terms of number of passes through the spectrum 

2. Fatigue life values in parentheses were calculated using the 
(1 pass = 161034 cycles). 

closed-form method 

Table 13. Fatigue life predictions for mean strength, Phase III. 
(Smax = 70.44 for alpha = 1.0) 

Smax Alpha ASTD BHT BH KAC MDEIC 

73.3 1.04 134.7 121.49 109.8 38.74 
80.0 1.14 51.72 18.3 37.5 38.5 .13.67 
86.7 1.23 15.3 7.90 15.4 17.5 4.41 
90.0 1.28 9.27 4.60 9.32 9.18 2.56 
93.3 1.32 6.69 2.88 5.46 5.78 1.85 
100. 1.42 2.48 1.23 2.42 2.49 1.03 
120. 1.70 .375 .38 ,448 .466 

Note: Fatigue lives are in terms of number of passes through the spectrum 
(1 pass = 161034 cycles). 

SA 

156.1 
53.7 
15.4 
9.5 

;:; 0 
.38 
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Fig. 6 Reliability versus fat igue life. 
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Fig. 7 Total probabil ity process f o r  
problem 3. 
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Fig. 9. Phase II/Problem 1 results f o r  
mean strength. 
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FATIGUE MANAGEMENT AND VERIFICATION OF 
AIRFRAMES 

1. SUMMARY 

A.F.. Blom+ and H. Ansell' 
The Aeronautical Research Institute of Sweden (FFA) 

P.O. Box 11021 
S-161 11 Bromma. Sweden 

# Saab Military Aircraft 
S-581 88 LinkBping, Sweden 

3. DAMAGE TOLERANCE AND DURABILITY 

The methodology currently used in Sweden for fatigue 
management and verification of airframes is described. 
Applications from the new fighter aircraft JAS39 Gripen 
are included in order to illustrate the various concepts 
being considered. Additional experience from recent work 
on the older tighter 37Viggen is also included to highlight 
certain differences in the detail analyses, stemming from 
rather different nominal stress levels in the two aircraft. 
The present paper discusses the handling of load sequences 
and load spectra development, stress analyses and fracture 
mechanics analyses, fatigue crack growth modelling, 
omponent and full scale testing, service load monitoring 
garding both the dedicated test aircraft, which is used to 

verify basic load assumptions, and also the individual load 
tracking programme developed for the new fighter. 

2. INTRODUCTION 

I I c! 
I 

While fatigue is recognised as the primary failure 
mechanism in most structural components, the 
consequences of such failures (in terms of lives and money) 
are probably more obvious and severe for aircraft than in 
any other area. Fatigue and damage tolerance of aircraft are 
dominant factors throughout the design process, the 
manufacturing, the structural testing (component level and 
full-scale), the initial test flights and during the subsequent 
usage of the aircraft. Without adequate knowledge of 
relevant loading conditions, resulting stress distributions 
and material properties no fatigue assessment can be 
achieved. Further on, such work has to be attached to a 
specific design philosophy - can the actual component be 
inspected during service, in the case of damage - can it be 
repaired or replaced, and in the case of failure, will that 
cause loss of the entire aircraft? Questions like these, and 

I 
I 

any more specific detail problems, are dealt with in a xisting regulations and specifications for military 
aircraft, e.g. Refs. (1-9). It is far beyond the scope of the 
present paper to discuss these specifications in any detail 
(there are also other ones treating, for example, flight and 
operations tests, vibrations, sonic fatigue and non 
destructive inspections). Instead. the purpose of this paper 
is to briefly discuss fatigue management and verification of 
airframes, with emphasis on the new fighter JAS39 Gripen 
but with specific examples added from work on the fighter 
37Viggen. These two aircraft are designed with some 20 
years apart, relying on safe life andlor fail safe 
methodology for the Viggen fighter but damage tolerance 
requirements for the Gripen aircraft which, amongst other 
things, lead to significantly lower stress levels than for 
the Viggen aircraft. Hence, first order conservative 
estimates of stress levels and stress intensity factors are 
normally adequate to verify the design life for the Gripen 
aircraft while the analytical work carried out to verify the 
damage tolerance for the Viggen fighter is much more 
refined. 

Below we present firstly a short summary of basic 
definitions. as they are normally interpreted in general 
terms. Thereafter, we specifically discuss details of these 
same concepts as applied to the two Swedish fighters being 
under discussion. 

3.1 Damage tolerance 
Basically, this approach which was developed by the 
United States Air Force (9), and which is now adopted with 
or without minor modifications by virtually all countries 
for both military and civil aircraft. differs from the original 
Fail-safe philosophy in that it assumes cracks to exist in 
the structure already at the very first load cycle, Also, a 
distinction is made between in service inspectable or non- 
inspectable structures. Presently, with the exception of 
landing gear, engines and engine mounts all fighter aircraft 
structures and all inspectable civil aircraft structures are 
considered as damage tolerant (9.10). Recently, the damage 
tolerance approach has also been introduced for engines 
(11-13). and the concept is also considered viable for 
helicopters (14). 

3.2 Durability 
While damage tolerance is the principal means to ensure 
structural safety, durability may be considered as a 
quantitative measure of the structure's resistance to fatigue 
cracking under specified service conditions. This means 
that the economic life-time, including all inspections, 
replacements or repairs, should exceed or at least equal the 
design life based on damage tolerance. The traditional 
means to achieve durability has been through conventional 
fatigue testing and analysis. However, recently a fracture 
mechanics philosophy, combining a probabilistic format 
with a deterministic crack growth approach has been 
devised (15) for ensuring the U.S. Air Force's durability 
design requirements for advanced metallic airframes (16). 

3.3 Initial Flaw Size Assumptions 
A damage tolerance analysis implies a thorough 
identification of all critical areas with due regard to the 
utilisation of the aircraft and the impact of failure. 
According to the U.S. Air Force Military Specification (11) 
these areas should be classified either as Slow Crack 
Growth, Fail Safe Multiple Load Path, or Fail Safe Crack 
Arrest structures. If it is possible to prove that the structure 
is Fail Safe due to Multiple Load Paths (i.e. load 
redistribution) or Crack Arrest capability, less stringent 
conditions have to be satisfied. 

As a result of material and structure manufacturing and 
processing operations, small imperfections equivalent to a 
0.127 mm radius comer flaw shall be assumed to exist in 
each hole of each element in the structure. The flaws are 
assumed to be located in the most unfavourable orientation 
with respect to applied stresses and material properties. In 
addition it is assumed that initial flaws of sizes specified in 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Crack Growth Prediction Techniques; 
September 1993. 
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Ref. (9) can exist in any separate element of the structure. 
Only one initial flaw in the most critical hole and one 
initial flaw at a location other than a hole need to be 
assumed to exist. Interaction between these assumed initial 
flaws does not need to be considered. The flaw shape is 
assumed to be through the thickness (straight crack front), 
quarter circular or semi-circular. However, other flaw 
shapes with the same initial stress intensity factor are 
considered appropriate, particularly at locations in the 
structure where other shapes are more likely to occur. 

3.4 Damage tolerance methodology 
It  should be emphasised that the damage tolerance 
evaluation essentially is analytical but that sufficient 
testing must be performed to validate the analytical 
methodology. No strict requirements exist on how the 
analysis should be performed but the following steps are 
normally encouraged. 

Based on structural analysis the most fatigue critical 
areas are identified. 
Stress intensity factors as function of crack geometries 
(length, depth) and applied loading are computed for 
the identified areas. Initial flaw size assumptions are 
specified in the U.S. Air Force Military Specification 
(9). 
Fatigue crack growth integration is performed on a 
cycle-by-cycle basis preferably using tabulated 
constant amplitude fcg-data. 
If a retardation or retardation/acceleration model is used 
in the crack growth analysis, this model should be 
shown to be non-unconservative by relevant testing. 
For example, the original Willenborg model should 
not be used. 
In the definition of relevant load- and stress spectra, 
experimental truncation tests (of the scarce extreme 
loads) should be performed to obtain a spectrum which 
minimises crack growth life for analysis. 
Extreme loads must be considered for residual strength 
calculation. 
A certain number of component tests, representative of 
the structure, should be performed to validate the 
prediction capability of crack growth in complex 
structures. 
Based on the analytical predictions of fatigue crack 
growth, relevant inspection intervals are defined. 

These steps are usually complemented not only with full- 
scale static tests up to at least limit load but also with full- 
scale spectrum fatigue tests. The latter are typically carried 
out for at least two design life times in order to detect any 
cracking at locations which might have been overlooked 
in the analysis. If no cracking occurs during these lives 
artificial flaws are introduced at critical areas and then the 
spectrum loading is camed out for two more design life 
times. During the latter phase crack growth(from fatigue 
cracks or artificial flaws) is monitored and compared to 
analytical predictions. The testing is able to provide such 
comparisons for several locations as cracked components 
may either be repaired or replaced by new ones. 
Eventually, the test ends with a residual strength test of a 
major structural component. 

3.5 The Saab JAS39 Gripen aircraft 
The basic military concept behind the JAS39 aircraft is 
that each individual aircraft and each individual pilot 
should provide multi-mission capability, i.e. instantly be 
able to perform air-defence as well as air-to-surface attacks 
or reconnaissance, without any changes to the aircraft 
itself. This multi-mission capability will result in an 

operational flexibility allowing concentration of units in a 
manner previously not technically possible. 

The Gripen is designed to fit  into the Swedish Air Force's 
base system. This means that the JAS 39 is capable of 
taking off from and landing on road bases. Flight 
preparation at wartime bases should be possible by 
conscripted personnel under field conditions. 

The aircraft is aerodynamically unstable in certain parts of 
its operational envelope. Stability is obtained by means of 
a triplex digital fly by wire control system with a triplex 
analogue back up system. 

3.5.1 Approximate Data of the Aircrafi 
Engine: One Volvo Flygmotor RM12 

(=General Electric F404) producing 8 tons 
thrust 

Weight: 8 tons 
Length: 14 m 
Wingspan: 8 m  
Speed Supersonic at all altitudes 

Wing: Multi-spar design with skins and spars made 
of CFRP-laminates. Root ribs made of Al- 
alloy. The structure is bolted together. 

Canard, Fin and Control surfaces: 
Full core aluminium honeycomb with CFRP 
laminate skins. 
Some rudders of AI-alloy. 

Fuselage: With exception for a few doors i t  is all 
metallic; 7475 skins, 7075 extrusions and 
7010 forgings. 

Most of the attachment fittings joining the various parts 
of the aircraft are made of 7010 forgings. 

The CFRP laminates were initially made of Ciba-Geigy 
toughened epoxy with HTA 7 fibres. Presently also 
Hercules systems are qualified to be used. 

3.5.2 The Design Requirements 
Design limit load factor = 9.0 
Ultimate safety factor = 1.5 
CFRP laminates not allowed to buckle below 15O%LL 

The design and testing requirements essentially agree with 
the U.S.A.F. military specifications. Refs (3-1 1). 

3.5.3 Damage tolerance requirements for the JAS 39 
Gripen 
Only so-called Critical parts are required to comply with 
damage tolerance requirements. A part is classified as 
critical if its failure alone may cause the loss of an aircraft. 
The requirements are essentially identical with USAF Mil- 
A-83444. The main difference is that the residual strength 
requirement is always 120%LL. 

Analysis Goal: 3000 hrs. inspection-free 
service life 

Verification Goal: 4000 hrs. inspection-free 
service life 

Minimum Requirement: No detail to have a shorter 
inspection interval than 
400 hrs. 
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3.5.4 Damage tolerance verification policy 
Previous experience from a damage tolerance study on the 
Saab AJ37 Viggen aircraft led to the following policy: 

The damage tolerance verification is to be done on full- 
scale assemblies, where the critical part is correctly 
built into its surrounding structure. 

The critical parts are to be manufactured according to 
series production standard. (Example: Die forgings are 
not to be substituted by hand forgings or plate 
material). 

Fatigue testing of critical parts is not allowed to be 
eliminated just because a damage tolerance verification 
testing is carried out (Reason: The damage tolerance 
test is biased, because i t  interrogates the structure only 
at the points where artificial flaws have been made. A 
correct fatigue test does not suffer from that kind of 
bias.). The fatigue testing shall cover at least four 
inspection free lives. i.e., 4 x 4000 hrs. 

The damage tolerance verification testing shall be done 
using realistic flight by flight simulation testing, and 
shall cover at least two inspection free service lives, 
i.e., 2 x 4000 hrs. 

A critical part having initial artificial flaws in 
accordance with Mil-A-83444 and which survives 
2 x 4000 hrs. of realistic service life simulation 
followed by a residual strength testing to 120%LL is 
considered to have fulfilled the verification goal: 
4000 hrs. of inspection-free service life. 

If significant crack growth occurs during the damage 
tolerance testing, a safe inspection interval is to be 
established based on crack growth observations. 

3.6 The Saab 37Viggen aircraft 
The Swedish fighter aircraft 37 Viggen. Figure 1. was 
designed some 30 years ago on a safe life andlor fail safe 
basis. Some major parts of the aircraft have been re- 
assessed in terms of a damage tolerance evaluation. The 
aim of this assessment has been to ensure structural safety, 
and to investigate the possibilities for extending the 
original life of the aircraft. This can be carried out because 
the total life of the aircraft will depend on its durability 
(see definition above) while the damage tolerance ensures, 

*at all stages, the structural safety of the aircraft. 

The purpose here is to summarise some of the damage 
tolerance analyses and the testing performed on the main 
wing attachment frames. There are four versions of the 
main wing attachment frame due to two different versions 
of the aircraft. attack (AJ) and fighter (JA), and due to major 
changes in the geometry made after serial production of 
several aircraft. In this paper focus is on the latest version 
of the JA frame. Specifically, the aim is to briefly show the 
complexity of a damage tolerance assessment in a case 
where the safe original life design has resulted in rather 
high stresses. 

Because of the original safe life design, resulting in quite 
high stresses, very extensive finite element analyses have 
been necessary in order to obtain accurate stress 
distributions in critical sections. These stress distributions 
have subsequently been used for the evaluation of 3D stress 
intensity factors. Also, high demands have been placed on 
the accuracy of the crack growth predictions. Hence, 

extensive validation of the crack growth prediction 
technique has been required.. 

Structural testing, including artificial flaws, has been 
carried out with the aim of obtaining crack growth data for 
correlation to the prediction technique. The stress analyses 
were mainly verified on basis of traditional static and 
fatigue testing results available from the design phase of 
the aircraft. 

The approach taken for this study has been to follow the 
military specification MIL-A-83444 as discussed above. 
All of the components considered represent primary 
structures with few or no alternative load paths and have, 
therefore, been classified as slow crack growth structures. 
Initial flaw size assumptions follow the requirements of the 
specification in Ref. (9). A conservative residual strength 
requirement of 1.2 times limit load has been applied in 
terms of the linear elastic plane strain fracture toughness, 
K irrespective of actual thicknesses, except for cover 

sheets where K values for actual thicknesses were used. 
IC, 

C 

4. LOADS 

4.1 The Saab JAS39 Gripen aircraft 
A conceptual model is used which covers design and sizing, 
structural test verification and service monitoring and 
involves engineering activities such as mission analysis, 
external loads analysis, structural analysis and stress 
analysis. Fig. 1 shows the various parts as a block scheme, 
while an overview of various computer programmes is 
illustrated in Fig. 2. Figure 3 shows details of the block 
scheme shown in Fig. 1. 

Design parameters in the mission analysis originate from 
estimated threats and expected usage and are expressed as a 
sequence of flights and ground conditions. The conditions 
are defined by flight mechanics parameters such as load 
factor, roll rate, speed, control surface deflections, thrust, 
fuel burn, weapons etc. 

Each set of flight parameters defines a certain flight 
condition. Determining the external loads for those 
conditions (manoeuvres) at different aircraft configurations 
requires analysis of e.g. ,structural dynamic response, 
aerodynamic pressure distributions at different speeds, 
angles of attack etc. Ground loads analysis include such 
events as landing impact. taxiing, braking, turning etc. 

The load analysis makes use of techniques like the finite 
element method to predict dynamic transient response, e.g. 
landing, computational fluid dynamics for prediction of 
aerodynamic pressure fields and six degree of freedom flight 
mechanics model with control system logics to predict in- 
flight manoeuvres. Numerical predictions are supported by 
wind-tunnel tests of models. 

4.1.1 The global spectrum approach 
For fatigue and damage tolerance sizing and test 
verification, a methodology referred to as the global 
spectrum approach, in which the design loading of the 
complete aircraft is defined, has been developed. In this 
approach the description of each unique manoeuvre is 
defined as a sequence of instantaneous and balanced load 
cases. Sequential manoeuvres build up unique missions and 
sequences of missions build up the expected usage. The load 
cases consist of linear combinations of unit load cases 
(including aerodynamic loading, inertia loads, ground loads 
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etc.) for the finite element model of the complete airframe 
in a hierarchic way. All information about load case 
structure and their Occurrences in the sequences are stored in 
a global sequence database. Through this methodology 
results local load sequences, in terms of loads, stresses, 
displacements etc., which can be directly used for crack 
growth calculations or counted, by means of the rain-flow 
algorithm, in order to be used for classical fatigue analysis 
or planning of structural test programmes. 

This database is updated continuously as a project develops 
and as flight test data becomes available, The current 
global sequence for the JAS39A Gripen aircraft consists of 
35 different types of unique missions built up by more than 
13 OOO unique load cases. These unique missions are 
combined into 60 deterministic sub sequences (defined on 
basis of pilot training programs and consisting of 12 
different taxi load sequences, 35 different flight load 
sequences and 13 different landing load sequences) which 
are then combined to a sequence covering 313 complete 
missions (taxi out, flying, landing, taxi in) containing a 
total of more than 500 000 load cases. A unique repetition 
sequence representing an actual service load history of 
these 313 flights is equivalent to 200 flh and, thus, 
consists of more than 500 000 states. 

The internal loads distribution are obtained by solving a 
finite element model of the complete aircraft using the 
extemal loads representative for the unit load cases in the 
global sequence description. The finite element models of 
the single- and twin-seated version of the JAS39 Gripen 
aircraft are shown in Fig. 4 for which 460 unit load cases 
are solved and stored in a structural analysis database. 

Having access to the global sequence database and the 
structural analysis database, the engineer is able to obtain 
local load or stress sequences and rain-flow counted spectra 
for any member element of the finite element model of the 
complete aircraft. This is done by an interactive software 
system which is connected to the two databases. The global 
spectrum program delivers load sequences for all the 
loading actuators of the various structural tests. I t  also 
delivers the basis for comparison with the results from the 
loads monitoring registrations on each individual aircraft. 

4.1.2 Load calibration 
One test aircraft (Test AIC 39.2) is dedicated to the loads 
survey programme, figure 5. About 500 strain gauges have 
been installed. The aircraft has been subjected to about 150 
calibration load cases with the purpose to accurately be 
able to deduce interface loads between wing and fuselage, 
wing and control surfaces and fin and fuselage. Also shear, 
torque and bending at three wing sections and at four 
fuselage sections, as well as bending and torque in the 
canard pivot, landing gear loads and loads' from external 
stores are measured. 

4.1.3 Load interaction 
I t  is well known that the sequential order of the loads in the 
spectrum is very important for the fatigue life. Models to 
account for this influence on the fatigue crack growth rates 
are normally based on plasticity considerations and they 
may predict rather different results, conservative or not, 
depending on the model chosen (24). In the flight sequence 
various parameters influence the crack growth with various 
amounts. The variations found to have the greatest impact 
are those involving modifications of the maximum peak 
loads. These variations include mission mix. high and low 
load truncation, exceedance curve variations. and test limit 
load variations. Variations shown to have significant 

impact include those which modify all but the highest peak 
loads throughout the spectrum, such as sequence of 
missions, compression loads, and peak and valley 
coupling, Spectra variations shown to produce the least 
effect are those which modify lesser loads in each mission. 
These consists of reordering of loads within a mission and 
flight length variations (25). 

4.1.4 Service loads monitoring 
For the Swedish fighter JAS39 Gripen. every aircraft will 
be equipped with a service loads monitoring system, see 
Fig. 6. The following six loads will be recorded: 

1 
2 Canard pivot: Bending, Mx 
3 " - Torque, My 
4 Wing: Fwd attachment bending, Mx 
5 " Aft attachment force, Sz 
6 Fin: Aft attachment bending, Mx 

With the exception for the first one, the forces will be 
measured by means of calibrated strain gauge bridges. Each 
individual aircraft will be calibrated while flying in detail 
specified manoeuvres. Nominally identical strain gauge 
installations on the loads survey aircraft (Test AIC 39.2), 
on the major static test structure, on the major fatigue test 
structure, on two canard pivot test articles and on two fin 
plus rear fuselage test articles will add confidence to the 
calibration procedure. 

Recorded data will be analysed on  board each aircraft using 
the range pair range count algorithm. After transferring to a 
ground based computer, comparisons will be made with the 
corresponding local spectra as delivered from the global 
spectrum software system. 

Vertical acceleration at C.G. = Load factor, nz 

0 

4.2 The Saab 37Viggen aircraft 
4.2.1 Geometry and loading 
The principal geometry of the JA main wing attachment 
frame is shown in Fig. 7. The frame can be described 
simply as an assemblage of two curved U- or I-shaped 
beams, located a distance of 160.0 mm apart and kept 
together by inner and outer cover sheets. The beams are 
made of an aluminium die forging and the cover sheets are 
made of aluminium alloy sheet material. Between the two 
beams a structural detail. called the middle part, is located 
as indicated in Fig. 7. 
Depending on the aircraft version, the middle part is made 0 
of an aluminium die forging or a high-strength steel 
forging, Also, a lower rear engine attachment is mounted 
between the two beams, see Fig. 7. 

The main wing attachment frame is loaded by the main 
wing spar. It is the only attachment frame that takes up the 
bending moment from the wings. Shear loads are 
distributed on several frames. The loads from the main wing 
spar are introduced into two attachment holes in each beam 
and two holes in the middle part. The purpose of the middle 
part is to distribute a portion of the load to two adjacent 
attachment holes in each beam, called middle part holes. 
Furthermore, the main wing attachment frame is loaded by 
the engine through the rear engine attachment, which 
transfers vertical loads. Finally, loads are introduced in the 
frame from the fuselage through the cover sheets. A 
principal sketch of the loads acting on a quarter of an 
isolated main wing attachment frame assemblage is shown 
in Fig. 8. The load, Plz, at the top of the frame is 
introduced in combination with extra loads on the engine 
attachment to compensate for the missing load transfer 
from the rest of the fuselage when an isolated assemblage is 
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studied. Obviously, the magnitudes of the loads on the 
different versions of the main wing attachment frame are 
different. 

4.2.2 Design versus usage spectrum 
The load spectrum used both for analytical predictions and 
for testing of some coupon test specimens and an isolated 
main wing attachment frame assemblage is shown in Fig. 
9. As can be seen, the utilised design spectrum is more 
severe than the average usage spectrum of the aircraft. 

5. STRESS SPECTRA AND FRACTURE 
MECHANICS 

Models used for assessment of fatigue life and damage 
tolerance of fighter aircraft vary from rather simple to 
highly complex depending on factors such as; if the 
structural component is primary or secondary, local stress 
levels, inspectability etc. Typically, simple models are 
used initially and more sophisticated analysis is resorted to 
in complex geometries and when safety margins are lower. 

I 5.1 Elimination of insignificant stress cycles 
ue to the basics of the global spectrum approach, @ escribed above, very many small load cycles are 

generated. It is therefore advisable to omit certain small 
cycles which from a fatigue viewpoint have no practical 
meaning. The system contains interactive facilities to 
remove insignificant states. By defining omission 
conditions connected to the earlier defined sequences the 
reduction of the sequences is immediately displayed. For 
the component shown in Fig. 10, the original sequence 
consists of 7813920 states for 3000 flight hours. By 
omitting cycles with ranges smaller than 20 kN 
(approximately 10% of the maximum range) the total 
sequence is reduced by 97.1% to 224250 states. The 
omission technique adopted also works when more than 
one load sequence is considered through a lowest common 
denominator scheme. 

Selected parts of the total sequence can be plotted in a 
variety of forms and on different devices. In Fig. 11 a plot 
of the beginning of the unreduced sequence is shown on 
screen format. The sequence shown in Fig. 12 has the 
above defined omission condition applied. The triangular 
marks shows where each mission ends. Spectra can be 

lotted in two forms, either the distribution of ranges or e the distributions of peaks and troughs. In Fig. 13. the 
distributions of ranges are shown for both the original 
spectrum and the reduced spectrum. 

The software has features to facilitate identification of load 
cases. This can be done by retaining load case 
identification numbers all the way through the rain flow 
count operations, omission procedures etc. This technique 
has proven to be most important when planning for 
structural testing. For JAS39 every unique load case of the 
global sequence has been assigned a 9 digits code number 
according to a systematic scheme. 

5.2 The Saab JAS39 Gripen aircraft 
The global finite element model predicts the intemal loads 
distribution and the different types of entities that can be 
obtained depend on mesh and type of elements. The most 
simple case is to extract a scalar sequence, e.g. a normal 
force sequence from a flange element. If more complex 
elements are used, e.g. beams, solids etc., more stress 
components are available. Since each state in the global 
sequence represents a certain load case, i.e. a certain 

combination of the components, each change from one 
state to the next state also means a change of the stress 
intensity factor to another. This complicates the situation 
if the stress components are not correlated. 

The main wing attachments of the Gripen aircraft are shown 
in Fig. 14. Fig. 15 shows the finite element substructure of 
one of the three main wing attachment frames and resulting 
stresses for limit load are shown in Fig. 16 for critical 
areas. Parts such as the lower flange regions are here 
modelled by beam elements from which sequences of 
normal force and bending moments can be obtained. The 
correlation between the bending moments and the normal 
force in this region is reasonably good. Figs. 17 and 18 
show the bending moments versus normal force. A stress 
intensity factor solution which is applicable for the 
complete sequence can thus be obtained from a linear 
combination of the three entities. 

This is most often enough for damage tolerance analysis. 
Local stress sequences are used together with stress 
intensity factors that are available for different 
crackhading configurations. 

Sometimes when predicted crack growth lives initially do 
not meet the target lives, more sophisticated local 
modelling can be made and connected to the global model 
and the global sequence. For the lower flange region a local 
stress model using solid elements has been solved using 
the pversion of the finite element method. Figure 19 
shows a model of the region and the stress distribution 
resulting from a load case representing a pull-up 
manoeuvre. The stress distribution across a section cutting 
through a highly stressed region is shown in figure 20. 

The stress intensity factor for a crack in this section is 
derived using three dimensional weight function technique. 

Damage tolerance analyses are made for large number of 
assumed cracks in primary structure. For the JAS39A 
aircraft more than lo00 crack sites have been analysed. The 
type of analysis ranges from simplified ones using basic 
stress intensity factor solutions to more or less advanced 
ones using pversion FEM either with the crack 
incorporated in the mesh or by applying 3D weight 
functions to stress distributions for the uncracked structure. 
Each analysis is summarised on a damage tolerance 
analysis sheet. An example of such a summary sheet is 
given in Fig. 21. 

5.3 The Saab 37Viggen aircraft 
The finite element analyses have been made in several 
steps where the initial step has been to make a global 
model of the complete component. These global models 
were able to describe stiffnesses correctly and to indicate 
where stress concentrations were located. In a few cases the 
global models were sufficiently detailed to give local 
stresses, but usually more detailed models were required. A 
typical example of a global model for a quarter of the main 
wing attachment frame assemblage (remaining after 
accounting for the symmetry) is shown in Fig. 22. The 
model, which is made using a substructuring technique, 
consists of approximately 75000 degrees of freedom. 

Based on the global FE-results, critical areas were 
identified, which were then subjected to more detailed FE- 
analyses, including such elements as accounting for 
bushings and solving contact problems. The boundary 
conditions for the detailed models were obtained from the 
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global models in terms of displacements and rotations of 
nodes along the 
created cuts through the global models. 

The region around the fuel pipe holes in the main wing 
attachment frame was analysed using the pversion of a 
newly developed self-adaptive FE-code (26). Also, some 
stress intensity factors were computed using this technique, 
which is believed to be the most accurate technique there is 
for such calculations. 

Regions around major attachment holes were analysed 
using conventional Etechnique but, as already 
mentioned, contact stresses between wing bolts and 
bushings, as well as between bushings and frame forgings, 
were computed using an automatic iterative solution 
technique. In many cases the detailed analyses were 
repeated with considerations of more and more details, such 
as heads of bolts and stiffening effects of middle parts. The 
reasons for repeating the detailed analyses were seemingly 
improper or too large deformations and unrealistically high. 
local stresses. For example, by including the bolt head in 
the model of the middle part hole region. see Fig. 23. the 
largest principal stress was reduced by 25% due to reduced 
bolt tilting. 

5.3.1 Fracture Mechanics and Fatigue Crack Propagation 
A difficulty in the damage tolerance analysis has been to 
obtain relevant stress intensity factors. In many cases the 
stresses at critical locations have been high (locally) with 
large gradients in both surface and thickness directions. 
Stress intensity factor solutions based upon a remotely 
applied uniform loading are generally not able to describe 
the local stress gradients. Besides, it is very difficult to 
define the remote uniform loading. 

The most accurate stress intensity factors used were those 
computed using the adaptive %-technique, see Fig. 24. 
However, there were too many critical locations for 
applying this technique everywhere. Second best stress 
intensity factor solutions seemed to be those based upon 
the weight 
function technique, in which case local stress distributions 
could be described accurately. Such stress distributions were 
obtained directly from the FE-analyses and they are valid as 
long as no major changes due to load re-distributions occur. 
However, weight functions for 3D geometries are scarce. 
For 2D geometries it is easier to find accurate weight 
functions but through-the-thickness cracks were, in 
general. a far too severe assumption for the critical 
locations studied. 

The solution to the problem was to introduce correction 
functions based on the 2D weight function solutions such 
that the 3D solutions for remote loading were modified to 
approximately account for the local stress distribution in 
one of the two directions. 

Fatigue crack growth predictions were performed using a 
cycle-by-cycle analysis technique without consideration of 
plasticity-induced load interaction effects. However, a 
method for extracting contributing load cycles from an 
irregular load sequence was used which can be described 
as a very simplified rain flow counting algorithm. 

All available fracture mechanics and crack growth data for 
the aluminium alloys and the high strength steels involved 
have been critically reviewed and collected in a data base 
for easy access. Complementary testing on coupon 

specimen level was performed to derive constant amplitude 
fatigue crack growth data in cases where data were lacking. 
Figure 25 illustrates the collected data for one of the 
relevant 
aluminium alloys. 

Additional recent work has shown the wing attachment 
frame to be fail safe. This was shown by considering the 
additional dynamic loading transferred to the remaining 
structure when one of the four aluminium parts fail 
completely. 

5.3.2 Verification of Stresses and Crack Growth 
Prediction Technique 
The FE stress analyses were verified by comparisons to 
experimental results obtained during the traditional static 
and fatigue testings of the components considered. The 
comparisons showed that stresses, in general, were 
computed very accurately even with the 
global models. Unfortunately, stresses really close to 
attachment holes could not be assessed due to lack of 
experimental data. 

The technique of modifying 3D stress intensity factors, 
using 2D weight functions, was verified by comparing such 
stress intensity factor solutions to solutions obtained 
using the adaptive FE-technique for a number of typical 
geometries. 

The computer programme used for the crack growth 
predictions, Ref.( 27) was verified as far as possible by 
comparisons to other computer programmes and also to 
experimental results (on a coupon specimen level with 
well-known stress intensity factor solutions) from the 
literature as well as from test results (on a coupon specimen 
level) obtained in the current investigation. These 
comparisons involved both constant amplitude results and 
results from different types of spectrum loading. 

0 

6. STRUCTURAL TESTING 

Here, we will discuss the testing carried out to substantiate 
the analytical methodologies used. Such tests include 
simple coupon tests to study influence of load spectrum 
truncation etc., component tests to verify numerical 
predictions and to reveal any unexpected problems, and full 
scale fatigue and damage tolerance testing of an entire 
aircraft. The overall test programme for the new fighter 
aircraft goes on for more than 10 years. 

6.1The Saab JAS39 Gripen aircraft 
6.1.1 Artificial flaws 
In order to monitor the making of artificial flaws on the 
critical parts to be subjected to verification testing in the 
JAS39 programme, a manufacturing and quality control 
specification document was produced. In that document the 
electro spark method using carbon electrodes is specified 
as the main method. The specification defines tolerances 
on the flaw geometry itself as well as its location. The 
specification also defines machining data such as current 
and pulse -length for electro spark machining or amount of 
feed between each stroke for the chipping method. 
Examples of the flaw geometry specifications are shown in 
Fig. 26. Consider the quarter circular flaw having a = 1.27 
mm as per Mil-A-83444. In the Saab manufacturing 
specification this has been assigned a tolerance 1.3 < a < 
1.5 mm and a tip radius s 0.05 mm. The depth tolerance 
seldom has been a problem. In cases when the depth has 
come out below the tolerance, a < 1.3, the detail has always 

e 
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been sent back to the workshop to.make the flaw deeper. 
The tip radius was expected to come out between 0.02 and 
0.04 mm during electro spark machining. Most of the 
time. however, the tip radius has come out between 0.04 
and 0.05 mm. i.e. very close to the maximum tolerance. 
and in quite a number of cases it has been necessary to 
accept tip radii exceeding 0.05 mm (but never exceeding 
0.065). Artificial flaws made by chipping have always 
come out well within the tolerance limits. 

An example from a large test programme on unnotched 
specimens is shown in Fig. 27 for an aluminium specimen 
subjected to a symmetric fin root spectrum. Here, the crack 
growth rate first started up at a higher than normal rate and 
then slowed down to a more normal rate. This can be 
interpreted as if the artificial flaw is characterised by a 
negative initiation period. Special attention was paid to 
artificial flaws on shot-peened surfaces since delayed 
initiation could be expected. Observed initiation periods 
for those cases have varied from 800 to 1800 hours for 
specimens showing a total life of 5000 to 7000 hours. The 
crack propagation part of the total life has always been 
larger than the initiation period for all tested stress levels. 
This is a most important conclusion since it supports the 
selected principle of verification of the slow crack growth - 
non inspectable parts even if no identification of crack 
growth could be detected at artificial flaws in large 
components at two service lives of fatigue testing. This 
has also been shown for a most unfavourable 
cracklgeometry case with rapid crack growth rate. 

6.1.2 Test programme 
The damage tolerance analysis creates the necessary 
conditions for structural integrity. This integrity also 
needs to be demonstrated in structural testing according to 
the sizing approach shown in Fig. 1. Besides from testing 
for obtaining data for predictions, three main Levels of 
testing are detail testing, major component testing and 
final full scale verification testing. These three levels are 
described below. 

Detail testing is mainly performed early in the sizing 
work. It is used to verify detail design of vital structural 
members and to qualify the application of prediction 
methods to typical Structural configurations. The lower 
flange region of the main wing attachment frames were 
studied in that way. Six different cracWgeometry 

econfigurations were tested according to Fig. 10. 

The slow crack growth damage tolerance requirement is 
applied to all flight safety critical components - even 
small size units such as tension bolts. hinge bolts for the 
control surface attachments, control actuators and other 
small details of the control system. Primary bolts are 
verified to tolerate semicircular surface flaws with 1.3 
(+0.2/-0) mm radius. The verification testing of the 
tension bolts for the wing and fin attachments have proven 
very satisfactory damage tolerance. 

Major component testing is done for early fatigue and 
damage tolerance verification. The key point in these tests 
is that a critical part is tested while properly installed in its 
nearest boundary structure. This test will spot fatigue 
critical areas and demonstrate the stable growth of those 
natural cracks that may initiate and of any artificially made 
cracks. As an example a test set-up for an attachment of 
wing to fuselage is shown in Fig. 28. The lower flange 
region, described above, is here installed in its nearest 
boundary structure. 

Damage tolerance testing of large components involve 
very many initial flaws, for the rear fuselage tested 
together with fin and rudder more than 100 flaws were 
in trod uced . 

The final verification of the fatigue and damage tolerance 
performance is made with a complete airframe tested for 
several service lives. A photograph of the static test article 
is shown in Fig. 29. The test arrangement consisted of 85 
independently controlled load channels. A second airframe 
for fatigue and damage tolerance testing is now installed in 
the same rig and testing will be started very soon and be 
subjected to at least four service lives of fatigue testing. 

The test program for structural verification of the JAS39 
aircraft is shown in Fig. 30 (tests of systems not shown). 
Component tests for verification of both fatigue and 
damage tolerance are first subjected to two service lives of 
fatigue testing, then artificial flaws are introduced, 
whereafter the test is subjected to a further 2 service lives 
of fatigue testing. Finally. a residual strength test is carried 
out with the purpose to verify a load capacity in excess of 
120% LL. The pure damage tolerance verification tests are 
performed with artificial flaws introduced from the very 
beginning and are subjected to two lifetimes of fatigue 
testing followed by the residual strength test. 

Before deliveries of aircraft to the Swedish Air Force, a full 
scale static test will be performed (this is already 
completed) and a full scale fatigue test must have simulated 
one design life. A schematic overview of the entire fatigue 
and damage tolerance activities for the JAS39 Gripen 
aircraft. as described above, is shown in Fig. 31. 

6.2 The Saab 37Viggen aircraft 
6.2.1 Structural Testing 
As already mentioned, an activity is carrried out with the 
purpose of achieving life extension of this aircraft. For 
that purpose a complete damage tolerance test programme, 
similar to the one mentioned above for the Gripen fighter, 
is currently being performed. Here, the aim is only to show 
differences in the methodologies used, resulting from the 
higher stress levels involved for the Viggen aircraft. This 
is described for the main wing attachment frame 
assemblage. Due to relatively large displacements (wing 
root bending moments of up to 520 kNm were applied) the 
effective test frequency became around 0.2 Hz (testing was 
conducted at a constant displacement rate). The actual frame 
tested had already been subjected to four fatigue lives of 
spectrum loading during the traditional testing to support 
the original safe life design of 2800 flight hours. No 
fatigue cracks were reported after the traditional testing. In 
the present investigation another four fatigue lives were 
applied subsequent to introduction of defects in the frame. 
A total of 22 artificial flaws (crack tip radius <0.02 mm) 
were introduced by sawing in critical locations of the 
frame. 

The locations chosen for saw cuts were selected based on 
the FE results. a strain survey using a brittle coating 
technique, crack growth predictions and inspection 
considerations. Very good agreement was found between 
the brittle coating results and the global finite element 
analysis with respect to both critical locations and 
magnitudes of the strain field. 

Crack growth was monitored both visually and by means of 
various NDI-techniques, primarily eddy current. Firstly. 
cracks started to grow from defects introduced at the two 
fuel pipe holes. This growth was easily observed visually 
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and was therefore very useful in verifying the analytical 
crack growth predictions. A comparison of predicted and 
experimentally observed crack growth at the upper fuel 
pipe hole is shown in Fig. 32. Later on, after 
approximately 12500 simulated flight hours, this crack 
together with a crack at the lower fuel pipe hole resulted in 
final failure of the frame. 

After some 4000 simulated flight hours, crack growth was 
observed at one of the wing bolt holes. This is ,according 
to numerical predictions, one of the most critical locations 
in the frame. However, the predictions for this location are 
assumed to be overly conservative as friction between the 
interference fitted bushing and the frame forging was 
disregarded. Furthermore. it is believed that the 
interference fitted bushing in  the wing bolt hole restrains 
the crack mouth opening and thereby reduces the effective 
stress intensity factor range. This would explain the 
unexpectedly slow crack growth observed at this location. 

6.2.2 Inspection Intervals 
Based primarily upon crack growth predictions but with due 
consideration to component testing results and also results 
conceming the prediction capability (accuracy for various 
structural details) of the computer programme used, safe 
periods of crack growth have been established. Inspection 
intervals have been determined, assuming that the critical 
locations are depot or base level inspectable. The 
inspection intervals are then half of the safe crack growth 
periods. Fig. 33 shows inspection intervals for the JA 
main wing attachment frame. 

7. COMPOSITE MATERIALS 

An overview of work done in the U.S.A. and recommended 
certification procedures are summarised for composite 
structures in Ref. (28). This reference states that draft USAF 
damage tolerance design requirements for composites are 
conceptually equivalent to MILA-87221. Recognition to 
the unique property characteristics of composites leads to 
significantly different defeddamage assumptions for 
composites as compared to metals. Of the assumed 
flawldamage types, scratches, delamination and impact 
damage, the last one dominates design as it is the most 
severe. The recommended compliance to the draft 
requirements is summarised in Ref. (28) to allow no 
significant damage growth in  two design lives. This is due 
to rapid unstable growth after growth initiation. This 
requirement eliminates in-service inspections. Finally, no 
full-scale test validation is required as subcomponent test 
are considered to accurately represent damage tolerance 
behaviour of full-scale structures. 

For the new Swedish fighter JAS 39 Gripen a certification 
procedure similar to the one mentioned above is being used 
for the composite structures (wing skins and spars, 
elevons, leading edge flaps, canards, air inlets, fin and 
rudder and air brakes). All CRFP-laminate structures were 
verified by static testing before the first flight. The 
structures were tested dry, as received from manufacturing. 
Smaller components such as elevons and rudder were tested 
at high (+85"C) as well as low (-40°C) temperature besides 
at room temperature. The wing, the fin and the canard were 
tested at room temperature besides at m m  temperature. 
The wing, the fin and the canard were tested at r c "  
temperature only. As all verification testing was done with 
dry laminates. the requirement was increased to 1.2 times 
150%=180% limit load. Subsequently, all those structures 

have also passed four design lives of fatigue testing 
without any fatigue damage. 

8. DISCUSSION AND CONCLUSIONS 

Current development trends concerning loads activities is 
to incorporate data from more flight systems, influenced 
by flight conditions, e.g. the gearbox etc. into the global 
sequence description. Other improvements of the global 
spectrum approach will be to early verify the mission 
analysis by a closer connection to the flight simulator. By 
letting different pilots solve a certain flight task, the 
variability in manoeuvres can be evaluated early in the 
project. 

Current trends regarding structural analysis is to create 
more detailed models of vital structures and to incorporate 
those into the global finite element model as substructures. 
Special facilities have been implemented into the loads 
sequence handling system for identification of the most 
significant load cases. Much more detailed models are 
being assessed by a parametric approach early on in the 
analysis phase, to account for the fact that certain 
dimensions are determined very early and are difficult to 
modify later on. 

Regarding crack growth modelling. retardation has yet not 
been used for certification purposes. However, recent 
advances will be utilised for the C-version of the JAS39 
Gripen aircraft, to decide which old tests can still be used 
for the new design. 

Other areas which will be studied in more detail within the 
next few years include: crack growth in mechanical joints, 
multiaxial loading, constraint effects in three dimensional 
crack growth, and probabilistic aspects of damage 
tolerance and the entire structural design methodology. 

Structural design of military airframes is driven by damage 
tolerance requirements. Durability. mostly assessed in 
terms of conventional fatigue, is achieved by proper 
inspection procedures, repairs andlor replacements. 
Structural integrity can only be achieved by detailed 
knowledge of flight profiles and resulting load spectra, 
stress distributions and material properties. 

The methodology currently used in Sweden for fatigue 
management and verification of airframes has been 
described. Models used for assessment of fatigue life and 
damage tolerance of our fighter aircraft vary from rather 
simple to highly complex depending on various factors. 
Typically, simple models are used initially and more 
sophisticated analysis is resorted to in complex 
geometries and when safety margins are lower. 

Analyses must always be complemented by testing, from 
coupon specimen level up to full-scale testing. Fatigue 
management and verification also involve service load 
monitoring regarding both dedicated test aircraft, used to 
verify basic load assumptions, and also individual load 
tracking programmes developed for new fighters. 
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Figure 1 Block scheme of conceptual model for JAS39 Gripen aircraft 
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Figure 2 Computer programmes used in the sizing system 



12-11 

Figure 3 Model parameters and response variables in the design stage 

Figure 4 Structural models of the single and twin seated version of the 
JAS39 Gripen aircraft 
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Figure 5 Calibrated regions of the loads survey test aircraft 
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Figure 6 Service loads monitoring on each aircmft 
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Figure 7 JA37 Viggen main wing 
attachment frame assemblage 
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Figure 8 Schematic showing the loads 
applied 
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Figure 9 Comparison between design spectrum and in-flight recorded 
spectrum for the average JA37 Viggen aircraft 
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Fig. 11 Part of the u n r e d d  local flange force 
SeqUenCe 
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Fig. 12 Part of the reduced local flange force sequence. 
Triangular marks show where each mission ends 
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Figure 13 Distributions of mges for on+ and reduced sequences 
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Figure 14 Main wing attachment frames of the JAS39 Gripen aircraft. 
The frames are machined die forgings of aluminium 7010 alloy. 
The wings are attached to the frames with steel bath-tub fittings 

e 

Figure 15 Finite element substructure of wing attachment frame 
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Figure 

13lMPa 

6 Stresses at lower flanges due to limit load 

Fig. 17 Correlation between bending moment My 
and nonnal force Pz in l o w e  flange section 

Fig. 18 Correlation between bending moment Mx 
and normal force Pz in Iowa llange saction 
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Figure 19 p-version FE model of lower flange region 
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Figure 20 Stress distribution across a highly stressed region 
of the lower flange 
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JAS39 Damage Tolerance Review Sheet 

Category 
Slow crack growth - Non inspectable 

lnspectlon free Interval 
One service life 

Speclal Inspection reqlrements 
No 

Limit load case 
Llmlt load stress 

~ 

Spectrum 
Max spectrum peak stress 
Fracture toughness data 
Crackgrowth data 
Crack growth model 
Stress Intensity factor model 

lnltlal crack 
sham and siza 

Crltlcal crack at 150% LL 
shaDe and size 

Crltlcal crack at 120% LL 
shape and size 

Crack growth perlod 

Applicable testing 

9nalysis code No 
!.2.1 c 
3ra wlng No 
1903152-001,1903154-131 

Uaterlal 
U 3644-74 die forging 
3escrlptlon 
<ear fuklage 
Wing attachment frame X S ~  10250 
iower flange 

.c 349 A m 5  
11.1MPa.ref.a/c39.157.02.5~2.9 

?lob. seq. 3 9 S E k .  loc. spec. SA157009, ref. dC 39.157.025 s2.10 
08.4 m a .  ref. alc 39.157.M.5 s2.9 

L=1450 Nlmm3R at t=4 mm. 0<1,=900 Nlmm3R) 
iD 37-3644 oaae 3. (forainE. TL-oricnt.) . -  . 
qon interacting 

U 
20 

palter-circular comer crack. a=2.54 mm 

bough-the-thickness crack, a=17.5 mm 

kough-the-thichess crack a=.19.8 mm 

i7039 tlh 

rest No: 5.1.7.3 Wing to fuselage attachment 
:est No: 5.1.18 Lower flanges in wing attachment frames 

Figure 21 JAS39 Gripen damage tolerance review sheet 
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Fig. 22 FE model of the JA37 main wing 
attachment 

LOWER WING 
BOLT HOLE 

DETAIL OF FE-MODEL 
SHOWING GRID IN CRACX 

Fig. 24 KI determination using p-version FEM 

Fig. 23 FE model of the middle part bolt, including 
the bolt head, a region of the frame forging, 
and a portion of the middle part 

Fig. 25 Fcg-data for 7075 Al-doy 
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Figure 26 Geometry specifications for artificial flaws 
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Figure 27 Apparent negative initiation period from an artificial flaw 
(no shot peening) 
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Figure 28 JAS39 Gripen test set-up for attachment of wing to fuselage 



Figure 29 JAS39 Gripen full scale static test. Fatigue testing 
will be performed in the same rig 
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SERVICE HISTORY 

I I I CALIBRATION OFTHELOADS MONITORING SYSTEM 

MEASUREMENTS AT EVERY AIC 
KNOWN LOADS AEGlSTRAnON WHILE 

FLYING WELL 
DEFINED MANEUVERS AERODYN DATA LOADS SURVEY 

I 
1 

GLO0AL FE-MODEL 
INTEUNAL WADS 

FATIGUE TESTS 
19 SUBASSEMBUES 

0 

Figure 31 JAS39 Gripen structural life assurance 

c - calculated 
a - calculated 

c - measured 
a - measure 

0.0 0.5 1.0 1.5 
Crack propagation time (DLT) 

Fig. 32 Comparison between predicted and measured 
crack size in JA37 main wing attachment as 
function of design life time (DLT) 

4 9  
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Fig. 33 Suggested inspection intervals in DLT for JA37 
main wing attachment to ensure structural safety 
according to damage tolerance 
for slow crack growth struchrea 
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RISK ANALYSIS OF THE C-141 WS405 INNER-TO-OUTER WING JOINT 

1991 USAF Structural Integrity Program Conference 
San Antonio, Texas 
2-5 December 1991 

RE. AUord, RI? Bell, J.B. Cochrnn and D.O. Hammond 
Lockheed Aeronautical Systems Co. 

Georgia Department 73-25 
Zone 0160 

86, Scab. Drive 
Marietta, G. 3006 
United States 

INTRODUCTION 

It is evident that weapon system 
management benefits greatly from the 
use of probabilistic risk assessment 
methods. The C-141 WS 405 inner-to- 
outer wing joint provides an actual 
case of how this technology was 
implemented by Lockheed and US- 
engineers to determine conditions of 
inspection and repair for the C-141 
fleet. 

BACKGROUND 

The C-141 aircraft was delivered to 
and deployed by the Air Force during 
he 1960's. Constructed mostly of 
075-T6 aluminum alloy, the C-141 was 

designed to provide 30,000 flight 
hours of service. Currently, 
however, the force is averaging over 
34,000 flight hours. In the 1970's 
the C-141 was stretched and given 
refueling capability, and it was this 
model, the C-l41B, that rapidly 
became the workhorse of MAC. Today 
it is reasonable to expect the C-141 
to provide reliable airlift well into 
the 21st century. Consequently, 
since the C-141 and other weapons 
systems are being called upon to last 

longer under more severe conditions, 
the current tools of structural 
analysis must go beyond the specifics 
of strength, durability, and fracture 
mechanics and into the realm of 
probabilities, i.e. risk assessment. 

WING STATION 405 JOINT 

The C-141 WS 405 wing joint connects 
the outer wing to the inner wing. 
This structure has met design goals 
of 30,000 flight hours, but it is 
rapidly deteriorating as aircraft 
usage continues to accumulate. The 
structural assessment explained 
herein was performed using standard 
risk analysis programs adapted to 
address the wing joint problem. In 
the 1980's fatigue cracking 
manifested itself in the WS 405 
joint, and it was at this time that 
inspections, redesigns, and repairs 
were engineered. However, by 1989 
generalized cracking was prevalent 
throughout the fleet elevating the WS 
405 joint issue to one of safety. It 
was this concern for safety that 
prompted the risk assessment of the 
joint . 

presrnrrd (U on A G M  Meering on X n  Asresrmcnt 0fFarigUC Damage and Cmck Gmwth Pmdiction Tmhnques; 
September 1993. 
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RISK ANALYSIS METHODOLOGY 

The following resources and 
information are required to perform a 
structural risk analysis. Field 
inspection results are necessary to 
determine the initial cracking data 
from which the analysis can proceed. 
In the case of the 405 joint this 
information was obtained mainly from 
directed bolt hole eddy current 
(BHEC) and x-ray inspections. 
Inspected structure included the 
lower rear beam cap attachment to the 
tie down fitting and the front and 
rear beams of the wing joint region. 
Also, the fastener holes in the joint 
area were reworked and inspected by 
BHEC. Multi-element and multi-site 
damage were both confirmed by these 
inspections. Furthermore, the data 
revealed that approximately 50% of 
the cracks found in the rear beam 
lower cap were in excess of the 
critical crack length. Another 
required resource for risk analysis 
is the crackgrowth data for  the area 
of concern. These data are needed to 
reduce the actual fleet crack data to 
corresponding lengths for average 
force aircraft. Flaw distribution 
data is also required to generate the 
strength data for the components 
being analyzed. To determine the 
distribution of bolt loads and 
stresses of the various components, a 
non-linear finite element model 
analysis of the WS 405 joint area was 
performed. Finally, load exceedance 
data is needed to calculate the 
probability that an aircraft will 
sustain or exceed a given load. 

CRITERIA 

The objective of this procedure was 
to determine a method for evaluating 
the safety of the C - 1 4 1  fleet during 
the force management program 
initiated because of the cracking 
problem. As previously discussed, 
risk analysis was the method 
selected. Moreover, the risk of 
failure was defined as the 
probability of the load exceeding the 
strength at a given point in time. 
The following failure criteria, as 
set forth during a C-5 SAB review, 
was adopted, "If a structural member 
fails, for whatever reason, then the 
risk of catastrophic failure on a 
single flight of no more than one in 
ten thousand is acceptable." 

BLANK DECISION TREE 

Early in the analysis it was 
necessary to establish, a failure tree 
such as the one in figure 1. 
Although it is important that the 
tree reasonably simulates possible 
failure paths, it is not possible to 
include every detail. For example, 
three elements will require six 
possible failure combinations and 
four elements twenty-four 
combinations. Considering that it 
takes one day to run the finite 
element model (FEM), one day to 
reduce data to plots of bolt loads 
and stresses, and at least two days 
to generate the crackgrowth curves, 
it is evident that the failure modes 
must be simplified to every extent 
possible. 

At this point the failure tree i 
only an estimate of what the final 
result will be based on the FEN data. 
Obviously, several iterations are 
required to finalize the tree. Field 
inspection results also play a large 
role in the failure tree 
construction. Figure 2 shows the 
critical components of the 405 joint 
represented by this failure tree. 
This outboard view of the region 
shows the beam caps, splice fitting, 
and chordwise joint. The decision 
tree of figure 1 represents only the 
rear beam area. A separate analysis 
was conducted on the front beam using 
the same methodology. 

". 

EXAMPLE RISK CALCULATIONS 

Figure 3 presents an example of how 
risk calculations are performed on 4 
single element. Assume, as the chart 
depicts, that there are a certain 
number of parts which contain cracks. 
For each crack size there is a 
strength which this member can 
sustain but will fail if exceeded. 
The chart designates these elements 
as S1 through 55. For each part 
there is an associated strength and 
percentage of the total number of 
parts at this strength level. For 
example, 30% of all the parts have a 
strength level of 50 KSI as indicated 
by the designation S4.  Also shown 
are the probabilities that a load of 
a given magnitude will be applied to 
an element. If these loads, L1 
through L4, are applied randomly to 
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all members the risk can be 
determined. From the chart it is 
clear that all the loads are greater 
than the strengths of the 5% of the 
parts designated S1. Therefore, the 
probability of failure of these parts 
is the probability that the load will 
occur times the number of elements or 
(l.OO)x(O.O5). Similarly, the 10% of 
the parts with strength S2 may incur 
loads L2, L3, or L4 which will result 
in failure of these parts, and hence 
their probability of failure is 
(L2tL3tL4)x(SZ) or 0.04. This 
process is carried out for every 
element, and the final failure 
probability is the sum of these 
values. 

CRACK DATA and PROBABILITY OF 
ETECTION 

A distribution of cracks determined 
by a TCTO inspection of the 405 joint 
is shown in figure 4. This 
inspection was performed along the 
aft tab of the rear beam cap 
concentrating on the area near the 
ground tie down fitting. Early in 
the analysis and prior to 
inspections, using a linear finite 
element model, this region had been 
cited as a possible failure area. 
This turned out to be a reasonable 
predictor of the actual facts. In 
figure 4 the critical crack length 
shown is for limit design load, and 
the cracks indicated above the line 
are therefore incapable of sustaining 
limit load stress. Consequently, 
these long cracks shed load to 
adjacent areas. 

further important component of risk 

detection of crack data. Prior to 
any analysis a probability of 
detection curve must be applied to 
the fleet crack data to account for 
the cracks not found during 
inspection. This'analysis used the 
estimated probability of detection 
based on the "Have Cracks Will 
Travel" program. The risk analysis 
of the 405 joint was heavily 
dependent on this probability of 
detection data since development of a 
new curve would have been a cost 
intensive procedure. 

e assessment is the probability of 

WEIBULL, DISCRETE CRACKS, pnd 
STRWGTB DISTRIBUTIONS 

Initial cracking data for the 
chordwise joint and splice fitting 
was simulated using a Weibull 
distribution. This statistical 
analysis method was chosen for its 
ability to predict future crack 
initiation from a small sample of 
actual data. However, log-normal 
data regression would also be 
acceptable and was used to predict 
beam cap crack initiation. Weibull 
plots display cumulative crack 
distributions adjusted to average 
flight hour values. From this 
distribution cracks can be generated 
and grown out to flight hours of 
interest. 

Figure 5 shows a discrete crack 
frequency distribution generated from 
a Weibull distribution of the 
inspection data. Both the chordwise 
joint and splice fitting were 
simulated using a Weibull 
distribution, while the beam cap 
distribution was generated from a 
previously existing log-normal fit. 
The cap data was simply updated and 
used in this assessment. It turned 
out that after normalizing the crack 
data to average flight hour levels 
the fit to actual fleet data was 
excellent. Furthermore, data 
obtained subsequent to this analysis 
during current repair actions 
continues to match the predicted 
distribution. The data shown in 
figure 5 is for a single element at a 
single point in time. Distributions 
such as this one need to be generated 
for each element at each time for 
which the risk is to be calculated. 

Each element in the analysis requires 
a strength distribution curve so that 
for a given crack length an resulting 

theoretical strength curve is shown 
in figure 6 using the approach of 
Fedderson. This method allows 
strength predictions for both the 
linear elastic range between 
approximately 80% of the yield 
strength out to 1/3 of the width and 
also for the areas outside of the 
linear elastic fracture mechanics 
range. Knowing the frequency 
distributions of crack lengths and 
the resulting strengths remaining in 
each element, a probabilistic 
strength distribution can be built. 

strength can be determined. A 
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NON-LINEAR FINITE ELEMENT MODEL 

The non-linear finite element model 
was an essential component of the WS 
4 0 5  wing joint risk analysis. A 
linear model would have been 
sufficient for bolt load calculations 
and normal slow crackgrowth stresses, 
but for severed parts a non-linear 
model was required. The 405  joint 
model consisted of 10,000 elements 
with each non-linear run taking 
approximately one day. The model was 
originally constructed to provide 
information on standard crackgrowth 
stresses, and it was later modified 
to generate non-linear data. 
However, by creating load versus 
stiffness curves for each bolt load 
and iterating run by run until 
sufficient accuracy was achieved, 
non-linear calculations were only 
required on about 2 5 0  bolts. 

CRACKGROWTH DATA 

Figure 7 shows three crackgrowth 
curves typical of the chordwise panel 
splices. From the failure tree there 
are three ways that the chordwise 
joint can fail, and these failure 
modes correspond to the three 
crackgrowth curves. As shown, it can 
fail with all structure intact, it 
can fail due to extra load carried 
because of a failed beam cap, and it 
can fail due to prior failure of both 
the beam cap and the major splice 
fitting. The crackgrowth data is also 
used to reduce the field inspection 
data to desired flight hour values. 
This is a necessary step since each 
aircraft is at a different flight 
hour value when an inspection is 
performed. 

LOADS CURVE 

Figure 8 shows a typical load 
exceedance curve from which 
probabilities are taken. The 
probability of incurring a specified 
stress level is calculated as l-e-N 
with N being the number of 
occurrences. The stress level is 
plotted along the x axis with the 
probability of exceedance plotted 
along the y axis. Again, for every 
element in the failure tree a load 
exceedance curve must be generated. 

DECISION CEARTS 

The next two figures, 9 and 10, show 
typical results of the risk analysis 
discussed in this report. The 
numbers shown are not actual 
calculated values but merely serve as 
an illustration of the process. 
Figure 9 shows the probability of 
failure for an average aircraft at 
33,400 flight hours. The second 
chart shows the resulting reduction 
in risk due to an x-ray inspection of 
the joint area. It is important to 
remember that the validity of the 
analysis depends on the accuracy of 
the probability of detection data. A 
primary value of these decision 
charts is that they clearly show 
which areas must be protected to 
ensure safety. 

The risk assessment of the C-141 WS 
405 wing joint has provided valuable 
input for decisions regarding a real 
aircraft problem. Cooperation 
between Lockheed and the Air Force 
combined with a reliable database has 
yielded a force management approach 
that is capable of safely. executing 
corrective actions to the 4 0 5  joint 
problem. 
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Risk Assessment Basics 

. 
m 

70 

60 

50 

40 

30 

20 

10 

0 

I5 20 
DAk 

.S. = ~Allawable Stress. 

L = Applied Load 
. . . . . . . . . . . . . . . . . . . . . .  

s1 

4 

I 
-U- _,.- 

L1 s2 L2 L3 s3 s4 

Figure 3 

I 

8 

P' -.- 

30 35 10 45 $0 
[IIIOUSAHDS OF FLlCllT IlOUIlSl 

s5 L4 

CRACKS FOUND BY 
TCTO 753 IN 
WS 405 AREA 

LOHER SWFACE 
IVIEW LOOUING CPI 

Figure 4 



13-7 

0 

0 

WS 405 Risk Assessment 
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WS 405 RISK ASSESSMENT 
FAILURE DECISION TREE 
BEFORE INSPECTION 
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ASSESSMENT OF IN-SERVICE AIRCRAFT FATIGUE MONITORING PROCESS 

ABSTRACT 

RJ. Cues 
Dassault Aviation 

Breguet 
78, Quai Marcel Dassault 

92214 Saint Cloud 
France 

Maintaining the structural integrity of aid depends 

(updated during the entire aircraft operational period) to 
detect structural damage that may OCN in service. 

Prediction of possible fatigue damage due to applied 
loads and conditions of w encountered in service is 
based on an adysis of the probability of incipient cracks 
and on an cvaluation of the development of undetectable 

0 the initial definition of an inspestion program 

faults assumed to udst bemeen two inspcaions. 

The validity of cvaluation models is generally demonsua- 
ted based on comparisons with results obtained on 
elementary test piaxs subjected to predicted (or 
recorded) local load conditions in service and used to 
identiry the influence of events such as rare mrloads, or 
frequent repetitive small loads, etc ... 

This paper presents the principles for processing in flight 
signaJs collected in order to predict structural damage by 

 influence^ such as: 
w g  in night integrated calculations, considering 

- load sigaalr precision (frequency of points 
taka...), - elimination of low amplitude mriations, ..., - cycle counting methods for the damage 
calculation (“Rainflow*, sequence lengths 
processed ..A 

related to performanoes of damage prediction models, 
comamints on industrial construction costs and 
minimizing tasks of in flight data rewrdings. 

1 - INTRODUCTION 

The struclural behavior of a i d  in service concerning 
fatigue and tolerance to damage is one of the main 
aspects of the cort effictivcnesS of their commercial and 
operational usc. The cost of maintenance programs. 
defined to rrspea safety and structural dimensioning 
standards, is directly related to the precision with which 
loads encountered in service arc known, and the accuracy 
with which their effects on structural integrity can k 
evaluated 

Defining &cient Nuctural monitoring requires that 
preventive or remedial service work is minimized, while 
maintaining maximum operational availability and life. 
The essential coherence of inspcaions to be carried out, 
suited to the individual nature of each type of usage for 
a i d  in =Mix, makcs usc of principks used during 
the StrUFtural design in regard with the planned usage 
objectiva. 

This paper presents the basis for an application ofthe 
concephd struclural analysis principles to the in-service 
evaluation of fatigue damage initiation (probability of 
incipient fatigue defect) and damage tolerance capability 
(propagation of undetected faults assumed to k existent 
at any time). 

For this purpose, the impact of load parameters, as uscd 
during the structural design. is estimated with mpoc( to 
dispersions that are inescapable in fatigue, inherent to 
the micro~ucturc of the material and the uncertainties 
in fatigue behavior prediction models. 

Thee results. quantified in usage times, help to define 
constraints for the aquisition of signifcant parameters 
in terms of the necesbacy (and only namsary) precision, 
volume and “ a b l y  justired cost of data proccssiag 
considering industrial production constraints, and f i d y  
minimization of tarks by systematically preparing rcSUlu 

Presented at an AGARD Meeting on X n  Assessment ofFatigue Damage and Cmck Gmwth Prediction Techniques, 
September 1993. 
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2 - APPLICATION OF TFfE STRUCTURAI, 
ANALYSIS C O N C E g  

2.1 -Structural desien to btleue and damrpr 
@€!x!!x 

Dflerent conczpts are involved for tk in htiguc 
wructural design. Main ofthemare hereunder 

A l R m  FATIGUE AND DAMAGE TOLERANCE 

FINITE ELEMENT 

CdUUl -tion 
I -#-- S M - 1  rnponu 

MATERIAL DATA BASE 
R o p e ~ n l a I l w  tn(. 

FATIGUE LOADING 
Local slm. niilorf 

DIMENSIONING I MONITORING I 
U 

CRACK INITIATION FRACTURE ANALVSD 
S l n u  lntendty Fador 

Reddual Slmqlh 

CRACK PROPAGAIION 

Initial dr(.c(r. 
RdardaUsn elf& 

2.2 - Obieetivw of monitoriae in service 

Maintaining the in service aircraft stnrctursl integrity 
reliestothede5itionofaprogramofiaSpectionsin 
order to daed st"l degradationsthat are likely to 
OceurinSeNice. 

Tbc definitionofthis program. is direcUylinked tothe 
nsultrofthepmiouJ(shedded)iaspectionsandtothc 
knowledge ofthe in service CllcoUntMtd loa& 

AIR- IN SERVICE MONITORING 

U1 NOWT USAGE LOAD9 IDENMCAllON 

Real conditions ofuse on a i d  consists in a basic dau 
setto: 

- ddCa if allowable s t r u ~ I ~ ~ ~ I l ~ a d c  cxacded in 
&=I 

update iaspeaion p m g "  in order to nwdmizc 
the economically viable sttuchval life, 
define usage statistics for contirmation/rcvision of 
calculation bass, when taking them into 
consideration in the s(ru*ural response model 

- 
- 

The proposed study starts h m  the involved "Fatigue and 
Damage Tolerance" design basis as hcreundu propod : 

STRUCTURAL FATIGLE EVALUATION PROCESS 

IN-SERVICE 

(MONITORING) 
USAGELOADS 

. , 
1 LOCAL STRESS HISTORY 1 

I CRACK PROPAGATION 
(Dctarmlnlrllc) 

CRACK INITIATION I (Pmkablllrtlc) 

Rdatlvo Minefa NI0 
(3 I Llfstimes) 

Paris : Law + Toughness 
(1 I Llfetlmn) 

Flnt lnspectlon Periodlcllles 

It will be pointed out the significana of the precision of 
in service loads stress acquisition (or reconstitution), or 
assumed types of structural degradations (uacks 
Profila). 

The results obtained help to define conditions for an 
identification of in-flight parameters consislent with their 
influences on the in fatigue structural behavior [ 11 and 
uncertainties in the prediction models [6]. Thc prsentcd 
principles have been implemented for the definition of 
a i d  MIRAGE 2000 monitoring system Findings of 
MIRAGE 2000's experienoe will be pnsented as a 
conclusion 
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3 - IN FLJGFIT SIGNAL PROCESSING 

Thefouowingdiagramdescnitherunc(ionscarried 
out (entidy or my) in flight, in ordu to calculate local 
damage due to in d c e  loads such as loads 
(transport aimatt) 01 such as loads in "es and 

(military aircraft). 

SIGNAL PROCESSING 

I In flight signills I DATA ACQUISlTlON 

3.2 - Gcnerrtlnn structu rrl rem nw 

'Pilot' damage monitoring a m s  arc selected beforehand. 
Knowledge ofstnrtural local slrrsr in flight due to ~ I I  
aimail operating conditions may k found by : - dircd "CILt ofthe locat stressor djpacanl 

- nconslitution ofvariations ofthe local rtrcg and/or 

when local structural information is not collected 
direbly, the faisabiitymaybe condduedonmodan 
typaofairtraRwithout~cdcviaofordat. 

druchual fora (& gauge, ... ) 
w- 'vc forar 

collecting : for example, on board existing for 
Electrical Flight Control Systems cm k used to calculate 
structural forces in p i a  roll and yaw 

3.2.2 -conversion of simalr Into loed strrrs# 

For a military aimaft arch as the MIRAGE 2000, the 

main 'aemdynamic" paramtas associated with mass 
con6gura(ion pammekts as in (be I& boaom (9 
used dimensioning model i s b a d  onralua ofabout 16 - ThresholdF, m t m  -Local forces 

I - 
summarized. A preliminary panundric study [Z] allowed 
to reducc the number ofbasic panunacts to 7 
(6 analoguc + 1 digital) without dgnitiCant descrrpancy 

I I - Summation matrices I as shown herrlmdcr : 

1 + 
FATIGUE ANALYSIS LIFE 
(Mineh rclativc law) (tint inspeaion) I 

1 
IPROPAGATION ANALYSIS PERIODICITY 1 

1 
Fleet management I 

The spccific nahue ofcach step in terms of precision, (be 
number ofrrprrsentativc selected prametem the 
"llneness' oftables ofstored values, can affccl volumes 
of informations to be pmcesd, or wen (be feasibility of 
procasing for operation without long and expensin 
systematic actions to k carried out by usem 

SomeofU"ostsignificantaspstsmpresentedinthis 
w. 

STATION LOAD ANALYSIS 

\ \* 
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. 
sampling G - l ~ a d  history 
fnpuency 50Hz 1 O H z  1Hz 

Static maximum 1 0.99 0.98 
n normalised value) 

Damagevalue 1 1.00 0.98 
(Miner's taw)) 

Starting from such an "approached" mnstitution of in 
service CllCQutltned loads. thc malting "STATIC" and 
"FATIGUE' magnitudes ofaavracy arc : 

C4mputed results according f " i e s  are hereunder 
summed up (MIRAGE 2000's example) : 

COMPUTATION ACCURACY 

STATIC I Normalid value 
Basiccompletemodcl 1 1 

I 
6paramctcrs 0.9 F max < 1.1 I I 
FATIGUE I NormalizcdvalueD 

Basic complete model 1 

6parawtar 0.95 < D < 1,05 

This approach does not generally require the installation 
ofspcfitic gauges on tbc aimaft, and shouldbe 

3.3 - Simal acauiritioa (analogue parameter) 

A fatigue load is gualified by a Juccession of its 
component minima and "a Acquisition of these 
u n n m ~  as accurately as p i l e  may be thuctorc a 
controlling condition at thc sourcc for the quality of the 
rsulting fatigue evaluation 

The following chart is a simulation of the influenas of 
inputting, at different sampling frequencies, a real signal 
from a combat aimaft flight. It concernsvariations of 
thc g-load faaor (slow variations - 0.5 Hz) or a control 
surface angle ("fast. variations = 10 Hz). 

FILTER SAMPLINGFREQUENCY 

timi flight pz" procasing. It w e  ollc ofthe 
moot critical items for thc monitoring device feasibility, ... 
and its cost/e0iciency ratio. 

3.4 - Comoression of data volume acauired in flight 

Afirst sort carried out in real time d i t e s  
intermediate values from thc signal to be procaai, and 
keeps only extreme values. Also low amplitude 
alternations (minimum, maximum) are generally only 
kept above a givenvariation amplitude "threshold* 
(omission of small cycles). 

DATA REDUCTION THRESHOLDS 
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smral cwnting tcclmiques an clumuly available for 
peak-thnqh detection in a variable amplitude tim 
history signal. Among them, "Rainflow" Mtbodprwida 

strrss/strain behaviour of fatigue critical area. Molwver, 
a description ofloads data mmpatiile with thc illustrated 

aftcr storage of identified cycles by thc mean ofmatrix 
summations, it is possible to mnstitue nprsentativc 
loadssequeaarfkomtberecordedRainnowmatrices[4]. 

Inprinciple,aainnow.procedureisFerfo~attbc 

thdr chronolo&ical order). 

cnd ofthe signal IcQlrdiDg after thc storage ofcach 
flight by flight data (cxlrcms should have tok stod in 

A comparative computation (carried out using a fighter 
aircraft load histoq) makes it possiile to consider a 
pmgmsivc Rainnow storage proccdun, when 
memorizing a limited number of selected previous 
wctrcmer, wiulout signissantly alkting thc quality of 
theontical computed damage. 

Such a p d i " y  investigation allows a flight by flight 
"Rainnow" pmcedm at the end ofeach flight or during 
the flight at any time (manoewer dominated spectra). 

Normalizeddts OJg lg 1 S g  2 g  

Volumeofdatastorage 

Damageevaluation 

Rcmuk : tbc resulting "omission of small cycler. 
pa" is howFva controlling [ 11, parliclllarly in the 

klow established Io1 underwiag load history). 

case for gust lo& on transport ahaft ,  in terms oflife to 
incipient cracks or propagation (see comparative table 

LIFERATIO I small cyclesomitting 
Tests (*) Initiation Propagation 

1. 0.72 0.57 0.52 

1. 0.97 O.% 0.93 

MiniTwIsT 

Short FALSTAFF 

(2) M. 1 - Fig7 

Tbc estimate ofthis "small cycles influence" on thc 
quality offatigue predictions should be considaed 6um 
the preliminary stage ofstress M g u .  A result would be 
thc choice of data threshold to be " m e n d e d  in order 
to obtain a d t s  pncision homogeneous with other 
m 

x 2  x 2  

xl X I  - 

3.S - D e l e  cwntinr meth@ 

LIFERATIO 
Tests (*I -w TWIST 

FALSTAFF 

Tkordaofsuacssivemaximaandminimawillhaveto 
rcorganizcd h Mder to CSrry Out the PIoctSSing for the 6 tigue and crack propagation for the local stress 

saluena. The "Raidow'' method [3] is one of Ihe most 
rrpraentative m*hods for thc local stress/deformation 
behavior as illustrated below : 

High loads truncation 
Initiation Propagation 

x 1/3 x m 
x 1/1,5 x IR 

DAMAGING CYCLES FROM TIM? SERIES DATA 

3.6 -Crack initiation and m"eation orediction 
calenlatlonr 

3.6.1 -The Miner model (crack initiationl 

Miner's cumulative law applied universally for damage 
appcaranabythe n/N=1formulaton&ouldbeused 
with the d i r a t i o n  conapt (Mhefs relative law) on 
tat  d t s  undcr multiple lmls stress histories. 

However, this "d is generally incapableoftaking 
account ofthe "small cycles" influences on fatigue lives : 
Miners computed damage values an quite the samc 
while Ihe on tests initiation lives varie significantly (see 
scaion 3.4). 

More over, it dots'nt d e c t  the ben&cial effects of 
overloads. the harmful effects of truncahg forces, Is 
shown hunmdn. 
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3.6.2 -The atress lntcnsitv factor (oron neation) 

The following diagram considers of fatigue defects 
in rMcc achlally observed [SI, on MIRAGE Ill combat 
aircraft : semielliptical fatigue cracks on bores in thick 
tensioned base plates. Idenlirication of defect deplhs 
using eddy currents devices reveals a high profile 
dispersion (Ua eccentricity). 

SCAlTER OF CRACKS PROFILES 

IO 

U. 
Length L 

Depth a 

Resulting variations in the stress intensity factor (noted K 
in the hereunder diagramm) create propagation times 
that vary [when considered as depending on daN/dN 
-C (GI3] in a ratio of x 0.5 to x 1.5 magnitudes. 

SCATTER OF STRESS INTENSITY FACTORS 

3.7 - ODtimum damaee monitorine reliabilitv 

The dispersion concept. inherent to any repeated physical 
observation highly, cOncemS the fatigue behavior of 
materials. The distriiution of experimental results is 
often characterized as a Gaussian normal law with mean 
value and standard deviation. the orders of magnitude of 
which arc representative of the maximum significance 
that couId k obtained from simulation models. 

For example, in S-N cws. interpretation of a standard 
deviation of0. IO (frequent on aluminium alloys) in I 
normal log distribution, will giw a factor of 7 on the lie 
at about 3 standard deviations (associated probability = 
0.001). 

In terms of predictiodtest ratios, the results presented 
below [6] are prepand for loads representative of slressa 
a1 lhe intrados of tranrpod type aircraft wings ('TWIST 
or 'F27' load and 2500 fight sequences) or mililary 
aircraft wings ("FALSTm load and 200 flight 
sequences). Several variations of each load typc have 
ken considered by a different distribution of seven 
flights, omission of small cycles, or truncation of Ibc 
high levels encountered loads during the flight sequences 

RELIABILITY OF CRACK PREDICTION PATERNS 

I I I 0 

value dhiation 
9F27' 0.8 0.25 I I 

I I 

'FALSTAFF" 0.9 0.25 

(*)Ref. [a] - Table 29 - AMD-BA rrmlts (ONERA's 
model) 

Interpretation of a reduction factor of 2 on the calculated 
life will produce a nonamenative forecast with a 
deviation of 1 - 0.W = 0.6, namely 2.4 standard 
deviations (associated probability = 0.01 in normal law). 

T%is means that variations of iduence parameters 
calculated relatively of small amount when compared 
with the 'standard deviations" presented above will not 
be considered as representative of a significant physical 
phenomenon, but only within the dispersion envelope of 
the structural behavior prediction model. 
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4.2 - Jt¶IRACE 2000'r emeticnee rrsulti 

The MIRAGE 2000 performed her maiden flight in 1979 
and has kcn demonstrated to comply with muired 
Technical Specifcations with impollanl static SWength 
margin (1.7 Limit load withslood without failun) and 
high durability (6 x l i e  times simulated on a Full Scale 
Ted hlicle without fai~urc). 

~ o n n c r .  as a d t  of in-seMce usage data pmcasing 
theaimaft was found tok much more rmrcly handled 
(sincc pilots relie on the automatic protstions provided 
by the EFCS) (ban expc(ced from the initial design 
Technical SpeCiTdons (see figure below). 

MIRAGE 2000 : FATIGUE RESISTANCE SPECIRA 
HING ROOT BENDING MOMENT 

-<-- HIM Lmm TRKRTIM 

m 

The Rainllow melhod kceps numbers and levels of 
rccorded maxima and minima. Building up of count 
"mations by 'class" matrices then CMbIM the USC Of  
structural behavior prediction models. 

These summation matrices built up by flight phase, flight 
or group of flights, am used to count load factor 
OCEunnccs, fora  apcan or local SlrCJsa, etc. 

Random dtawing methods help to generate flights and 
loading cycles in order to carry out representative tests of 
conditions encountered in service, to evaIuate the 
rrtruchlcal behavior (maintenance anticipation). to 
prepare updated data (modiTy theoretical initially 
assumed calculation basis). 

4 - CONCLUSION 

ql- ADDhttiOn to aireraft monitortne system 

The generalization of monitoring structural dawge to 
airnaft in service i s  a phenomenon that will 50011 
increase in coming years with the development of 
cflicient on-board computer systems. 

Morrover access to information already available in 
flight for other purpooa. for example Electric night 
Conkoh Systems (EFCS) giva an unprecedented 
opportunity to learn about real forca on aircraft during 

In regard with predicting structural behavior in "fatigue' 
and "tole- to damage.. this paper has empharized 
the "ary cohesion (and precisiodipraision 
homogeneity) on the various signal acquisition and 
proassing paramelca The criteria for this procssing, e ccts such as dispersions of rcsponser of materials 
under fatigue loads, the influence of ignoring small fora  
cycles and uncertainties in prediction models. 

USC. 

ne in flight, am d&ed with to inacapable 

Such a study haw k e n  achieved for the basic definition 
and industrial development of the Dassault Electronic's 
system "SPEES" as implemented on Jeveral French Air 
Force a i d  for in service damage or loads evaluation 

Choices (acquisition frequency, signal sort thr~holds, 
result matrix dimensions, etc...) haw teen made 
considering their impact on calculated f o m  and lives 
and with the objective of minimizing tasks for w m .  

M 

The in-fitig~e spcdra and Usage p d  data, 
combmed with stringent static design conditions due to 
new capabilities iocnadng weight and load inventories 
(such as underwing 2,000 1. fuel tanks or under-fuselage 
additional stores). were the basis of slrenglhening the 
structure for the -t production aircraft 

Consequently, the MIRAGE 2000 structure capability 
has been raised up to 9 gin a wide range of interception 
and combat aircraft, and including an outstanding fatigue 
rrsistancc. 

In senice recorded data have been proassed, when 
considering the presented Nas histories effects, for 
defining the subsequent loading conditions of a f i t i p  
test of a production line random wing. Time life times 
haw been completed in March 93 Wore appearing thc 
fint cracks in their early stage. Ted is going ahead (a 
fourth lifetime and residual strength tats) for damage 
tolerance capability demonstration 
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THE ROLE OF FATIGUE ANALYSIS FOR DESIGN OF MILITARY AIRCRAFT 

bY 
R. Bochmana and D. Weisgerber 

Deutsche Aerospace AG, Military Aircraft Division 
Department LME 221 

PO Box 80 11 60, D-81663 Munich 
Germany 

1. SUMMARY 
A brief overview of the fatigue design method employed 
at DASA (Deutsche Aerospace AG) for combat aircraft 
is here presented. The efficiency of the fatigue analysis - 
as embedded in the overall design process - is discussed 
and compared with full scale testing. Furthermore, 
possible improvements in the method are suggested. 

INTRODUCTION 9 or the fatigue design of military aircraft most of the 
europan A/C industry has not adopted the damage 
tolerance procedure used by the US industry but stays 
with conventional safe life concept. Since the 
requirements are specified by the customer. i.e. the 
Ministry of Defence or Air Force, a generally g d  
confidence in the ‘safe life’ design may be presumed in 
Europe. However, a periodic critical review of the 
analysis methods should be performed, and finally a 
comparison of full scale test results and service 
experience with the initial predictions may lead to a 
revision or refinement of the analysis methods. 

A brief description of the fatigue verification process 
presently used at DASA is given below, and in particular 
the problem areas are discussed and possible improve- 
ments proposed. 

3.1 Requirements Specified by the Customer 
The fatigue life requirements specified by the customer 
or operator normally comprise of: 

-required service life 
- peace time missions including breakdown and 
configurations 

- manceuvre spectrum (provided as gexceedanffis) 
- safety factor (scatter factor) for test and 

analysis 

3.2 Analysis Methods Used for Metallic Structure 
In spite of many reservations expressed in numerous 
publications Miner’s cumulative damage rule is still used 
at DASA, and is obviously still the most widely used 
analysis method - certainly due to the simple and 
universal applicability. A study performed at DASA 

already in 1978 (Ref.1) revealed an acceptable accuracy 
for typical fighter aircraft spectra (Fig.1). 

m a .  Sbes [NlmmA21 

350 .................................... 
ispmvn:yspaun 
i u.uW:mxrmw 

300 

254-  

m -  

150 

100 

onpinal Miner e l m t a r  Miner 

unaab sah, -- 
cn -- . 

0.1 1 Teal Life 10 

Calculate3 Life 

Fig.1 Example for Minerh Rule mpared  lo Test ResulB 

A computer programme has been developed that uses 
the Weibull equation of the form shown below to 
approximate the S-N data. 

S = C1 + (C2 - C1) I exp(0gN I C3) c4 ) 
or 

1/c4 Ig(N) = C3 * (ln((C2 - C1) / (S - Cl))) 

where: 
S = nominal stress 
N = number of cycles to failure 

analysis of test results 
C1. C2, C3, C4 = constants derived by regression 

An example is presented in Fig2 

Programme inputs are the maximum and minimum loads 
of each discrete load step together with the occurrences 
in the spectrum. The stress level is determined by input 
of a scaling factor. In addition, an iteration routine 
allows a quick assessment of the stress level for any 
predetermined damage sum. 
If appropriate full scale or component test results of 
previous projects are available a relative Miner‘s rule has 
been frequently adopted for similar structural details. 
Thereby, a damage calculation is pe,rfonned with the test 
spectrum up to failure. From the database a S-N data-set 
is selected that best fits the structural detail of the test 
specimen as well as that of the structure U) be analysed. 

Presented at an AGARD Meeting on X n  Assessment of Fat@ Damage and Cmck Growth M i c t i o n  Techniques; 
September lW3. 
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The resultant damage sum for the test failure. is lhen also 
applied to predict the allowable stress for the structure. to 
be analysed. 

Fb.2 Example for S N  Curve 

3.3 S-N Data for Metallii Structure 
A sufficient database of S-N data is essential to analyse 
all type of structure. The S-N data are derived from 
coupon tests and cover: 

- standard aircraft material 
- geometric notches 
- riveted and bolted joints 
- lugs 
- other effects (e.g. welding, surface treatment, 
chemical milling etc.) 

Furthermore, test results of full scale tests and compo- 
nent tests are available. 

In this context the life improvement processes like shot- 
peening and coldexpanding of holes should be 
mentioned. The policy adopted is to use these processes 
not for initial design but as a cost-effective potential to 
increase the fatigue life of structure that failed during 
fatigue testing. 

3.4 Consideration of Temperature and Corrosion 
The effect of in-service environment on fatigue is 
considered to be negligible for most of the structure. It is 
assumed that the applied surface protection will 
sufficiently prevent corrosion and, if required during the 
service life a reprotection will be carried out. 
The temperature spectrum due U) aerodynamic heating is 
to be based on the peace time missions. A degradation of 
the fatigue properties in consequence of this spectrum is 

unlikely to be encountered for the typical aircraft 
materials. However, for areas close to other sources of 
heating, e.g. engines, a reduction of the fatigue 
characteristics must be takeo into account. 
Consideration is also to be given to the occurrence of 
thermal stress cycling as a result of temperature 
variations on different materials jointed together. 

3.5 Fatigue Analysis Policy for CFRP 
For CFRP srmcture, whether the Components are 
undamaged or predamaged (delamianations), fatigue 
analyses have not been performed up to present. 
The reasons are: 
- The design allowables (strains) are significantly 
below the allowables determined by fatigue. 

- Reliable analysis methods are not yet available. 
- Extensive fatigue testing of CFPR components under 
representative loading have neither shown MY 
development of damages nor the growth of 
artificially introduced delaminations. 0 

In spite of the superior fatigue properties of CFRP for 
future. projects consideration should be given to the 
following: 

-Repeated buckling of CFRP structure may cause 
fatigue damage. Therefore, buckling should be 
avoided up to the maximum service specmun load. 

- In the case of conventional joints failures have been 
observed at fasteners. 

- At repair patches, damage growth may occur - 
particularly under hovwet condition - if the bonding 
is insufficient. 

- Generally in CFRP structure, damage will develop 
under fatigue loading (Fig.3). Consequently, 
with changes of the design allowables or the life 
requirements the necessity of a fatigue analysis 
should be considered. 

,NF IFLLjMS TO FAlluilE, 

Fig.3 FaUgue Ufe Curve for CFRP 913CmW (Ref.2) 
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4. PRELIMINARY FATIGUE ALLOWABLES 
h d y  early in the development phase fatigue 
allowable stress levels are being established for the 
various parts of the aircraft The loading spectra used are 
either the g-spectrum for all aircraft structllre predo- 
minantly loaded in linear correlation to the load factor 
nz, e.g. wing box and large areas of the centre fuselage, 
or component spectra of previous projects modified, if 
required, to take into account obvious differences 
regarding the usage. 

The allowable stresses are usually given in nominal 
stresses in the net section. They are presented in a 
graphical form stress vs. stress concentration factor Kt 
(Fig.4) or as allowable stress levels for typical riveted 
and bolted joints and also for lugs of various geometries 
and sizes. 

: Svesp dspsd on net &and area i 
j Nom: hmit and uiiifi!ale &tic : 
: requlnn" .nsbobemel  : 
........ ....... ;... ... ..; ....... ........ 

................................................. 

: Material: .... ...... ....... ........ : ; 7075 n351 .I 

a 1  i : \  

j \...I - 
3,- L..... .......... i ? ................. % cn .- 
E m 
U 

100 1 . 1 . 1 . 1 . 1 .  

1 1.5 2 2.5 3 3.5 4 

Kt (Stress Concentration Factor) 

0 m.4 AllowableStre~svs.Kt 

For the major load carrying components, e.g. fitting of 
winglfuselage attachment, the results of early develop- 
ment fatigue tests are used for final design or, a read- 
across from previous tests on components of similar 
structure and material is possible. 
Generally, the early assessments of fatigue allowables 
have a tendency to be pessimistic. 
As soon as more accurate loading spectra are available, 
particular from computer simulations of typical 
manoeuvres, the allowables are updated. 

5. USE OF FATIGUE ALLOWABLES 
Since commonly FEM calculations are performed only 
for load cases that are defined by static design 

requirements these have to be used also for fatigue 
design. If the most severe load case for a pridcular 
componens covering the whole. flight parameter 
envelope, would be chosen for fatigue design, an 
arbitrary conservative result would be achieved. 
To avoid extreme conservatism. those I d  cases ere 
selected for use. in conjunction with the fatigue 
allowables which lie within the envelope of the peace 
time missions. The main parameter to be consided are 
load factor nz, roll rate, mass, configuration, altitude and 
speed. Since the envelope for static design is much 
wider it is often difficult to identify suitable cases. In 
practise those cases close to the envelope of the mission 
requirements are included. However. 'exotic' cases that 
are unlikely to occur during the aircraft life of the 
majority of the fleet are deleted. 
A further problem is the occurrence of combined 
stresses. In this case the maximum principal stress is 
used in conjunction with the fatigue allowables. 
The fatigue allowable stress has to be compared with the 
calculated stress of the considered section and should 
give a ratio Sallow/S >= 1.0 which may be regarded as a 
measure for the fatigue quality. 

It is the stress engineers responsibility to apply the 
allowable stress correctly during stress analysis. Advice 
from the fatigue specialist is available whenever 
requested. For the major load carrying components the 
involvement of the fatigue specialist is mandatory. 

6. DETAILED FATIGUE ANALYSIS 
The major structural components and joints are usually 
subjected to a detailed fatigue analysis using final design 
information with regard to: 

- loading spectra 
derived from manoeuvre simulations and using 
raintlow counting method 

using detailed stress assessment or strain 
gauge measurements obtained from full scak 
static test or early strain gauge readings from 
the full scale fatigue test 

- stresses 

Since the analysis is performed late in the design 
progress a shortfall in predicted fatigue life can have a 
considerable effect on the structural qualification 
process. 

7. QUALIFICATION TESTS 
At the end of the fatigue verification process a full scale 
airframe test will prove the accuracy of the fatigue 
design and form the basis for the in service fatigue life 
monitoring. The test loading has to be based on the 
customers requirement. The load simulation covers all 
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load variations that are likely to effect the structural 
fatigue life, including manoeuvres, gusts, buffet. 
airbrake operations, landing impact and ground 
operations, cabin pressure and also tank and air intake 
pressure. In Fig. 5 an example is shown for the test 
loading of an unsymmetrical manoeuvre that is obtained 
from a computer simulation. The manoeuvre is 
represented by the time slices 1 to 4. 

Fig.5 Test Simulah of an Unsymmetrical 
Manoeuvre 

Due to economic restrictions buffet and gusts are usually 
tested in a simplified manner on a damage equivalent 
basis. Also the tank and air intake simulation is 
simplified with the purpose to achieve locally a 
reasonable superposition of loading caused by 
manoeuvre and pressurization. 
Besides the full scale airframe fatigue test a number of 
component qualification tests are required for those 
items which are not embodied in the airframe test 
specimen, or replaced by a dummy, or not 
representatively loaded. 
Failures during fatigue qualification testing usually 
induce a modifications of the relevant structure. The 
immediate embodiment of the modification in the test 
specimen is the preferred solution. If ah unrepresentative 
repair is embodied in order to carry on testing the life of 
the modification has to be qualified separately. 

8. IN SERVICE FATIGUE LIFE MONITORING 
Once in m i c e  the fatigue life of the individual aircraft 
life will be monitored relative to the qualification tests. 
This requks the installation of a sophisticated fatigue 
life monitoring system. 

9. CRITICAL REVIEW OF FATIGUE 
VERIFICATION PROCESS 

9.1 General 
The quality of the asSessment of fatigue allowables is 
largely affected by the availability of sufficient accurate. 
loading spectra for the individual parts of the aircraft. 
Consequently, the fatigue specialist always attempts to 
use the best available information during development 
progress. If the derivation of a particular spechum is 
doubtful, then usually a somewhat pessimistic approach 
is applied. On the other hand, in order to accomplish the 
aircraft mass requirements also the fatigue specialist is 
often encouragd to give up the 'pessimistic assumption', 
whether or not this will fually prove to be hue. The 
problem encountered during early development may be 
emphasized by the histogram shown in Fig. 6. 

Fig.6 Chronology of Fatigue Verification Procsss 

Also the stress engineer who has to apply the fatigue 
allowables is faced with the problem of tight time 
schedules and the need to perform detail stress 
calculation for areas recognized to be dimensioned by 
the fatigue allowables. 

Another point worth discussing is the fatigue analysis 
method used. It is certainly disappointing to realize that 
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today in principal the same approach is used as more 
than U) years ago (Ref. 5 to 9). 

However, if reviewing the proposed alternatives during 
this period only the local strain concept Seems to have a 
promising prospect The reasons why it is not used 
during the development phase are simply: 

- a large portion of fatigue critical sections are joints 
where the local strain concept has not yet proved to 
be applicable. 

- a general superiority compared to the nominal stress 
aspproach has not always been achieved (Ref. 3 ). 

In Fig. 7 to 9 some statistical evidence derived from the 
full scale fatigue test f a  the TORNADO aucraft is 
presented. 

0 

0 

FQ. 7 DLstlbulbbn of D- in Majw 
Structure P m  (Rel. 4) 

A 

Ir 

Fig. 8 Type of Dam- (Ref. 4) 

A 

Fg.9 Disbibution of FaUgue Cracks 

9.2 Major Load Carrying Components 
The major load canying components in general receive 
special attention with regard to detail fatigue design. 
The loading spece~n  is usually of goOa ~ccuracy and 
early development tests - static and/or fatigue - are often 
performed and necessary modifications can immediately 
be introduced into the design. Therefore, no significant 
fatigue problems are encountered for these components. 

9.3 General Structure 
Whenever an unexpected failure occurs during a full 
scale test or in service. the question has to be raised: 
Why has the criticality not been recognized during the 
design stage? 
It is common experience that a wnsiberable number of 
unexpected cracks will develop during full scale testing 
in sections that had not been identified to be critical. A 
few of them may be attributed to unpredictable assembly 
stresses or internal stresses due to manufachuing 
processes or even to excessive scatter of fatigue 
properties in a particular material. However, for the 
majority of cracks the problems must be wced back to 
the fatigue analysis process. 
An attempt has been undertaken to survey and 
categorize the fatigue cracks developed during the 
TORNADO major aircraft fatigue test. The graph in 
Fig.10 contains the cracks discovered on the centre 
fuselage up to 12000 simulated flight hours (75% of the 
required test life). 
FTO~ IIUI gnph it can clearly be seen that a large portion of 
the fatigue critical sections were not recognized because 
the suess analysis was not sufficient, whether it was not 
detailed enough, or the FE model inaccuraI.2, or for 
whatever reason. Another considerable portion was 
categorized to be 'bad delail design'. The majority of 
these details are secondary smcture and therefore, the 
structural integrity of the aircraft is not directly affected 
Nevertheless, since inspections, repah or modifications 



may be necessary these are important from an economic 
point of view. 

or loo optlmiinf I 
Fig.10 Reasons for Not Recognizing the Fatigue 

Critical seclions (Survey of Cmtre 
Fuselaw only ) 

The number of failures traced back to 'fatigue analysis' 
and 'load spectrum' are fairly small. An explanation for 
the latter is probably the tendency to use pessimistic 
assumptions if the spectrum is not clearly defined. 
Finally, the fatigue analysis method obviously plays a 
minor role with regard to the results of the full scale 
fatigue test. 

10. DISCUSSION 
If it is assumed that the above findings about unexpected 
fatigue failures are typical for A/C design, at least for a 
similar type of aircraft, then some essential conclusions 
should be drawn. 

Loading Specua 
As initially mentioned the basic loading spectra and in 
consequence the local spectra used to assess allowable 
stresses are usually in an accuracy range of good to 
conservative compared to the final definition applied to 
the full scale testing. However, care should be given to 
structural areas significantly loaded by spectra of 
different sources, e.g. manoeuvres and landing loads, to 
account for changes of mean load in the load history. 
Today, computer simulations of flight manoeuvres allow 
the generation of spectra for the major loading actions, 
including the loading and movement of control surfaces. 
Unfortunately, the computer models are generally too 
late available as to form the basis for the assessment of 
the fatigue allowable stresses. 
As a consequence, it would be desirable to obtain early 
in the development phase computer simulations of 
acceptable accuracy. Complete load sequences 

according to the mission requirements could then be 
built up and used for fatigue analysis. 

Stress Analysis 
The stress analysis was found to give the major 
contribution to the unrecognized fatigue critical 
sections. This is rather disappointing since it is common 
opinion that the FEM analysis is an excellent tool to 
determine the strength of the structure. However, 
obviously it is not always successful for fatigue design 
and therefore, an attempt is made to investigate the 
reasons: 
Since the total shvcture will be represented by a mesh of 
finite elements an important criteria for accuracy is how 
fine is the mesh. Does it sufficiently cover details, 
particular in a complex structure. For a number of cracks 
this was not the case and the criticality was therefore not 
recognized, as has been shown by strain gauge 
measurements on the full scale specimen andlor fine 
mesh recalculations for the relevant sections. 
Another difficult problem is the representation of join 

embodiment into the model. The effect of stiffness 
deviations on the overall accuracy may have caused 
some of the fatigue failures. 
Furthermore. the suess engineer has to pdnsfonn the 
loads or strains/saesses of the finite elements into 
nominal stresses which have to be compared to the 
fatigue allowable stresses. For a complicated structure 
this is not an easy job and requires experienced 
engineers. An early assistance from the fatigue specialist 
may be helpful in many cases. 

It IS obvious that each of the above mentioned points can 
lead to either over- or underestimating of stresses and 
consequently, in the case of underestimating a fatigue 
problem may be encountered. A suess analysis error in a 
member of a statically indeterminate structure with 
multiple redundancy can - to some degree - be tolerated 
from a static strength point of view since during sta 

deformation occm. However, in case of fatigue loading 
- which represents the inservice loading - the full load 
spectrum will normally be acting and fatigue damage 
according to the correct stress level will be accumulated. 
Finally, also a non-technical aspect should be 
mentioned. Since often a tight time schedule is pressing 
the stress engineer to release the drawings, he may 
sometimes primarily check the static strength and - 
knowing the problems of predicting accurate local 
fatigue svesses - be forced to rely on the results of the 
full scale fatigue test. 

Defarl Design 
With increasing complexity of the structure also the 
danger of unfavourable detail design increases. A great 
deal of knowledge and expenence regarding optimum 
design against fatigue is required to avoid these fatigue 

The stiffness of the joints have to be predicted I!@ 

testing the load will be redistributed as soon as nonlin e!? 
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problems. A 'feeling' for load flow, structural 
deformation and material capability are important to 
deal with complex structures. 
Comprehensive information in the design handbook are 
certainly of great help, particular for young design 
engineers with little experience. 
In spite of all precautions taken to avoid these. failures 
happening it is certainly wise to accept that a perfect 
detail design throughout the complete structure will 
remain a dream. 

Fatigue Analysis 
The fatigue incidences atbibuted to incorrect fatigue 
analysis am dominated by a typical crack pattern. The 
cracks developed in the flange of a frame, perpendicular 
to the short transverse direction. Thus, the degradation 
of the fatigue properties in the ST direction has been 
disregarded. Therefore, cam must be taken not to miss 
any structural details that are detrimental to the fatigue 
characteristics. 

hether for a safe life design Miner's rule will s o n  be w uperseded by a more sophisticated method remains 
doubtful. Further improvements or modifications of 
Miner's rule - e.g. adjustments based on results of flight- 
by-flight component tests - seems to be more likely. In 
this context the generation of an international database. 
(as proposed previously, Ref. 10.1 1) covering flght-by- 
flight test results for structural details and also for full 
scale specimens would be gready appreciated. It should 
contain all information necessary to allow the re- 
analysis of the test failure. Thereby, it will be possible to 
adjust the relevant analysis parameter. 

11. CONCLUDING REMARKS 
For the major load carrying parts, attracting special 
attention with regard to fatigue, generally no significant 
problemsare expected for the fmal built standant. . 

r general structure it can clearly be concluded that the v atigue analysis alone is by far not the weakest link in 
the total fatigue verification process, at least fora fighter 
aircraft. The main potential for improvement can be 
assumed in the stress analysis field. In consequence of 
the problems discussed also a change in design principle 
from ' d e  life' to 'damage tolerant' would 'not 
automatically result in an improved efficiency of the 
analysis. This does, of course, not question the basic 
differences between the two philosophies. 
As an obvious conclusion it has to be repeated that 
comprehensive full scale resting of the total airframe or 
components remains an essential part of the fatigue 
verification process. 
However. for present and future projects a gradual 
improvement of the analytical pan of the fatigue 
verification process is expected. Thii optimistic outlook 
is mainly based on the fast development of computer 

software. and associated tools used in the disciplines 
loads, suess and fatigue analysis. 
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DAMAGE TOLERANCE MANAGEMENT OF THE X-29 VERTICAL TAU. 

bY 

J. HMer 
Wright Laboratory 
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Dayton,OH 45433 
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SUMMARY 

During high angle-of-attack (am) less than 25 degma, the 
X-29 experienced severe vertical tail buffet Fin tip accelerome- 
ter data exceeded 110 g‘s at approximately 16 Hz. The US. 
Air Force Flight Dynamics Directorate was asked to provide 
technical support to ensure that the entire X-29 flight test 
program muld be safely mnducted. 

The Flight Dynamics Dirsmrate transitioned an in-house 
@evelop.d uadt growth life pdiction program (MODGRO - 

Ref 1) to the X-29 pmgram office and NASADryden as well 
as extensive mhnical support. Three dimensional aack 
gmwth analyses were mnduded between flight days to track 
possible damage growth based on a w l  strain data mlleded at 
critical areas of the vertical tail. The entire high am flight test 
program was mmpleted as planned using MODGRO to predict 
damage accumulation and used the data to manage flight 
maneuvers to maximize useful flight data and minimize 
swctoral risk. 

A follow-on flight test program was conducted with the X-29 
to assess Vortex Flow Control. Repair to the tail was required 
to complete this mission. Analysis and verification testing of 
the repair was performed by the Flight Dynamics Dirstorate. 
At the end of that flight test program, less than 10% of the 
repair life was used. 

1 BACKGROUND 

w y  current high performance aircraft have experienced 
vertical tail b a e t  at high aoa. Under high aoa mnditions, 
turbulent air flow from the airaaft foreboay can impinge on the 
vertical tail causing high frequency loading. This buffeting 
action has the potential to severely reduce the service life of aft. 
vertical mntml surfaces. The X-29 demonstrator aircraft #Z 
first encountered significant vertical tail buffet on 9 May 1990 
during flight #42 at angles-of-attack between U) and 35 
degrees. lhis buffet mndition occurred for 15 semnds and 
resulted in fin tip aderat ions in ua?-ss of 110 g’s and a 
dominant first bending mode of 16 Hz. This mndition resulted 
in vertical tail loa& approaching their design limita and the 
decision was made to temporarily avoid this flight mndition. 
However, this decision severely impacted the X-29 flight test 
program since militmy utility flighta were to be mnduded at 
high am to demonstrate the manewerability of the aircraft. 
Damage tolerant analyses of the tail were pformed for the 
assumed mnst critical location to estimate the crack growth life 
of the vertical tail at various g levels. An initial flaw size of 
0.03 inch was chosen based on field experience and mofidem 
with existing non-destructive evaluation (NDE) methods. In 
this case, an eddy cumnt inspection method was used. 

preliminary analyres established inspedion intmals at the 
mast critical areas of the tail. These analyacs used the limited 
fin tip acceleration data that was available for the tail and a 
simple transfer function to estimate local atteas levels. 
Additional strain gage instrumentation was installed on the 
vertical tail while the aimft  was down for it’s next scheduled 
maintenance and streas analyses were performed to determine 
the adual stnssea at several locations on the tail. lbese 
analyacs were then conelated with subsequent flight kat data 
and more detailed uack growth pdicfiona were performed to 
more aecunrtely establish the damage tolerance of the vertical 
tail. 

2 AF’PROAM 

Analysis of the in-flight accelerometer data during b a e t  
revealed that the vertical tail was primarily uperienang the 
tirst bending mode at a natural frequency of 16 Hz. There 
was some indication of the %em& bending mode and first 
torsion mode at higher frequencies but at much lower 
amplitudes. Several areas of the tail were mnsidered as 
passible areas for aack initiation and growth (FIGURE 1.0). 
but the aft mot fitting (location #4) was mnsidered to be the 
most critical since the tail wsa primarily being loaded in pure 
bending during buffet. The aft tail mount waawnsidend to 
be mnst highly loaded due to the fact that the tail is swept aft, 
shifting the center of -unr and mass toward the rear 
fitting. This waa supported by static test data supplied by the 
manufactum (Grumman). Gnrmman also supplied a transfer 
fundion dating fin tip acceleration to streas at the aft fitting. 
This was ammplished by relating acceleration to deflectinn 
and deflstion to root bending moment and finally to the B ~ Q S  
section streas in the aft attachmenl The 15 sewnd fin tip 
d e r a t i o n  trace obtained during flight #42 was normalized 
(FIGURE 2.0) and used as a loading spedrum for crack 
gmwth analysis. Various maximum g levels were modelled 
by multiplying the normalized spectrum by the stress level 
"spending to a given acceleration. 

Prior to performing any damage tolerance analysis for the aR 
tail attachment, a reasonable initial crack length must be 
assumed. The assumed s u e  should, of course, be large 
enough to have a high probability of detection. Sime NASA 
had safety of flight responsibility for the aircraft, they were 
responsible for any type nf airuaft inspection. It was 
determined that eddy w r e n 1  inspections w u l d  be performed 
at three loetiom on the tail (locations 3,4. and 6 -FIGURE 
1.0). Inspeainns of a r m  1 and 2 would have required the 
removal of blind fasteners which had a higher probability of 
causing uack initiation than the buffet loads. Location #5 
was mnsidered less critical than location #4. The NASA 

Presented at an AGARD Meeting on X n  Assessment of Fatigue Donurge and Cmck Growth Prediction Techniques; 
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inspector initially daimed to be able to detect any flaw larger 
than 0.005 inch usinga hand held probe inside fastener holes. 
U.S. Air Force wtperience has indicated that a more realistic 
sue  is on the order nf 0.03 - 0.05 inch. After discussions with 
NASA and GRlmman engineers, it was decided to use the Air 
Force crack gmwtb prediction program, MODGRO, assuming 
an initial 0.03 x 0.03 inch mmer flaw at location #4. It was 
also agreed that an immediate inspection of locations 3,4, and 
6 would be conducted and subsequent inspections would 
follow if and when the time spent in huffet exceeded 1/2 the 
predicted time to failure for the highest fin tip acceleration 
measured since the last inspection. The predicted life (time in 
buftet) is shown in FIGURE 3.0 as a function of maximum g 
level. This approach was very conservative assuming that 
location X4 was indeed the most critical location, but it was 
felt that the limited available data warmnted a mnservntive 
approach to assure safety. In any case, this approach retumed 
the airanft to flight at high am?. 

While the above approach returned the X-29 to high aon flight, 
subsequent flighta and frequent inspections demonstrated the 
need to obtain more. data to remove some of the mnswatism 
from the analyses. While the aircraft wns nearing the next 
standard 100 hour overall inspedion, Air Force, NASA, and 
Grumman Engineas decided to install strain gages covering 
all six critical areas on the right si& of the tail during the 
scheduled down time. These gages would pmvide detailed 
strain information for these locations. G N ~ ”  wns mntracted 
to perform stress analyses for each location and used flight test 
data from the new gages to calibrate their analyses. Flight #S 
was the first flight after the inshllation of the gages and was 
flown at low am? to obtain less dynamic slrain for calibration 
purposes. Flight #7 was the next flight in which a 25 ssond 
buffet event occurred at high aoa. TABLE 1.0 shown the 
maximum strains and calibrated notch stresses for this event. 
As can be seen, the initial assumption that location W was the 
most critical location was incorrwt. In fact, applying the 
rule-of-thumb that Ibe d i f f m c e  in crack gmwth life is 
approximately equal to the cube of the stress ratio in aluminum 
results in a factor of 27 behveen the life at location #4 
compared with location 112. Location 112, which is just above 
the drag chute bracket, is non-inspectable in practice since 
blind fasteners must be drilled out for inspection. A detailed 
view of location 112 is given in FIGURE 3.0. Grumman 
engineers performed both crack initiation and anck growth 
analyses for location 112 using the 25 seamd buffet event. 
Constant load amplitude test data for 2024-TS51 aluminum 
(X-29 tail material) mupom with open holes were also 
available f” Grumman. These data provided cydes-to-failure 
information at several load levels. Since Grumman is 
primarily a U.S. Navy contractor, their aircraft are generally 
certified by crack initiation analyses. Since the Air Force 
requirea damage tolerant analysis for safety of flight, MODGRO 
was wed to determine an initial mmer crack size that would 
yield a predicted life matching the Grummnn test data. The 
resulting initial crack length was 0.01 inch for the 2024-TS51 
aluminum skin material. this size also happens to be the snme 
as the generally accepted size defining crack initiation. This 
was pure coincidence since a much smaller initial crack size is 
usually required m predid total life with damage tolerant 
analysis alone. However. this material is relatively brittle and 

Grumman had also predicted a short initiation time for the 
flight 467 m n t .  In lieu of any inspection of location #2, an 
initial 0.01 x 0.01 inch initial mmer crack wns assumed at the 
lower fastener hole (FIGURE 4.0). Since all locations on the 
vertical tail are matched on both the I& and right side, the 
event in flight #7 was dm inverted to model the loads on 
both sides of the tail. Tbe mean stress was rarely zero, 
probably due to the fact that at various ma, left or right 
rudder are applied to maintain heading or perhnp the vortioes 
favor one side over the other. The strain trace from flight #57 
is given in FIGURE 5.0. The minimum crack growth life 
from the initial flaw size was predicted to be 330 repeats nf 
the buffet event seen in flight #57 (FIGURE 6.0). Afta more 
discussions between Air Force, Grumman. and NASA, a life 
of 165 repeats of the event was agreed on to provide a safety 
factor of two for the analysis. l ime in buffet prior to flight 
#7 was counted by using the flight #7 event, mrrelation 
between maximum stress at location 112 and fin tip 
acceleration, maximum s t m s  ratio between previous events 
and flight 457, and the time spent in buffet in the previous 
flights. Once the mmlation between streas at loation 112 
and fin tip acceleration was determined. the equivalent tim 
in buffet (based on flight #7) for each previous flight was 
determined as follows: 

9 

Equiv. l ime = [Max Stress/Flt 57 Max Streas]’x Buffet l ime 

A review of previous flight test records resulted in 
approximately 45 equivalent buffet events up to flight #57. 
Therefore. after flight 67, approximately 30% of the tail life 
was used. 

A special version of MODGRO was supplied to NAWDryden 
to be used to predid crack extension using actunl flight test 
data. Between flight days, buffet stress data was down 
loaded to an IBM mmpatible PC and aackgrowth predictions 
were made using both the given and inverted versions of the 
stress spectra. C?a& growth was predicted from the last 
predicted crack size and each speceum was input twice to 
provide a safety factor of two on life. The most conservative 
prediction was used as the new crack size. To provide a 
metric for the perceot life expended, the crack growth curve 
for flight #7 was used as a reference in that the number of 
repeats of the flight 6 7  event mrresponding to the current 
crack sue  was divided by the life (330 repeab). The ainraft 
mmpleted the original flight test program at approximately 
96% tail life. A suand flight test program was desired to 
study the potential of vortex flow mnlrol to supplement the 
vertical tail yaw mnbol. The fasteners at location 112 were 
drilled out, eddy current inspecled, reamed 0.03 in, 
re-iwpected, mldworked, and interferenoe fit fasteners were 
re-ir6talled. The Air Force Flight Dynamics Directorate 
conducted a test program to verify the repair and developed 
new input data files for MODGRO. Thedamageaccumulation 
from an 0.03 inch initial corner flaw was tracked by the Air 
Fora  program office. Crack growth predictions were not 
made as frequently as wns done previously since the repair 
was mnsidered better than the original structure. At the end 
of the program appmximately 7% of the repair life had been 
expended. 
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Ihe X-29 demonstrator airaaft was not designed using 
damage tolerana requirements, but after the tail buffet 
problem was dismvered, it was possible to employ the damage 
tolerance philosophy to provide a means to continue the 
program safely. Without the use of damage toleranoc analysis 
methods, it is extremely doubtful that the responsible organiza- 
tions (NASA, US. Air Force. and Grumman) would have 
continued o p t i o n s  under high aoa conditions. Although 
location #4 was not the most critical loartion, the u8c of a 
mnsuvative initial appmacb quickly led to the dismvery of 
the high notch stress at loation U2. Ibe subsequent detailed 
analysis of location U2 provided a means to manage future 
flights. I b e  Air Fom and NASA used MODGRO as I tool to 
manage the X-29 test program after flight 6 7 .  More severe 
flights were moducted earlier than they would have been and 
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experience gained f” &in manewus allowed them to 
be modified or deleted to complete other important mm of 
the aimft. It is very difficult to quantify the success of the 
damage tolerant design philosophy by pointing out aimaft 
that haw not u p e n e n d  a obudunrl failure. Howevez, it’a 
use in the X-29 program has dearly k c n  invaluable. 
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TABLE 1.0 : F l i t  Test Results 

Strain (micro-inch) Knotch 
Gage Flt 55 Flt 57 Stress (ksi) 

91033 
91034 
91035 

91029 
91030 
91031 
91032 

91026 
91027 
91028 

91037 
91038 
91039 

Fwd Pedestal 91040 
(5) 91041 

Upper Hinge 91024 
(6) 91025 

680 
610 
580 

170 
820 
900 
1160 

300 
400 
500 

650 
620 
520 

590 
980 

290 
200 

16.1 
700 
600 
600 

600 
1500 
1500 77.5 
2000 

1200 
1200 19.0 
1300 

700 
700 24.4 
800 

500 
850 

900 
700 

17.9 

32.0 



FIGURE 1.0 : Vertical Tail Critical Locations 

1025 cycles 
15 Second Event 
68.3 CyclesISecond 

FIGURE 2.0 : Flight #42 Fin Tip Accelerometer Trace 
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FIGURE 3.0 : Att Tail Mount @cation #4) Crack Growth Life 

FIGURE 4.0 : Detailed View oCLoeation #Z 
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532 Cycles 
25 Second Event 
21.3 Cycles/Second 

FIGURE 5.0 : Flight #57 Strain Gage 91032 Trace 

Flight #57 Events 

FIGURE 6.0 : Total W e  at Loration #Z 
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HARRIER 11: A COMPARISON OF U.S. AND U.K. APPROACHES TO 

1. SUMMARY 

FATIGUE CLEARANCE 

F S Perry 
British Aerospace Defence Limited, Military Aircraft Division 
Hertford House, PO Box 87, Farnborough Aerospace Centre 

Farnborough, Hants, GU14 6YU, UK 

The different approaches adopted for thc fatigue 
clearance of the Harrier I1 in United States Marine 
Corps and Royal Air Force usage are discussed. 

Brief accounts are given of the impact differing 
analysis methodologies and national airworthiness 
requirements have had on fatigue design. test and 
monitoring of the airframe. 

2. INTRODUCTION 

Harrier I1 is a general name adopted for the second 
generation aircraft evolved from the Harrier 
GR.Mk. 1 airframe designed by Hawker Siddeley 
Aviation (HSA) at Kingston upon Thames in Surrey, 
England. The GR.Mk. 1 (later re-designated the 
GR.Mk.3) design was itself founded on extensive 
experience gained from its forerunners, the P. 1127 
and Kestrel aircraft. 

The design of the Harrier I1 was initiated in response 
to a United States Marine Corps (USMC) 
requirement for an aircraft with payload and radius 
capabilities superior to those of the USMC version of 
the GR.Mk. 1, the AV-8A. The new aircraft, 
designated AV-8B, was developed by the McDonnell 
Aircraft Company, MCAIR, as prime contractors, 

sub-contracted to design and produce the aft-centre 
and aft fuselage. 

8 with HSA (now British Aerospace, BAe) 

The Royal Air Force, RAF, had a similar requirement 
for a VSTOL-capable aircraft to replace its fleet of 
Harrier GR.Mk.3, aircraft and decided eventually to 
purchase the AV-8B aircraft, essentially as an existing 
design. In the RAF the aircraft was re-named the 
Harrier GR.Mk.5. 

This Paper examines the considerations given to 
fatigue in the structural design and clearance of the 
AV-8B and the policies adopted in the UK to ensure 
safe operation of the Harrier GR.Mk.5 aircraft in RAF 
operational duties. Particular attention is paid to areas 
where the US and UK approaches contrast as a result 
of separate airworthiness requirements and differing 
methodologies evolved by the design authorities. 

3. DESIGN AND CLEARANCE AGAINST 
FATIGUE - HARRIER I 

The structural design of the Harrier GR.Mk. 1 aircraft. 
which entered service with the RAF in the late 
1960’s, used the results from a full scale fatigue test 
of the prototype aircraft. the Kestrel, Fig 1. 
supplemented by numerous tests of detail parts. 
systems and assemblies. There followed fu l l  scale 
tests of the single and two-seater aircraft at HSA’s 
Kingston plant. All stages of this process were guided 
by the UK airworthiness requirements contained in 
Ref 1. 

The primary consideration in the design was one of 
minimum weight, although a 3000 hour fatigue life 
was specified. A limited fatigue evaluation was 
carried out at the design stage, but mainly 
concentrated on detail design to ensure that the life 
requirement was achieved. This course proved to be 
highly successful as the full scale fatigue tests went 
on to demonstrate that the airframe had an endurance 
twice that specified. 

While specific fatigue calculations were restricted in 
scope during design, a clear value was seen in 
analysis of data from the fatigue tests. Accordingly, 
the results were the subject of detailed fatigue 
analysis using Miner’s cumulative damage rule and an 
S-N equation for bolted joints derived by the Royal 
Aeronautical Establishment (Farnborough), RAE(F), 
Ref 2. 

The substantial work, Ref 3, published in 1962 by a 
former RAE employee, RB Heywood, which 
correlated an extensive range of fatigue data, formed 
the basis for more refined analysis techniques adopted 
by HSA Kingston. In 1968, a summary of the 
empirical S-N equations was compiled with a view to 
formulating a comprehensive procedure for the 
fatigue analysis of airframe components. This later 
became practicable with the introduction of 
mini-computer technology and a program was 
developed offering a wide range of analysis facilities. 

The principal input data to the program were: 

o stress concentration factor 
o notch mot radius 
o nominal mean and alternating stresses 

Presented at an AGARD Meeting on An Assessment of Fatigue Damage and Cmck Growth Prediction Techniques; 
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The endurance of the notched component was 
obtained for the given stresses by an iterative process 
using master diagram (constant life) data for the plain 
material and complementary strength reduction 
relationships for the notched alloy. 

When interpreting the results of testing, nominal 
stress levels or parameters within the generalized 
cquations were modified to 'fit' the S-N data to a 
known test failure point. By this 'calibration' of the 
equations. read-across to in-service aircraft could be 
effected. Fig 2 illustrates manipulation of the S-N 
curve by, in this instance, variation of stress 
concentration parameters. 

Fatigue life predictions, using available S-N data 
without the benefit of full-scale fatigue test results. 
were shown to be unreliable. This was variously 
attributed to inadequate knowledge of the critical 
location, the local stress distribution and the spectrum 
of applied loads (which would also preclude full-scale 
testing). 

4. DESIGN AND CLEARANCE AGAINST 
FATIGUE - AV-8B 

The Detail Specification for the AV-8B. Ref 4, stated 
that the aircraft should have a fatigue life of 6000 
hours. In order to meet the enhanced payload and 
range requirements, substantial changes were required 
to the structure of the Harrier I on which the aircraft 
was broadly based. The new design took account of 
Harrier I test and in-service data, an AV-8A service 
life extension programme (designated AV-8C) and 
experience gained from a prototype aircraft, the 
YAV-8B. 

The requirements necessary to prove that the design 
would meet the specified fatigue life were set out in 
Ref 5 and were founded on established US military 
specific at ion requirements , Ref 6. 

The principal materials used in the airframe are shown 
in Fig 3. The structure comprised conventional 
metallic assemblies complemented by extensive use 
of composite materials, particularly in the forward 
fuselage, wing and tailplane. The use of the new 
materials in major airframe components required that 
a design and clearance programme for composites 
was developed in addition to the more traditional 
routes adopted for the metallic structure. 

4.1 Fatigue Spectra 

,Data gathered from USMC operations of the AV-8A 
fleet and YAV-8B aircraft were used to assemble an 

AV-8B normal acceleration spectrum. The following 
key requirements set out in the Detail Specification 
for the AV-8B directed this process: 

o "Mean + 30" normal acceleration spectrum 

o 9: 1 ratio of symmetric to aysmmetric manoeuvres 

o maximum wing up-bending moment flight condition 

o a flight-by-flight test sequence 

Fatigue meter data were collated and a mean normal 
acceleration spectrum generated for the AV-8A fleet. 
A 1000 flying hour AV-8B spectrum was derived by 
increasing the count at each fatigue meter level by 
three times the standard deviation for that level. This 
"Mean + 30" spectrum, shown in Fig 4. formed the 
basis for much of the design and testing of the 
AV-8B airframe. 

The thud requirement of the Specification was e 
significant. A "worst-point-in-the-sky" condition, 
based on the maximum wing up-bending case, was 
stipulated which applied loads that generally would be 
higher than those routinely encountered in service. 
This ostensibly conservative approach enables a 
reduction in duration of qualification testing and is 
the major difference between US and UK 
philosophies. A test factor of two - and so a duration 
of 12000 hours - was agreed by the customer's 
technical authority, NAVAIR, lo cover scatter in 
fatigue performance of the metal structure. 

In design calculations a factor of four was applicable 
where testing would determine the true life of 
structure, where no testing was scheduled a life factor 
of eight was applied. 

4.2 Design Calculations - KtDLS Approach 

In the design of the AV-8B, the resistance of the 
structure to fatigue loadings was a major 
consideration. Numerous fatigue calculations were 
performed and for many components fatigue 
strength, rather than static strength, was the overriding 
design criterion. To avoid the need for repetitious, 
complex and time-consuming damage calculations on 
every component of the critical structure, a system 
based on allowable stresses was employed. This 
enabled engineers not fully conversant with the 
intricacies of fatigue analysis to apply a checking 
procedure similar to that used in routine static 
stressing. 

Component stress spectra anti allowable stresses were 
generally developed by the process shown in Fig 5 
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0 

for each critical component of the airframe, Table 1. 
The allowable stresses were derived as "KtDLS" 
values (DLS = Design Limit Stress) to provide a 
measure against which the combined stress 
concentration (Kt) at a notch and peak nominal stress 
in the region could be compared. 

TABLE 1: AV-8B COMPONENT FATIGUE 
SPECTRA LOCATIONS 

W ing/Fu se1 age 
Flap 
Aileron 
Inboard pylon forward wing back-up fitting 
Forward Fuselage 
Cockpit crosstie 
Lids fence 
Aft Fuselage - Frame 40 to 43 area 
Rudder top hinge 
Stabilator 
Vertical tail 
Main landing gear 
Nose landing gear 
Outrigger landing gear 
Speedbrake 
Outboard pylon 

The fatigue analysis used in the calculation of these 
allowables was based on local strain analysis, using 
Neuber's rule, Ref 7, supported by a sizeable series 
of laboratory fatigue testing to establish stress-strain 
and strain-life data. Further element testing provided 
substantiation of the fatigue life prediction 
calculations. 

The use of local strain methodology in preference to 
traditional S-N based data for fatigue analysis was 

procedures. But in this case, the difference was matter 
of company methodology, rather than national 
airworthiness requirements. 

another area of divergence from UK (HSA) 

4.2.1 A Brief Overview of the Local Strain Method 

Local strain analysis is a more rational basis for 
fatigue analysis than calculations based on nominal 
stress, as the degradation of a metal by fatigue is 
initiated by microscopic, irreversible, displacements 
within the material. The analysis attempts to model 
the strains of the material at a notch, taking account 
of local yielding and, if the load history is preserved, 
residual stresses from' previous cycles. 

The input data required to estimate the time to crack 

initiation (assumed when crack reaches 0.25 mm) 
are: 

o nominal stress history 
o elastic stress concentration factor 
o stress-strain parameters 
o strain-life parameters 

Strain-life data are obtained from tests of plain 
specimens under strain controlled conditions. The 
method assumes that the specimen is representative 
of the behaviour of material at the root of a notch in 
actual structure. 

By solving Neuber's equation and the stress-strain 
relationship for each reversal in the nominal stress 
history, a local strain sequence at the notch root is 
generated. The associated local stress at each strain 
point is also recorded. A hysterisis loop identification 
routine is then used in conjunction with the strain-life 
equation to calculate damage values for each strain 
cycle in sequence. A simple summation of the 
damage values gives the total damage due to the stress 
history. 

Fig 6 shows these steps in graphical form. 

4.2.2 Determination of Stress Concentration Factors 

A key parameter in local strain and conventional 
fatigue analyses is the geometric stress concentration 
factor. It was noted previously that HSA found that 
fatigue life predictions often tended to be unreliable 
due, in part, to uncertainties concerning the local 
stress distribution at the critical feature. In the design 
of the AV-8B much effort was dedicated towards 
ensuring accurate values of stress concentration 
factors were used in the calculations. Allowances 
were made for a number of parameters, including: 

o thickness 
o countersink 
o bearing stress 
o variation of load direction in lugs 
o edgedistance 
o interference fit 
o cold working 
o surface treatment 

This attention to local stress condition, allied with 
accurate field stresses obtained from finite element 
modelling, removed a significant source of 
inaccuracy which had prevented satisfactory life 
prediction calculations on the Harrier I. 

Nevertheless, while major improvements in fatigue 
analysis can be made by the use of modem analysis 
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techniques, scatter in fatigue performance will 
always prevent accurate predictions of when an 
individual part will fail. 

4.2.3 A Cursory Conrpurison of Locul Struin 
and S-N Analyses 

Although differences in MCAIR and BAe fatigue 
analysis methodology were not directly related to the 
US and UK airworthiness requirements. it is 
interesting to compare briefly the principles and 
benefits of the methods. 

In both local strain analyses and more traditional S-N 
methods the life to crack initiation is considered. 
Further similarities exist between local strain analysis 
and the S-N method used by BAe Kingston. Indeed. 
the principle proposed by Heywood of relating 
notched material behaviour to plain specimen life 
data is very similar to the local strain method. 
Heywood states that. 

"For alternating stresses the cyclic plastic strain 
reduces the theoretical maximum stress in the notch, 
and it is reasonable to assume that the reduced ) d u e  
corresponds precisely to the stress in the plain 
specimen, for the same cycles to failure." 

Where Heywood used stress as the basis for 
read-across (because of the vast mass of data 
available), local strain methodology uses strain. 

A major argument often advanced for using local 
strain analysis over stress-based methods is the 
ability to account for residual stress effects at the 
notch root. This is not possible with S-N analysis, but 
in many cases it is debatable whether this shortfall is 
important. Often the load history is not available - 
and where it is, the sequence effects usually serve to 
cancel each other. Unlike transport aircraft, for 
example, fighter aircraft experience extremely 
complex load histories where high positive and 
negative loads occur often and evenly throughout the 
aircraft's life. 

Local strain analysis does have a distinct benefit in 
components which do not experience this random 
mix of loading, where one load direction 
predominates with occasional significant changes in 
sign. Components subjected to upper wing loadings 
can fall into this category. 

The generalized S-N equations do not allow such 
refinement, but some significant benefits are gained 
by their use. A vast amount of S-N data has been 
compressed into a number of equations covering the 
entire range of mean and alternating stress, and the 

effects of stress concentration, notch sensitivity. 
notch size and fretting. This enables fatigue 
calculations to be carried out on most aluminium and 
steel alloys without recourse to expensive laboratory 
fatigue tests. 

The treatment of mean stress is a notoriously difficult 
problem and outside the scope of this Paper, but it 
receives a rational treatment in the generalized S-N 
equations with the introduction of a mean stress 
reduction factor, Km. This enables due allowance for 
mean stress effects to be made automatically in 
routine analysis. The treatment of mean stress in 
Neuber's analysis varies, two rules are in regular use: 
the Morrow correction and the Smith-Watson-Topper 
parameter. Both have been tried in the MCAIR 
analysis system and the latter is currently favoured. 

The question of the relative accuracies of the local 
strain and S-N approaches is difficult to assess. The 
different applications of the methods (design and 
in-service read-across) by the BAe and MCAIR 
preclude a direct comparison. In any event, the 
"accuracy'l of fatigue calculation is a rather notional 
concept as fatigue data are obscured by scatter in 
results and a profusion of secondary environmental 
and physical effects. 

A subjective assessment suggests that, when sensibly 
applied, there is little to choose between the two 
methods. h both cases the nominal accuracy depends 
on the suitability of the fundamental materials data. 
The local strain method is comparatively new and so 
the library of strain-controlled test data is not as 
extensive as that available for S-N data. Conversely. 
the generalized S-N equations were derived over 30 
years ago and must be re-validated when applied to 
materials now in common use. 

4.2.4 The KTDLS Method in Operation 

To date, evidence from the AV-8B indicates that the 
KtDLS method has been instrumental in producing a 
rugged, well designed aircraft. This must be the 
fundamental measure of the worth of the system, as to 
be cost-effective it must result in a better product. A 
significant benefit is also derived from its use as a 
routine stressing tool. A wide-spread awareness of 
fatigue is promoted amongst engineers, encouraging 
the control of fatigue to be an integral part of the 
design process. 

It is not a panacea, though. Fundamental difficulties in 
fatigue analysis are not removal, particularly that of 
predicting where cracking will start. A re-design will 
attend to those areas which analysis shows to be 
deficient in fatigue strength, but it is almost inevitable 
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that the areas which eventually give rise to fatigue 
problems will be those that were overlooked in the 
design review. 

A good example of this dilemma is provided by the 
original design of the fin forward attachment fitting 
of the AV-8B. Fig 7 shows a sketch of the 
component. The front spar of the fin is attached to the 
two lugs grown out of the fitting. Clearly, this is a 
crucial joint and naturally its fatigue strength was 
assessed using the KtDLS method. The lugs were 
identified as potential fatigue initiation points and 
subsequent fatigue analysis indicated that they had 
been efficiently designed with adequate fatigue 
strength. However, on the AV-8B Full Scale 
Development Fatigue Test a failure of the port fitting 
occurred at about a third of the required life. 

The failure originated, not from the lug bore, but from 
the comer root fillet radius, causing complete 
separation of the lug from the fitting. A retrospective 
KtDLS analysis of this section, which involved a 
special detailed finite element analysis to quantify the 
stress concentration, showed that the fatigue strength 
was indeed inadequate and premature failure might 
be expected. 

This experience showed that the KtDLS method is a 
reliable guide to fatigue performance (the lug and the 
fillet were correctly identified as non-critical and 
critical, respectively), but that detail designers must 
remain alert to the often insidious nature of stress 
concentrations. 

4.3 Clearance of Composite Structures 

The use of carbon fibre composite material on the 
AV-8B was the result of an accumulation of 
experience gained on F-4, F-15 and F-18 aircraft. As 
confidence and knowledge grew, the extent of CFC 
components increased, from the rudder on the F-4 to 
the AV-8B, where about 25% of the structural weight 
is CFC material. 

A comprehensive description of the development of 
CFC structure for the AV-8B is given in Ref 8. The 
design and clearance of the wing box, the primary 
CFC component of AV-8B, will be briefly examined 
here. 

The torque box comprises eight CFC spars and a 
mixture of CFC and metal ribs (where out-of-plane 
loads are high) attached to monolithic upper and 
lower skins. As is typical for composite constructions 
of any  complexity, a "building block" approach was 
used in the design and clearance of the structure. 
Throughout the programme, summarized in Fig 8, 

particular attention was paid to the reduction in 
material properties resulting from adverse 
environmental conditions and inadvertent damage. 
The progressive build-up from simple elements, to 
joints, to sub-assemblies also allowed examination of 
the structural interaction effects which frequently 
result in the complex and unpredictable failure of 
composite structures. 

Except for the centre-line wing joint (see Fig 9). 
fatigue was not a principal criterion in the design 
process. It is well known that, unlike metals, an 
adequate static load carrying capability in CFC 
structures normally confers satisfactory fatigue 
strength. The use of conservatively low design strains 
ensured that cyclic loads encountered in-service. 
even in conjunction with barely visible impact 
damage, would not cause propagation of damage. 

Another noted property of composite construction, its 
sensitivity to out-of-plane loads, attracted special 
consideration in the design of the wing box. Where 
point loads were introduced into the structure, at 
pylon attachments for example, carefully designed 
metal fittings were used to minimize out-of-plane 
loads in the CFC structure. At the wing centre-line, 
quite high "kick" loads were caused by the wing 
anhedral and the design allowables were reduced in 
this area in compensation. A sub-assembly fatigue 
test of the joint was carried out to validate the design. 

The AV-8B Full Scale Development fatigue test, 
although part of the overall qualification of the 
airframe, was aimed principally at clearing the 
metallic components. The combined full clearance of 
mixed metal and CFC structure by a single test is 
very difficult to achieve and was unnecessary in this 
case. For the CFC components, the stress factoring 
required to complete the test in an economic 
time-scale increases the risk of premature and 
unrepresentative failure of the metal components. 
The CFC components had been qualified 6y the 
rigorous building-block series of tests and on the full 
scale test their main purpose was to obtain the correct 
loading distributions on the metal components. 
Nevertheless, the completion of testing without 
incident on the CFC components provided further 
confidence in the overall integrity of the design. 

In summary, the key axioms in the philosophy 
adopted in the design and clearance of the AV-8B 
CFC structure may be summarized as follows: 

o establish a sound database by extensive testing 
of elements and sub-structures, including 
environmental effects 
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o design for static strength and keep design limit 
strains low 

o be alert to the threat posed by out-of-plane loadings 

4.4 The AV-8B Full Scale Development 
Fatigue Test 

The fatigue life of the AV-8B airframe was proved by 
a Full Scale Development Fatigue Test (FSDIT) 
which was commissioned in early 1982. before the 
AV-8B aircraft went into service. 

A series of metallic component fatigue tests was 
carried out to verify critical design features before 
full  scale testing was undertaken. A list of these 
components is given in Table 2. Each component was 
subjected to 24000 hours of the spectrum loading that 
would be experienced on the ful l  scale test. 

TABLE 2: AV-8B METAL COMPONENT 
FATIGUE TESTS 

Centre wing back-up fittings 
Centreline rib radius block 
Flap link 
Inboard flap hinge 
Inboard aileron hinge 
Pylon fitting seal 
Cross tie 
Horizontal stabilator attach lug 

For the FSDFT, a near structurally complete test 
article, FTV 1, was installed in a free-standing test 
frame. The .most notable missing component was the 
tailplane, which was subject to a separate full scale 
fatigue test. 

The test was scheduled for 12000 hours of loading 
based on the 1000 hour flight-by-flight "Mean + 30" 
spectrum. The test loadings were applied as a 
randomized sequence and comprised positive and 
negative 'g' excursions with a 10% asymmetric 
content. The symmetric loads were based on the 
"worst-point-in-the-sky" maximum wing up bending 
design condition, known as WBO1, a 7'g' symmetric 
pull-up flown at 0.95M at 9000 ft. 

During the derivation of fatigue load spectrum an 
analysis of USMC wing stores usage showed that the 
loads associated with the WBOl design case was 
overly conservative. It was agreed with NAVAIR that 
the test symmetric bending moments should be based 
on the "worst-point-in-the-sky" flight condition, but 
combined with a more representative stores 

configuration. This decision reduced the fatigue test 
symmetric load case to 88% of the basic WBOl 
design cwe. Supporting analysis confinned that the 
test loadings remained conservative with respect to 
average USMC usage. The AV-8B test condition is 
summarized in Table 3 .  

TABLE 3 AV-8B TEST CONDITION 

Configuration 

Aircraft Mass : 22950 Ib 
Fuel State : 60% internal fuel 

Fuselage Stores : Guns and animo 
Centre-line pylon + Mk 82 SE 

Wing Stores : Inboard pylon + 2 x Mk 82 SE 
Intermediate pylon + Mk 82 SE 

Flight Condition 

Mach No. Altitude cg 

0.95 9000 ft 12.30% MAC 

4.4.1 Test Results ana' Conclusion 

The test reached 250 hours by 22 March 1982 and 
was completed on 2 August the same year. Apart 
from failures at the inboard and intermediate wing 
pylons. the failure of the port fin attachment lug was 
the only major incident to occur during the test. It 
was concluded from this exceptionally favourable 
outcome that, subject to appropriate structural 
modification to rectify these areas, the main 
components of the AV-8B airframe were structurally 
adequate to meet the safe life requirement of the 
aircraft in USMC service. 

4.4.2 Major Component Fatigue Testing 

0 

A full  scale test of an airframe aims lo provide a 
general clearance of the principal structural 
component. However, constraints imposed by the rig 
and method of load application and control inevitably 
limit the extent of clearance obtained. To overcome 
this difficulty on the AV-8B a series of auxiliary tests 
were carried out. The components are identified in 
Fig 3. 

4.5 Fatigue Monitoring In-service 

The culmination of effort spent in the design and 
testing phases minimizing the risk of fatigue 
problems is reached when the aircraft enters service. 
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To maintain this low probability of structural fatigue 
failure. the fatigue life consumption of every AV-8B 
is monitored by a software simulation of the 
conventional aircraft fatigue meter resident on each 
aircraft's mission computer. Data from the inertial 
navigation system are converted to an equivalent 
normal acceleration signal at the nominal fatigue 
meter location. Cumulative normal acceleration 
exceedances, displayed post-flight on the cockpit 
digital display unit, are read off and fatigue index 
values calculated by application of a fatigue meter 
formula. 

The limitations of fatigue meter based systems are 
well known and, for the AV-8B, an improved fatigue 
tracking system was proposed by MCAIR to extend 
the area of monitored structure and so reduce 
conservatism in fatigue life calculations. 

Five structural control points were selected, Fig 10, to 
monitor fatigue usage on the wing, tailplane, fin and 
main landing gear. The proposed system favoured 
calculation of component loads from aircraft 
trajectory parameters rather than direct load 
measurement. The ease of retrofit, zero weight 
penalty, reliability and flexibility of the parametric 
solution were seen as its key advantages over the 
strain gauge based alternative. 

To reduce the amount of on-board processing - load 
equations, derived with the aid of flight load 
measurement programme data, were optimized by 
removal of less significant terms. The on-board 
processing proposed also contained a peak-trough 
identification routine to reduce the load histories to 
their turning point values in preparation for transfer to 
a ground-based fatigue index computation routine. 

4.6 Summary of AV-8B Fatigue Life Clearance 
@ Philosophy 

I 
I Base design on successful AV-8A Harrier structure 

Derive fatigue design loads from Mean + 3 0  AV-8A 
normal acceleration data 

Design to comprehensive set of fatigue allowable 
stresses 

For composites, carry out rigorous "building block" 
development test programme 

Prior to full scale fatigue test carry out component 
tests on critical areas 

Test full scale article to 2 lifetimes of "worst-point- 
in-the-sky" maximum wing up bending case, with 

excursions beyond DLL 

Carry out supplemental tests of major sub- 
components not cleared by the fu l l  scale test 

Monitor usage in-service on an individual aircraft 
basis 

5. CLEARANCE AGAINSI FATIGUE 
- HARRIER GR.Mk.5 

The AV-8B, re-named the Harrier GR.Mk.5. was 
purchased by the Royal Air Force as a replacement 
for its Harrier GR.Mk.3 fleet. BAe was designated as 
prime contractor to the UK Ministry of Defence for 
the supply and in-service support of the aircraft. With 
the exception of some detailed structural 
modifications, the airframe was that of the AV-8B. 

As the GR.Mk.5 was purchased as an existing design 
there was no stated fatigue life requirement for the 
airframe, but this did not discount the need for the 
safe life to be established in its intended role in thc 
RAF. 

The optimum clearance route was contemplated at 
considerable length by the UK Ministry of Defence 
and its technical advisor, RAE(F). From the outset, it 
was the opinion of the UK Authorities that, though 
much of the clearance programme of the AV-8B 
would contribute to the process, there were such 
marked differences in US and UK procedural 
requirements that the results of the AV-8B FSD 
fatigue test could not be used directly to clear the 
GR.Mk.5. This opinion was largely informed by 
experience gained from the RAF Phantom F4 aircraft 
programme. 

5.1 The Phantom Experience 

Three full scale fatigue tests had been carried out to 
US requirements before the Phantom entered service 
with the RAF. The UK requirements for the design of 
aircraft, contained in Ref 1, stipulated that full scale 
fatigue testing of an aircraft should be done under 
realistic load conditions for a duration of up to five 
times the specified fatigue life. Clearly, such a test is 
costly and for an aircraft previously designed and 
tested, albeit to foreign airworthiness requirements, it 
was reasonable to examine the possibility of 
obtaining clearance from extant data. However, in the 
case of the Phantom the differences in US and 
predicted UK load spectra, particularly the deliberate 
inclusion in the US tests of loads higher than would 
be expected in normal operations, led the UK 
Authorities to conclude that a UK fatigue test was 
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essential. TABLE 5: PHANTOM WING FAILURES 
SERVICE VS TESTS 

The comparison of "hard" US and "soft" UK normal 
acceleration spectra in Fig 11 shows the significant 
high load content of the US spectrum. The peak load 
in the US test was 118% DLL against 95% DLL in 
the UK test. The omission of low load level cycles 
from the US spectrum is another important 
difference. 

The decision to proceed with an additional UK test 
was vindicated by the value of the information it 
produced. Most surprisingly, where failures occurred 
on both tests, the UK test tended to experience lower 
lives, even under the ap~mrently more benign load 
spectrum. The test lives of two key failures of the 
wing are given in Table 4. The relative severity of the 
two spectra is taken into account in the ratio of 
Fatigue Index (FI) values at failure in the right hand 
column. ( 1  00 FI is equivalent to 4500 hours of US 
spectrum testing.) This shows that in the worst case 
the UK specimen had a safe life of only one fifth of 
that demonstrated by the US test. 

TABLE 4: PHANTOM - COMPARISON OF 
US/UK WING FAILURES 

FEATURE 

OU1cn W I l Y U  I SKIN 1 1::; I 11800 
CENTRE WING 
PYLON HOLE 1 1800 

FI RATIO 

US : UK 

3.1 

> 5  

These results highlighted the inability of simple 
cumulative damage calculations to read-across 
between spectra of markedly different shape. It may 
be speculated that the increased number of low load 
level cycles in the UK test promoted fretting fatigue 
actions, while the high loads in the US test 
introduced beneficial compressive stresses which 
retarded crack growth. 

Compelling evidence of the benefits of testing to a 
representative 'spectrum is given in Table 5. This 
strongly indicates that the UK test provided 
information more characteristic of the in-service 
fatigue performance of the structure. 

~ ~~~ 

SERVICE FAILURE LOCATION 

OUTER WING ~ _ _  UK TEST US TEST 

SKIN AT 35% SPAR ATTACH YES NO 
SKIN AT4170 SPAR ATTACH YES YES 
SKIN AT ROOT RIB ATTACH YES NO 
SKIN AT RIVETED RIB ATTACH YES NO 

YES NO SKIN DRAIN HOLES 
SPAR E A N G E  (59% SPAR) YES NO 
REAR SPAR LOCK LUG BORE YES NO 
REAR SPAR LOCK LUG ROOT RADlUS YES YES 

r 
YES NO WING FOLD RIB #I3 LUG BORE 

WING FOLD RIB #I4 LUG ROOT RAD YES NO 
YES YES BL 132.5 PYLON HOLE 

CENTRELINE SPLICE PLATE YES NO 

I CENTREWING 

5.2 GR.Mk.5 Main Airframe Fatigue Test (MAFT) 
Philosophy 

The possibility that undesirable life enhancement 
effects may be introduced by the 
"worst-point-in-the-sky" spectrum had been 
recognized by NAVAIR at the time of the AV-8B 
test, but the high loads in the "Mean + 30" spectrum 
were considered to occur with sufficient frequency 
not to produce these effects. 

The UK Authorities were clear, though, that a second 
fatigue test of the structure was necessary to UK 
requirements and to a RAF normal acceleration 
spectrum. In 1980, BAe and its subcontractor, 
MCAIR, began work on the initial proposal for the 
new fatigue test scheduled to start in June 1985. The 
test would be carried out at MCAIR St Louis and 
utilize much of the AV-8B FSDFT hardware. 

While work progressed towards the test set up, the 
MOD became attracted to the idea of postponing the 
test start date for several years to allow time for 
in-service loads to be obtained from the early years of 
operations. This strategy held a further benefit in that 
more consideration could be given to the clearance 
route for the CFC structures of the airframe. 

It was estimated that a delay in testing of, say, 6 years 
would require an interim clearance of at least 1500 
safe hours to allow RAF operations to proceed 
without interruption. To this end, a detailed study was 
undertaken by the RAE(F) to quantify the read-across 
that might be obtained from USMC flying and the 
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8.9 
12.3 

26.9 

28.0 

21.8 

1.0 

Unfortunately, at that stage RAE(F) could underwrite 
an interim of loo0 safe hours only and the case for a 
delay in testing was severely undermined. In the light 
of this constraint, the MOD, RAE(F) and BAe agreed 
that the test should proceed without waiting for 
in-service load data. The thorough US development 
programme for the CFC components was deemed 
sufficient to qualify the structures in RAF usage and 
modification of the test loads for this purpose was 
judged neither desirable or necessary. The test would, 
therefore. be to traditional UK conditions, namely: 
realistic loads, a duration equivalent to five times the 
required safe life and clear metallic components of 
the airframe only. 

Further reappraisal of the test programme led to the 
transfer of the test from its proposed site in St Louis 
to the new BAe Structural Test Facility. 

5.3 Generation of the GR.Mk.5 MAFT Loadings 

5.3.1 Normal Acceleration Spectrum 

The normal acceleration spectrum was derived from 
RAF usage data of the Harrier GR.Mk.3 fleet. The 
RAF had compiled a draft Statement of Operating 
Intent (SOI), Ref 9, which set out the planned usage 
of the GR.Mk.5 in terms of 13 sortie profile codes 
(SPCs). The SPC descriptions in the SO1 were 
compared, according to flying intensity, with the 
seven SPCs flown by the existing GR.Mk.3 fleet and 
an approximate read-across table generated. This 
correlation of SPCs is summarized in Table 6. 

TABLE 6: HARRIER GR.Mk.3 and GR.Mk.5 
SPC CORRELATION 

- 
G R 3  
SPC - 
1 

2 
3 

4 

5 

6 

7 - 

G R 5  EQUIVALENT 
SPC GROUPING DESCRIPTION’ 

A Display 

BCJ 
DM Ferry, VSTOL Practice 

EK 

n H  

Air Test, General Handling, IF 

LL Nav/Recce or SAP, Hi-lo Navc 

SAP, Tac Recce with bounce, 
Weapon Traiing 

I Air Combat Manoeuvring 

G Ultra LOW Level ny ing  

The ’g’ spectra for each Harrier GR.Mk.3 SPC 
coupled with the GR.Mk.5 utilizations in Table 6 
were used to assemble an overall normal acceleration 
spectrum for the GR.Mk.5. In contrast to AV-8B. the 
exceedance values at each ’g’ level in the overall 
spectrum were purely ’mean’ values with no 
allowance for variation in the sample. 

It will be seen that approximately 50% of the 
GR.Mk.5 usage comprised low-level and/or ground 
attack. This coupled with minor adjustments to the 
’g’ spectrum to account for predicted performance 
improvements of the GR.Mk.5 in ground attack and 
combat, led to the severe normal acceleration 
spectrum, which is shown in Fig 12 and compared to 
spectra from related aircraft. 

5.3.2 Generation of Manoeuvre Sequence and Lourls 

As with the AV-8B FSDFT, the MAFT load spectrum 
was to be a flight-by-flight sequence. Extensive use 
of the technology developed for the Hawk T.Mk.1 
fatigue test was employed in its derivation. 

The exceedances in the cumulative normal 
acceleration spectrum were de-accumulated and the 
counts sub-divided into component flight profiles. It 
was known that a typical RAF sortie would consist of 
climbs, descents, cruise at various heights and an 
active phase comprising ground attack andor air 
combat. For each flight, the ’g’ counts were arranged 
in a sequence according to these phases of the sortie 
and manoeuvres assigned to each count. The 
manoeuvre set was an adaptation of those developed 
for the Hawk T.Mk.1 full scale fatigue test. 

A typical manoeuvre sequence is shown in Table 7. 

An awareness of the need to formulate a spectrum 
which would simulate in-service conditions as far as 
possible directed all stages, of the spectrum 
development process. An example of this philosophy 
was the retention of a large number of gust loads in 
the manoeuvre sequence, in spite of damage 
calculations which indicated they would not cause 
fatigue problems to the structure. 

Once the manoeuvre sequence had been finalized, the 
major component loading generated by each 
manoeuvre was determined from flight simulation 
and loads model data. Again, the degree to which load 
sequences were idealized for test purposes was 
guided by the need for a representative spectrum. 
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TARLE 7: TYPICAL MAFT MANOEUVRE 
SEQUENCE 

SORTIE CODE C (QFI Check) 

'g' Manoeuvre Type 

- Ground Condition 

2 Atmospheric Gust (Up) 
0 
4 Maximum Rate Tum 
1 
2 Atmospheric Gust (Up) 
0 
5 Tight Turn 
1 

1 
3 
0 Atmospheric Gust (Down) 
2 
1 
4 Roll Off The Top 
1 
4 Tight Turn 
1 
4 Half Roll and Pull  Through 
1 
3 Vertical Roll 
0 
3 
-1 Atmospheric Gust (Down) 
3 
1 
- Ground Condition 
- Ground Condition 
- Ground Condition 
END 

3 Loop 

In contrast to the fixed, 90% symmetric / 10% 
asymmetric, randomized load sequence of the AV-8B 
FSDFT the GR.Mk.5 MAFT loading was based on a 
full manoeuvre simulation - the majority of 
manoeuvres having some asymmetric load content. 

A summary of the derivation procedure is given in Fig 
13. 

5.3.3 Flight Condition 

The loads of the GR.Mk.5 M A l T  were based on the 
flight conditions. stores configuration, mid-sortie 
mass and fuel state shown in Table 8, all of which 
were representative of average service usage. 

TABLE 8: HARRIER GR.Mk.5 TEST 
CONDITION 

Configuration 

Aircraft Mass : 21 190 Ib 
Fuel State : 60% internal fuel 

Fuselage Stores : Guns (no ammo) 
Centre-line pylon 

Wing Stores : 
Inboard pylon + CBLS Mk.3 + 4 x 3 kg bombs 
Outrigger pylon + AIM-9L + LAU-7 

Intermediate pylon 
Outboard pylon 

Flight Conditions 

Mach No. Altitude cg 

0.65 Sea Level 10.20% MAC 
0.85 Sea Level 10.20% MAC 

The manoeuvre loads were predominantly based on 
the 0.65M flight condition. It was found that this 
condition resulted in a very benign r e x  fuselage load 
spectrum and a second test condition at 0.85M was 
needed to ensure that the tailplane and rear fuselage 
were more fully exercised by the test. 

Fig 12 showed the severity of the GR.Mk.5 normal 
acceleration spectrum compared to that of other 
aircraft, including the AV-8B. The picture is 
somewhat different when the GR.Mk.5 and AV-8B 
bending moment spectra are compared, Fig 14. The 
0.95M point in the sky of the AV-8B results in far 
more severe wing root bending moment values than 
the more benign case selected for the GR.Mk.5. 

5.3.4 Repeated Programme Duration 

The length of the repeated test load programme 
chosen for the GR.Mk.5 MAFT was 25 equivalent 
flying hours (EFH) - based on Hawk T.Mk.1 
experience. This was considered by BAe to be a 
suitable length for test control and analysis purposes, 
while being of sufficient duration to restrict the 
possibility of bias due to the inadvertent introduction 
of hidden sequence effects. It was considerably 
shorter than the loo0 hour repeated spectrum chosen 
for AV-8B testing and some debate took place with 
RAE(F) on the relative merits of long and short 
programmes. 
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It was concluded that long programmes are necessary 
for transport aircraft where the flight load histories 
contain distinct load events, but are less important for 
the complex load histories of combat aircraft. 

The shorter programme length of the GR.Mk.5 also 
reflects a subtle difference in the aims of the UK and 
US tests. The UK test is used. not only to establish 
the safe life limit of the airframe. but also to provide 
a comprehensive basis for the support of the aircraft 
in-service. Structural modifications and repairs 
identical to those used in-service are applied to. and 
lifcd by. the test. A prolonged test programme 
complicates read-across to the fleet - fatigue life 
assessments are more easily accomplished by 
reference to repetitions of a short programme than by 
fractions of a lengthy programme. As the emphasis of 
US testing is more tuned to the quick and early 
determination of the ultimate safe life, this 
complication is not as relevant. A long progamme 
may be adopted, thus avoiding the inevitable 
'rounding' adjustments caused by the use of a short 
spctrum to represent all in-service flying. 

5.4 MAIT Experience 

The MAFT was eventually commissioned in May 
1990 and has now reached 9500 equivalent flying 
hours out of the scheduled 3oooO equivalent flying 
hours. There have been a number of incidents on the 
test which were not presaged by the AV-8B FSDFT 
findings. 

An interesting incident was discovered at 7000 hours 
when the starboard wing forward attachment fitting 
failed. Cracking in the aft outboard base of the 
titanium fitting caused total separation of one of the 
attachment lugs. Fig 15. 

It was readily apparent from a comparison of the 

remained intact on the AV-8B test, while failure was 
more likely on the GR.Mk.5 MAFT. The attachment 
arrangement on the wing rib is shown in Fig 16. The 
distribution of loadings between the three 
attachments for the GR.Mk.5 and AV-8B up-bending 
cases is compared in the table in the lower half of the 
illustration. Under the AV-8B case the centre and 
rear attachments are in tension but, due to the aft CP 
position of WBO1, the front is in compression. Since 
.the majority of positive 'g' loadings on the AV-8B 
FSDFT were derived from this condition, the fitting 
was subjected to a most benign fatigue spectrum. In 
contrast, the GR.Mk.5 up-bending load condition 
placed the joint in tension and so the fitting was 
exercised more vigorously. 

fatigue loadings in this region why the fitting 

This serves as a reminder that test loads are inevitably 
idealizations of reality and involve certain 
compromises. Where the aim is for a "worst" rather 
than a representative case. there will always be a risk 
that the over-testing of the major part of the airframe 
will be accompanied by an undesired side-effect of 
local under-testing. 

5.5 Extent of Clearance Gained from MAET 

The MAFT is the comer-stone to the fatigue clearance 
of the Harrier GR.Mk.5 but, in common with the 
AV-8B and all full scale fatigue tests, the extent to 
which the components of the structure are tested 
varies. 

Among the major airframe components not fully 
cleared by the MAFT is the tailplane. Unlike the 
AV-8B FSDFT, a tailplane is fitted to the MAFT - 
but the loading applied is derived from quasi-steady 
state manoeuvres only and contains no allowance for 
vibration loading. This consideration is particularly 
important to the tailplane which, due in part to the 
unusual engine thrust configuration of the Harrier, 
experiences significant vibration loads. 

A large proportion of the tailplane is fabricated from 
CFC material and, in common with other CFC 
components, this portion of its structure is considered 
to have an infinite life. A safe life must be obtained, 
though, for the metal constituents of the structure. 

A detailed examination has been made of existing 
data provided by the development testing of the 
AV-8B. The differing US requirements have proved 
a fundamental barrier to read-across of lives from 
AV-8B testing. Once the results of the AV-8B 
FSDFT were deemed inappropriate for clearance of 
the GR.Mk.5, then much of the supplemental testing 
and calculations, which were also based on the 
worst-point-in-the-sky tenet, were necessarily 
unacceptable to the UK Authorities. Only in regions 
where testing had been extended beyond the Ywo 
lifetimes" standard was there any possibility of 
obtaining a satisfactory read-across. 

Another factor which contributed to the difficulties of 
read-across on the tailplane was the lack of reliable 
loading spectra for the GR.Mk.5 components. While 
there was a high degree of confidence that the 
manoeuvre simulations were accurate, detailed 
loadings on control surfaces were not known. The 
lack of such data was a prime reason for delaying the 
MAFT until such time as in-service loading data 
could be incorporated into the spectrum. Once a 
decision had been taken to proceed with the test 
without delay then the possibility of a more 



17-12 

coniprchens ive clcardice disappeared. 

A third problem in read-across calculations, alluded to 
when discussing the KtDLS approach to design, was 
the difficulty in choosing an area for fatigue analysis. 
Full scale fatigue tests are needed because it is so 
difficult to predict where fatigue cracks may initiate. 
The results of AV-8B component testing were of no 
great assistance in this respect as few fatigue failures 
oc cu rred . 

A programme is now in hand to obtain loading data 
from flight testing aid to carry out additional testing 
of the tailplane and other components not covered by 
MAFT. The flight test measurements will provide 
magnitudes of loading for the test but the average 
occurrences of these loads during RAF operations 
will have to be estimated. It is expected that in-service 
data collected from the FMCS (see Section 5.7) will 
be used to confirm the accuracy of the assumed 
spectrum. 

Time-scales have been somewhat more prolonged 
than originally supposed and an interim clearance 
route based on fatigue prediction calculations will be 
necessary to cover continued flying of the aircraft 
prior to completion of this additional testing. The 
uncertainty inherent in life predictions will be 
reflected in the adoption of conservative safety 
factors which will lead to low but, it is hoped. 
acceptable lives. 

5.6 Summary of AV-8B and GR.Mk.5 Test 
Philosophies 

The US test of the airframe was undertaken prior to 
the aircraft’s entry into service with the USMC and 
early enough to allow modifications to production 
components in the event of test failures. There was no 
overriding concem for the representative nature of the 
test spectrum, it was a randomized sequence, severe 
in terms of loading and occurrences, intended to 
highlight fatigue hot-spots early enough to avoid 
costly in-service modifications. 

The GR.Mk.5 MAFT philosophy was founded on 
different principles. Above all, it conformed to UK 
requirements that emphasize the need to represent as 
exactly as possible the aircraft’s average in-service 
loading environment. A full five lifetimes of testing 
is necessary to cover the effects of scatter and ensure 
an acceptably low risk of in-service failure. This, and 
a prevailing desire to ensure modifications and 
repairs are incorporated on the specimen in a precise 
reflection of in-service practice, act to elongate the 
real time-scale. It is worth observing that the AV-8B 
test was complete within 6 months, while the test of a 

GR.Mk.5 forerunner. the Harrier T.Mk.2, took (for 
various reasons) 15 years to complete. 

Experience to date suggests that the UK approach 
yields more reliable information about the fatigue 
performance of the structure in-service. Timed, as it 
was on the GR.Mk.5, to start after the aircraft has 
entered service, it has the significant disadvantage. 
though. of being unable to influence design of the 
aircraft before full scale production is well underway. 
Updated UK requirements. Ref 10, now favour an 
early pre-production fatigue test to approximate 
loadings - with a later, more accurate. test benefiting 
from in-service load measurement programmes. 

5.7 Fatigue Monitoring In-Service 

Like its sister the AV-gB, the GR.Mk.5 is fitted with a 
software fatigue meter. The benefits of simplicity. 
convenience and low operating cost obtained by the 
use of a fatigue meter are undeniable but the system 
is, nevertheless. rudimentary. The structure covered is 
limited and undue reliance is placed on 
administrative procedures to ensure the aircraft’s role 
is correctly interpreted by the fatigue meter formula. 

The loss of a RAF Buccaneer in the 1980 triggered 
the search for a replacement of the 30 year old 
fatigue meter technology. A contributory cause to 
that accident was a change in role of the fleet which 
had undermined the original clearance obtained from 
the full  scale fatigue test. The simple fatigue meter 
did not alert the operator or designer to the 
catastrophic implications of these changes. 

Acting on advice from the RAE(F), the RAF specified 
a requirement for a device fitted fleet-wide to replace 
the fatigue meter which would automatically and 
directly provide fatigue monitoring coverage of all 
major airframe components. Due to the conveniently 
concurrent time-scales of the system development 
and aircraft production, the Harrier GR.Mk.5 project 
was chosen as the sponsor for the device. 

From the earliest conception of the Fatigue 
Monitoring and Computing System (FMCS), strain 
gauge technology was considered the optimum basis 
for the system. In particular, experience from a 
comprehensive and long established OLM 
programme, known as SUMS, carried out on the 
RAF’s fleet of Tomado aircraft had engendered a 
conviction that strain gauges would provide a more 
reliable means of measuring service loads than 
indirect techniques using trajectory parameters. BAe, 
who were responsible for the installation of the 
hardware on the GR.Mk.5, were tasked to specify 
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I locations for the strain gauges. 

It was known that the system would be limited to 16 
strain gauge channels, so a prime consideration in the 
selection of candidate locations was the need to 
measure broad loading actions rather than local loads 
or strains at hot-spots. This would increase the 
opportunities for read-across to areas of structure not 
initially identified as fatigue critical. Quite severe 
constraints were placed on the number of suitable 
locations in this respect by the requirement to install 
gauges on all aircraft. Internal gauging of the wing. 
for example, could not be effected within the 
production programme and a full "Skopinski" 
calibration exercise on each aircraft was impractical. 
Further factors which influenced the position of 
gauges were ease of access for repair and, somewhat 
conflictingly, security from accidental damage. 

The general arrangement of the FMCS equipment is 
shown in Fig 17. The position of the bridge 
conditioning modules, which are near to strain gauge 
locations, provide an indication of the structural 
coverage. 

The prime purpose of the FMCS is fleet-wide fatigue 
monitoring. All processing necessary for this task is 
carried out onboard the aircraft. Fatigue index values 
are computed in real-time and transferred after flight 
to ground-based systems. In most instances further 
processing of data on the ground will be unnecessary, 
but where re-analysis is required sufficient 
part-processed data are transferred with the FI values 
to allow validation or retrospective adjustments to be 
made. In cases where access to raw data is needed, 
the facility exists to record unprocessed strain gauge 
signals. 

When FMCS enters service, it is likely that it will play 

not covered by the M A E .  General levels of load can 
be obtained from flight tests, but until a database of 
in-service frequency of occurrence data is 
accumulated, clearance will rest on assumed usage. In 
this quasi-OLM role, FMCS will provide the first 
comprehensive set of in-service structural usage data 
ever obtained for any mark of UK Harrier aircraft. 

an important part in the clearance of the major items 

The choice to use strain gauges on FMCS was based 
on the experience of their use on Tornado, where 
they have proved reliable, versatile and durable. 
There are differences in the two systems, though, 
which lead to certain areas of risk for FMCS. The 
Tornado SUMS system is fully calibrated which has 
allowed many gauges to be placed in areas away from 
vulnerable attachment positions. Only eight aircraft 
are instrumented so service personnel are able to take 

extra care with these aircraft without adversely 
affecting overall servicing times. The system itself is 
maintained by BAe personnel so there has been no 
need for strain gauge expertise in the RAF. Data 
generated by the SUMS system are also processed 
exclusively by BAe. 

In these respects FMCS is a different prospect for the 
RAF. A knowledge and awareness of strain gauge 
technology is under development and attention is 
now being paid to the storage and analysis of the vast 
amount of data that will be generated by FMCS. 
Ultimately, there is little doubt that FMCS will be the 
RAF's most powerful fatigue management tool. 

6. DESIGN AND CLEARANCE AGAINST 
FATIGUE - HARRIER T.Mk.10 

The RAF operated a number of two-seat Harrier 
variants alongside the Harrier GR.Mk.3 aircraft in a 
demanding dual fighterhainer role. Keen to maintain 
this operational format, the RAF has ordered 13 
T.Mk.10 two-seat derivatives of the Harrier 
GR.Mk.5. 

There is a high degree of commonality between the 
T.Mk.10 and the GR.Mk.5, but this procurement 
differs in that the new structure of the T.Mk.10 has 
been designed to UK requirements. A direct purchase 
"off-the-shelf" of the USMC AV-8B trainer, the 
TAV-8B was precluded by the significantly more 
exacting role specified for the T.Mk.10. The rear 
fuselage, in particular, has been strengthened in 
response to GR.Mk.5 M A R  results and instances 
in-service of acoustic fatigue damage. 

A full scale fatigue test of the T.Mk.10 was deemed 
unnecessary due to the broad commonality of 
structure with the GR.Mk.5. The most extensively 
changed structure is the front fuselage which is 
fabricated largely from CFC material and has been 
judged cleared by element testing carried out for the 
TAV-8B aircraft. The remainder of the metallic 
structure has been cleared by BAe using 
Neuber-based KtDLS calculations incorporating 
fatigue life factors of five for areas shared with the 
GR.Mk.5 aircraft and 10 for new. enhanced structure. 

7. CONCLUSIONS 

Whatever fatigue analysis and test techniques are 
adopted in the design and clearance of metallic 
structures, an underlying consciousness must be 
retained of the impossibility of accurate fatigue life 
prediction. Modem stress analysis techniques have 
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removed some areas of uncertainty which had 
previously rendered many fatigue calculations 
worthless, but scatter in fatigue performance can not 
be eliminated. 

The introduction of stressing procedures which 
incorporate allowable fatigue stresses has provided 
an excellent means of promoting a general 
recognition amongst stress engineers of the threat 
metal fatigue poses to structural integrity. But the 
principle adopted by HSA in the original design of 
the Harrier that high stress concentrations should be 
avoided rather than sanctioned by calculation must 
remain a priority in aircraft design. 

The experience from the early days of the Harrier 
through to AV-8B and GR.Mk.5 has shown the 
overriding importance to successful fatigue resistant 
designs of experience gained from forerunners, 
prototypes and full scale fatigue testing. For the 
foreseeable future, testing will be invaluable in 
locating those areas of the structure which are prone 
to fatigue cracking. Experience has shown that 
fatigue problems are fickle and defy designers 
attempts to anticipate them. 

The nature of test loadings and the duration of the test 
are areas where US and UK philosophies diverge. 
However, it is not unreasonable to regard the AV-8B 
and GR.Mk.5 tests as complementary parts of an 
overall programme which has yielded benefits for the 
USMC and the RAF. Depending on the objective of 
the test each approach has its merits. A short, sharp 
test is useful at the early design stage to highlight 
particularly poor design features which should be 
deleted before production is underway. A more 
prolonged test, where every attention is paid to the 
simulation of actual operations, is essential if reliable 
indications are needed of likely fatigue problems 
in-service. 

An area where US and UK authorities agree is the 
treatment of CFC components. CFC materiak 
exhibit a larger variability in mechanical properties 
than metals and are more susceptible to adverse 
environmental conditions. For these reasons a full 
scale fatigue test of the airframe is not a viable 
clearance route for CFC structures. Qualification is 
achieved incrementally through testing of 
progressively more complex elements and 
substructures. Routine inspection of the CFC 
structure in-service provides additional assurance that 
structural integrity is not compromised by this 
concession. 

There is also general recognition that the fatigue 
meter is no longer able to monitor fatigue usage on 

modem, highly manoeuvrable combat aircraft. There 
is no firm consensus, though, on tht: most suitable 
means of broadening the fatigue monitoring 
envelope. The UK Authorities strongly believe strain 
gauges are essential to establishing the accurate 
loading histories on major airframe components, 
while others consider that load predictor equations 
are satisfactory. But there is no doubt that either 
option will reduce the penalty incuired by the 
continued use of the fatiguc meter - whether it be 
unecessarily massive structure or reduced operational 
safety. 

' 
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17-15 1 
BAe 
C FC 
DLS 
DLL 
FI 

FMCS 

FSDFT 
HSA 
Kt 

MAFT 
MCAIR 
OLM 
R A W )  

RAF 
S-N 
so1 
SUMS 
USMC 

British Aerospace 
Carbon Fibre Composite 
Design Limit Stress 
Design Limit Load 
Fatigue Index. A non-dimensional 
number which. via damage calculation. 
is used to quantify severity of loading 
relative to a defined datum (normally a 
full scale fatigue test spectrum). 
Fatigue Monitoring and Computing 
System 
Full Scale Development Fatigue Test 
Hawker Siddeley Aviation 
Geometric Stress Concentration 
Factor 
Main Airframe Fatigue Test (GR.Mk.5) 
McDonnell Aircraft Company 
Operational Loads Measurement 
Royal Aircraft, later Aerospace, 
Establishment (Farnborough) 
Royal Air Force 
Stress-Endurance 
Statement of Operating Intent 
Structural Usage Monitoring System 
United States Marine Corps 
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Figure 7. AV4B Forward Fin Fitting 
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Figure 8. AV-85 Composite Wing Development Programme 
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-Structural Control Points 



17-23 1 
I Spectrum Comparison 

I 100 

Percent 
design 
limit 
load 

Figure 11. Phantom Comparison of US and UK Normal Acceleration Spectra 

- GR.Mk5 - MAFT 

---- AV48 - FSDFT 

-.- GR. Mk. 3 - RAF 1981 

HawkT.Mk. 1 - RAF W U )  

- 
Cumulative Counts Per Flying Hour 

.001 .01 .1 1 10 100 

Figure 12. Harrier GR. Mk. 5 Normal Acceleration Spectrum 
and Comparison With Other Spectra 



17-24 

- Ground 
2 UpGust 
0 
3 wlover 
9 

SPC-1 SPC-2 SPC-7 

Sequence counts 
according to  
phases o f  flight 
and allocate 
appropriate 

I I I Factor by 
0.5% A 10.5% BO 8.0% G equivalent GR. Mk. 5 

------I SPC utilizations 

Sum factored GR. Mk. 3 Spectra 
to give overall GR. Mk. 5 Normal 
Acceleration Spectrum 

I------ 1 
I GR. Mk. 5 SPC 'g' COUNTS I I 

SPC-C SPC-E n e.. 

SPC MANOEUVRE SEQUENCES 

0 . .  

SPC LOAD HISTORIES 

0 . .  00 
25 EFH MAFT 

Full Manoeuvre Simulation 
Load Programme 

,il 
19 

Se para te 
de-accumulated 
'g' counts into 
individual 
GR. Mk. 5 SPG 

manoeuvres and gusts 

Assemble load histories using 
idealized manoeuvre load 
sequences from 

- 

0 Simulator 

1 c  
2 G  
3 E  

31 E 
32 L 

0 .  

SPC 
Sequence 
based on  
GR. Mk. 5 
pred i a e d  
usage 

Figure 13. GR. Mk. 5 - Derivation of MAFT Loading Spectrum 



17-25 

DLL 
I 

GR.MkS -MAFT 100?6 - 
- - - - -AV46  - FSDFT 

- 
C al 

E 
5 

5 
m 

en 
C 

5 

10 100 1,000 10,000 100.000 

a Figure 14. Comparison of GR. Mk. 5 and AV-8B 
Wing Root Bending Moment Spectra 

a 

View looring uprfomard on surnoard wing amchmcn: 

kiyure 15. GR. Mk. 5 MAFT Cracking of Foward Wing Attachment Fitting 



17-26 

Wing attachment reaction (per side) 
Expressed as percentages of GR. Mk. 5 MAFT loading 

Up Bending Case FORWARD CENTRE AFT 

GR. Mk. 5 MAFT 10% 19% 21% 

AV-8B WE01 -1 % 31 % 42% 
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Figure 16. AV-8WGR. Mk. 5 Wing Attachment Rib 
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FATIGUE DESIGN, TEST AND IN-SERVICE EXPERIENCE OF THE BAe HAWK 

John O'Hara 
Smtures Unit 

British Amspace Defenw Ltd., 
Brough, Nath  Humberside HUl5 1EQ 

United Kingdom 

The BAe Hawk family is designed primarily to UK 
regulations, including the safe life S-N fatigue philosophy. 
S-N data pertinent to key s m d  features was assembled 
at the design stage, and fatigue coupon / element tests were 
conducted in confinnation. The Hawk TMk.1 Full Scale 
FatigueTest(FSFT)has wntinwdtoleadthe RAFfleeL and 
the test loading has been validated by a major Operational 
Loads (OLM) exercise. Incidents arising on 

including S-N and fra*ure mechanics calculations, testing, 
tatistical analysis, and modifications and I or routine L '  'oosare~~~troduced whennaessary.?hedevelopment 
of the fatigue life clearrmces of the BAe Hawk family is 
discussed with pmicular emphasis on the. confirmatory 
tutingandin-serviccloadsmeam"t~toensure. 
and maintain fleet aircraft fatigue life clearance. 

1. INTRODUCTION 

The eu" new derivatives of Hawk are developments of a 
successfully established aircraft, the Hawk TMk.1. 
Developments in engine, airframe, and avionics technology 
have enabled the design to progressively meet market and 
customerrequinmuus for ever greater capabiility, reliability. 
and low maintenance costs. The design has evolved to 
inelude anavalvmion WithCarrincapability, together with 
operationally capable single seat and twin seat variants. The 
structural problems posed encompassed both the static and 
fatigdf"easpects,ofm leadigtotheneedfor extensive 
rmalysisandconfirmatorytestpro~.lheHawkFull 
Scale Fatigue Test @SIT) has to date p v e d  suuxssfi~l in 

entifying areas requiring modilkation and/or routine G 'on, and it is noteworthy that no Hawk aircraft has 
been lost due to s " d  failure. Validation of the FSFT 
loading spectrum was obtained from the Hawk TMk.1 
Operational Loads Measurement programme which 
comprised more than 400 flights covering the range of 
aircraft utilisation. This paper discusses the treatment of the 
fatigue l ie  clearance of the Hawk TMk.1, by calculation, 
test, modification, inspection, and monitoring. The fatigue 
clearance ofthe naval T-45 Goshawk, designed to Mil Spec 
regulations and presenting diffewt SvUcNral challenges, is 
also discussed. 

the FSFT 01 in-service a ~ .  handled by several approaches 

2. HAWK T-Mk.l DESIGN REQUIREMENTS 

Specification 281 D&P was issued by the Controller fa 
Aircraft in March 1972, and was strongly based on the 
requirements of (1). It called for anew tandem seated jet to 
cover the course of training between basic and OCU 
(operational conversion unit) stages, mompassing general 
handliig, instrument flying, navigation, formation flying 
and weapons uaining. 

Emphasis was placed upon the need for low operating cosfs 
and high reliability. and this WBS reflected by the stringent 
fatigue requirement for the primary s r " r e  of 6ooo flying 
hours, factor 5. to the spectraof F i p  1. with adesign aim 
that this beinspection free. lktkxmore, it was specifiedthat 
all aircraft equipment should wqly with the vibra!ion 
req~ements of (2). 

F i g m  1 a 
Hawk T-Mk.1 Normal Acceleration Design Spectrum 

loo 1 

I 

0 .001 .01 .1 10 100 
Counts per flying hour 

Figure 1 b 
Hawk T-Mk.1 Fin Fatigue Lwd Design Spectrum 

Pwsentcd at an AGARD Meeting on Xn Assessment of Fatigue Damage and Cmck Gmwth Prediction Techniques; 
September 1993. 
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3. HAWK T-Mk.1 DESIGN PROCEDURE 

Thes~turalanalysisofHwkfolloweddesandemployed 
methodologies whicharecurrent today, ofnote wasthe early 
use. of f i t e  element modelling in the form of the force 
method. 

Fatigue was an i m p o m  consideration in the srmctural 
design and special amtion was paid to the selection of 
materials possessing good resistance to crack initiation, 
suess corrosion and crack growth. Titanium interference-fit 
fasteners werespeciredinkey wingandfmanas.particularly 
s k i n t o s p a r c o w e c t i m , a n d t h e ~ p i e c e ~ y ~  
wingskimminimised thenumkr ofpossihle crackinitiation 
locations. Furthemore, the low wing M i p a t i o n  placed 
the wing to fuselage attachment l i i  principally in 
compression during flight, thus conferring good fatigue 
resistance. 

Fatigue analyses were based on traditional Miners S-N 
methodology.combined withelastically calculatedbolt load 
distributions where appropriate. Design spema, including 
those of Figure 1. were derived from detailed data and 
o p t i n g  experience on RAF Gnat, Hunter and Harrier 
airaaft, covering the planned RAF Hawk training schedule 
ranging from general handling and low level navigation 
exercises to advanced weapons training and air combat 
practice. Fatigue element and coupon tests were 
commissionedtoconfvmthefatiguedesi~ofLeysrmctural 
features such as the wing centre linejoint, Figure5 including 
assessment ofliesensitivitytoposible build tolerancesand 
the effect of interfay. 

Vibration analyses were performed to the Category 4 levels 
of (2). whichwererenenedinallpeninentaireraftequ 
procurement specifications. 

Fig. 2 - Wing Centre Line Joint Fatigue Test Specimen 
commisswned during the design stage 

4. TEST CONFIRMATION OF HAWK T-Mk.1 DESIGN 

Static strength testing of the aimame was performed on a 
TMk.1 aimaft structure, withthetailplaneandailerontested 
separately. Figure 3 shows the test wing and fuselage at the 
preparation stage prior to assembly. Note the fiunent of load 
padstoenableloadapplicationviahydraulicjacksand wiffle 
trees. Over 700 strain gauges were fitted to the test anicle to 
enable maximum information to he derived, including 
comparison of theory with practice and assessment of 
variation in srmctural response with load level. In general, 
the test article demonstrated more than adequate static 
strength, indicating substantial scope for future growth. 

TheTMk.1 Full ScaleFatigueTest (FSFT) indicatedthat the 
design was sufficienttomeetthedesignrequirements, whilst 
suggesting that fatigue enhancement of the wing was 
necessary to provide scope for signifcant service l i e  
extension, and for the mass growth that would ensue from 
uprating the aircraft’s capability. Figure 4 shows the 
installation of the FSFT for the naval Hawk version, the 

T45AGoshawk. in the BroughSrmcturalTestFacility.The 
Hawk TMk.l FSFT configuration is along similar lines. 

F i g 3  - Hawk T-Mk.1 Statk Strength Article prior to 
assembly and test, ar British Aerospace, Kingston 

Fig.4 -Installation of Goshawkfull scale fatigue test 
article, at British Aerospace, Broqh 

5. HAWK T-Mk.1 VIBRATION OLM PROGRAMME 

Tbiny-four accelerometers were fitted to the first production 
Hawk, XX154, see Figure 5. Recordings were taken over a 
twelveflightpgamne, andpowerspecwldensitiesdedved 
for particularflight conditionsat different structurallocations 
for a variety of aircraft configurations, see Figure 6. This. 
work led to the constmction of equipment procurement 
vibration spectrafor different zones of the aircraft, and these 
are still in use today. 

Not to Scale n 

F i g 5  - Views showing the accelerometer locations for 
the vibration trials aircrqft 
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6. HAWK TMk.1 OPERATIONAL LOAD MEASUREMENT 

TheTMk.1 OLMprogramme was one of several, including 
Topado, Jaguar and Buccaneer, to be commissioned by the 
UK Ministry of Defence in the early 1980’s. The principal 
aims were :- 

(a) to compare the Hawk TMk.1 PSPT loading with in- 
service loading at ~ifmJsrmcturallocationscations,including 
wnfi i t ion  of the efficacy of the wing fatigue meter 
formula 

(b) to identify particularly damaging flight repimeS. 

6.1 OLM Instrumentation 

The programme employed two insuumented aircraft and 
enwmpassed more than 400 flights covering the range of 
Hawk TMk.1 utilisation. A Plessey Structural Usage 
Monitoring System (SUMS) was installed in each aircraft. 
recording 14 swain gauge bridge outputs (see Figure 7) and 
16aircraAparameters(seeTable 1) ononeC90casseItetape. 
F l i i  d d o n s  are typically one hour, and the following 
measureswereinuoducedtomaximisetheamountofuseful 
reJ2orded data :- 

(a) theracordingsystemstan-upwasdelayed~tilselection 
of 95% tbroale angle setting, as opposed to engine 
switch-oqtominimisepre-flight expenditureofmoniing 
time, which was limited to 67.5 minutes at full samplmg 
rates. 

(3) a data compression facility was incorporated, with the 
SUMS equipment automatically selecting either fast M 
slow recording rates depend” on flight conditions. A 
lowsamplimgrate(datacompression) wasusedforthoge 
parts of aflight which result in srmcturally insignificant 
condit ions.Thedecis iontoswitch~mthe~1~mg 
ramofTable loccurredwhenrelevanttriggerpam”~ 
fell below preset threshold values. 

Fig.7 - Hawk OLM Strain Gouge Locatwns 
Refer lo TaM. 1 for deloils 

The strain gaup of W g m  7 were located as for the Hawk 
TMk.1 FS~top~ovidereadacrossandtofacilitate~g 
the two principal aims Ha) and 6(b) above. The low stress 
gradient nature of the gauge locations, together with the 
goodaclracyofpr0perlyinstaUed“day -gauges, 
the checks provided by two identieally gauged aircraft, a d  
consideration of cost led to the decision not to load calibrate 
the OLM aircraft This decision proved, in the main. to be 
reasonable. However, the collection and analysis of a vay 
large body of data often involves dealii with surprising or 
conflicting information, which only strain gauge load 
calibrationmaybeabletoresolve.Oneoftheconclusimof 
the programme was that load calibration should be included 
in funue OLM exercises. 



so1 
so2 
SO3 
SO4 
SO5 
SO6 
SO7 
SO8 
so9 
s10 
s11 
s12 
S13 
S14 
S15 
S16 
S17 
S18 

NAC 
IAS 
ALT 
LAC 
TPA 
AAP 
AAS 
RUD 
FLA 
P6 
THA 
VAS 

CWP 
UND 
ABP 
UNU 

Symbol 

Tailplane Port Top Skin 
Tailplane Starboard Top Skin 
Tailplane Jack Hor 
Fin Front Spar Root 
Fin Rear Spar RooT 
Port Wing Auxillary Spar, Web 
Port Wing Front Spar, Rib 1-2 
Port Wing Rear Spar, Rib 1-2 
Port Wing Front Spar, Rib 7 
Port Wing Rear Spar, Rib 8-9 
Starboard Wing Front Spar, Rib 7-8 
Starboard Wing Rear Spar, Rib 8-9 
Top Longeron Port, Frame 12-14 
Top Longeron Port, Frame 20-21 
Fin Front Spar Root - Reversed 
Fin Rear Spar Root - Reversed 
Tailplane Hinge Port 
Tailplane Hinge Starboard 

Location I Parameter Sampling Rate 

. Normal Acceleration 
Indicated Airspeed 
Pressure Altitude 
Lateral Acceleration 
Tailplane Angle 
Aileron Angle - Port 
Aileron Angle - Starboard 
Rudder Angle 
Flap Angle 
P6 
Throttle Angle 
Vertical Acceleration - Starboard Wing 

Central Warning Panel } 

Events Undercarriage Down 
Airbrake Position 1 
Undercarriage Up 1 

32 
16 
16 
16 
16 
8 
8 
8 
16 
8 
8 
8 
8 
8 

8 
2 
4 
8 
8 
8 
8 
8 
8 
8 
8 
8 

1 
1 
1 
1 

Notes:- 1. Sampling rates are quoted in samples per frame. The SUMS equipment records at 2 frames per second. 
2. The sampling rates given apply when the SUMS equipment is operating in uncompressed mode. 
3. Gauges S15, S16, S17 and S18 are strain gauge outputs derived from other strain gauges. 
4. ' - Parameter which is part of the standard ADR system. 

Table 1 -Hawk OLM Measuremenr Derails 

62 Analysis P d u r e  

Comparison of in-service fatigue loading with that of the 
PSFTwasperformedusing S-Ndamagecalculationsateach 
ofthesnaingaugelocationS.MeanS-Ncurves wereselected 
torepresentthe~turalfeaturemonitorelimostclosely by 
each strain gauge on the basis of shape, such as high or low 
load transfer. They were set to predict either actual FSFT 
arisings, or imaginary incidents upon the application of the 
next PSFT loading cycle, using rainflowed strain histories. 

On completion of each OLM flight, the C90 cassette was 
despatched to BAe Bmugh together with the appropriate 
MOD form 725 giving details of mission type, aircraft 
configuratio& take-off and landing weights together with 
fatiguemeterreadiigs.Thecassette was replayed andcopied 
to disk, and a quick look chart containing a plotted time 
history ofeachstraingaugeandaircraftparameter~du~. 
A podon of a typical quick look chan is shown in Figure 8. 
Corrupt data, including spikes and dropouts, were removed, 

0 
and each strain gauge history rainflowed prior to dedicated 
S-N analysis. The use of S-N curves fitted to FSFT 
performance, asdiscussedabove,enableddirencomparison 
of in-service and FSFT damage rates. thus providing 
confkmation of the fleet clearance conferred by the FSFT. 

nm . w MI". U sss. nm-71 ~ i n . 4 7 7 ~ ~  

Fig.8 -Segment of Hawk OLM quick look c h i  
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Fatigue monitoring of in-service Hawk TMk.1 wings is 
provided by a fatigue meter, which cumulatively records 
exceedances of discrete normal acceleration levels, and is 
locatedclose to the cenue of gravity of the aircraft. Figure 9 
indicates the variation of incmnental bending moment with 
wing span location, due to rolling during asymmetric 
manoeuvres, leading to the lowering of the allowable wing 
fatigue stress in the outboard direction when the flight 
spectnrm is not solely symmetric. 

p i a l  empennage OLMvibration trial was commissioned, 
employing much higher digital recording rates as well as 
analogue measurements to ensure that the vibration 
mechanism was properly understood. Figure 10 illustrates 
the problem of selecting digital sampling rates for strain 
gauges in vibration environments. highlighting the possibly 
serious underestimation of strain magnitudes produced by 
slow sampling rates. The results of this special programme 
formed the hasis of the Interim FSFT which brought the 
clearance of both tailplane and fuselage up to that of the fin 
and wing without incident, as predicted by calculation. 

Oioilalb filtered and sampled 
to simulate OLM 

Wing Span (metres) 

Wing Lateral Station (metres) 

Fig9 - Effect of Wing Spectrum Asymmetric Content 

Thaefore.sincethefatiguemeterrecordsonlythesy"euic 
acceleration compent ,  Nz, of any panicular manwuvre. it 
was imponant to establish that the fatigue damage rates per 
F.I. (wing fatigue accruement is measured by the fatigue 
meter in terms of Fatigue Index units). calculated for each of 
the FSFT wing strain gauge histories, were at least as great 
as those infend from the OLM strain gauge measuren~ents. . .  

The analysis concluded that the fatigue meter was in fact 
adequately monitoring the aircraft, inferring sufficient 
asymmetric manoeuvre content for the FSFT loading 
spectrum. 

Theanalysisalso showedthattheFSFTf~loadingadequately 
covered the most damaging normal service usage, again 
supporting the degree of asymmetric content within the 
FSFT loading spectrum. 

The position regarding the fuselage and tailplane was less 
clear cut. Inspection of tailplane strain gauge flight traces 
showed significant vibration activity during certain mission 
types, which was surprising in view of the length of time the 
TMk.1 hadbeen in mice  bearing inmind it hadnot been 
reponed by any airnew. Analysis highlighted three main 
vibration modes and calculation indicated that such loading, 
whilst not particularly damaging in real terms, substantially 
undermined the then achieved FSFT tailplane clearance. A 

lime Seconds 
Fig.10 - Comparison of OLM & 

A M ~ O ~ U  Derived Response to Bufet 

Ingeneral, substantial scatter wasobservedbetwmdamage 
rates calculated from notionally similar flights. This scatter 
was evident over the full range of mission types. justifying 
the large number of 400 successful flights specified at the 
outset of the programme. 

It is likely that the scatter withim specific mission types m s e  
principally from two main sources :- 

a) ~ tu ra l ly  occurring differences between similar flights. 

b) insufficiently precise mission labellimg. 

Mission identifiers, known as Sortie Pattern Codes (SIT). 
may each encompassvariations of one particular flight type, 
and, W i g  in mind the marked sensitivity of calculated 
fatigue damage to changes in load levels and utilisation 
profile. one may deduce that b) above may contribute 
significantly to the total scatter. Possibly, greater focus of 
mission descriptions would reduce such uncertainty. 

7. POST OLM ANALYSIS 

Following the successful conclusion of the Hawk TMk.1 
OLMprogramme, attentionwasfocusedonthe~~itored 
smcture. which atmas an additional life factor of 1.5 
compared withsmcturemonitoredbythefatiguemeter.(3). 
Since fatigue damage accruement varies markedly with 



utilisation, and given the large body of data covering key 
structure over the full range of TMk.1 utilisation, analyses 
werecondrr*edtoestablishwhethermonitoringofthe wing 
only was adequate. lhese analyses showed that the usual 
additional unmonitored factor of 1.5 was adequate for the 
tailplane and fuselage where stress levels were Miciently 
low.However, it wasconsidered pruhttoinbuduce passive 
monitoring of the TMk.1 fw using OLM derived damage 
coefficients for each SPC. to cater for those fm structures 
whicb might be subject to utilisation spectra markedly 
deprthg from the design specuum. Consequently, a SPC 
dependent fatigue damage formula has been issued for in- 
service Hawk TMk.1 fms. 

Current MOD policy is moving towards retention of the 1.5 
additional factor in cases where an OLM programme has 
beenwndu*edandre~lyre~&ted(4),increasingthis 
factor in the absence of such programmes. Conversely, (4) 
discussesthepossibilityofreducingthe ISfactorincasesof 
OLM derived passive monitoring. Note however that this 
alleviation has not been introduced for Hawk TMk.1 fins. 

Fulher Hawk TMk.1 OLM programmes are liiely to be 
commissioned ascircumstanmdicrate, either in response to 
markedchanges inutilisation,oras&tacollectionexercises 
in pursuit of solutions to specific fatigue problems. 

8. TREATMENT OF FSFT AND IN-SERVICE ARISINGS 

Where thetestloading has beenrepresentative, all significant 
fatigue incidents so far have arisen fmt of all on the FSFT. 
One recent arising, currently under investigation and 
involving several separate bolt failures, may be caused by 
tensile residual stresses induced by heavy asymmetric 
landings. This class of residual stress problem. induced by 
cccasional overloads outside the scope of the fatigue design 
spectrum. is difficult to identify on even the most 
comprehensive OLM programme, and is likely to remain a 
source of unexpected arisings on many types of aircraft in 
years to wme. 

8.1 Investigation Rondure 

Gemerally. following the discovery of a new problem. fleet 
structural integrity is maintained by the application of some 
or all of the following. 

a) thecrackmayberemovedand subjected tometallurgical 
examination, including assessment of the initiation 
process and sniation counting where possible. 

b) stressanalysisofthecomponenr is wnductedhdnned, 
often involving f ~ t e  element analysis and/or main 

c) strain tracking crack initiation methodology may be 
employed to acwunt for the effect of spectrum shape, 
especially useful in the case of compression induced 
tensile residual messes. 

d) coupon/elementtestsmaybebeperfomredinconfi~tion. 

e) LEFM is used to predict crack growth history. 

a). b), c), d) and e) above are used to explain the presence of 
the crack and to specify any in-service inspaion intervals. 

gaUgin& and approPriate S-N analyses performeed. 

Stress levels and/or S-N andda/dndatamay be 'tuned' in line 
with the observed crack discovq time and the results of a) 
above. In cases of doubt concerning the read  cross of FSR 
loading to in-service usage, some ground and/or flight strain 
measurements may be commissioned. 

82 Fleet Aftion 
Regular inspections will almost always be introduced. They 
may be employed twporarily to maintain fleet shucnval 
integrity until a suitable repair or modifcation is embodied, 
orincludedinroutineinspction schedulesifaphilosophyof 
repair or modifcation on wndition is adopted. 

82.1 Inspcclwn Requiremm 
Inspection specifications usually comprise the following. 
a) an inspection procedure / technique. 
b) an initial inspection time / life point. 
c) a regular inspection interval. 

b) and c) above depend critically on the efficacy of the 
method specified in a). Additional factors of safety above 
thoseusually spcifiedareincorporated where the inspectioa 
method is wnsidered to be less than n o d y  reliable, 
owing, for example, to poor awes or low sensitivity. 
Theinitialinspectionpoint, after whichregularimpdonis 
required, may be set solely by consideration of incident 
times. However, it isoften more efficienttofmtofall inspect 
on a fleetwide basis to establish the population values, 
obtaining the current lives of both affected and unaffected 
components, and employ statistical techniques to predict a 
'safe' initial inspection point based on a nominal level of 
confidence. 

Following such a fleetwide inspection, let 

x,, x,, .......... x, be the lives of cracked components 
z,, 3. .......... zn be the lives of uncracked components 

Let y = f (x, 8). x > 0, be the probability density function of 
timetoaackingXofthewmponent, whereEisthevectorof 
distribution parameters. 

(eg. E = (Y,u) in the case of a normal distribution) a 
Then B may be estimated by maximising the Likelihood 
function 

L = 8 f(x,..E) ll g ( z , d  where g ( z 3  =rf(s*B) ds 

and the maximum likelihood estimate of the 'safe' fust 
inspection point Sa is then obtained from the solution to 

n 

i=l F l  z 

I - g ( S 0 d = o  

where a is the preset level of risk (often of the order of lo3). 
Lognormal and two parameter Weibull distributions have 
beensuccessfullyemployed onHawkproblemsinsettingeningthe 
value of Sa. Note however, that whilst both distributions 
often yield very similar values of S ,  the hazard function, or 
age specific failure rate, 

h(t) = lim Rob (t <X c t +At I t g X )  
Al-0 At 
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This latter p i n t  was amply demonstrated during the design 
of the wing. Calculations, shown in Fig.l2,-indicated early 
crackinitiationintheupper wingskinatcertainasspanel 
attacbment holes, caused by substantial tensile residual 
suesses induced by high Nz manoeuvres. Simple coupon 
tests were commissioned, Fig 13, and confirmed the 
calculations which indicated that a 30% reduction in notch 
stress level was required in order to meet the specifcation. 
The option of installing titanium interference fit fasteners 
was not available owing to the need for routine in-service 
panel removal, and hole cold-working is not efficacious in 
such compression problems. Several different designs of 
steel bush were evaluated, and cracked at 30% to 50% of the 
life requirement with the skin still uncracked, thus not 
meeting specification. Following further investigations. 
Copper-Berylium interference tit bushes were tested and 
complied with specifcation. 

of the l o g - n o d  distribution is non-monotonic, suggesting 
that the distribution may not in certain cases be suitable for 
predicting future population behaviour, restricting its use to 
the estimation of Sa. 

Probable mors in the estimates of E and Sa may be derived 
from liielihwd theory. 

9. T-45 GOSHAWK FATIGUE DESIGN 

TheT45AGoshawkisana~alversionof theHawkTMk.1, 
andhasbeendesignedby BAeandMDCtobecrackfreefor 
14400 flying hours, factor 4. 

The smtcnua.analysis procedures follow US Mil Spec 
regulations, as opposed to UK AV P and DEP STAN 
requirements, includingtheuseof theNeubercrack initiation 
method to establish adequate fatigue life. 

Fatigue allowable stresses were derived from minimum life 
spectra determined by truncation analysis, as shown in 
Fig.11. A comprehensive couponlelement fatigue test 
programme was commissioned in supprt of the initial 

andtestingofalarge wingpaneltoconfiidamage tolerance. 

T-45A Lower Wing Skin 
lo Front Spar Connection 

0 2 4 6 8 to 12 
Number ot T-45 Ufetimes 

Fig.12 - T 4 A  Wing Upper Skin 
Crack Initiation Analysis 

5 6 7 8 9  
Truncation Level 

T-45A Wing Upper Skin Crack Initiation Analysis 

T-45A Undercarriage 
Attachment Lugs 

W 
Sink Speed 

(tvsec) 
I I I I I I &  

14 16 18 20 22 24 

Fig.1 I - Typical Life v Truncation Level Analyses 

Particular attention was paid to the influence of the much 
greater landing loads encountered during carrier operations 
on specnum shape and severity. The incorporation of the 
effects of residual stresses on time to crack initiation proved 
to be particularly beneficial, especially in cases of tensile 
residual stress which can profoundly affect the initiation 
time at features considered to be experiencing mainly 
compressive applied stresses. 

Truncation Level 

Holes 'A' 8 '8' unbushed in earl tests which confirmed 
the problem. Furrher tests p~ x ormed with bushes to 

identify the fatigue solution. 

, 

Fig.13 - T45A Upper Wing Skin Coupon Specimen to 
Assess Compression Induced Faligue 
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T45A and Hawk aircraft possess many common shuctural 
charaaeristics. However, a signifhnt i"I diffexence 
lies in the method of "mag ' e a " m C o m p a r e d  
with Hawk, much greater energy absorption capability is 
required ofthe T45A lauding gear. In response to tbis 
requirement, the wing structure has undeqone some 
reconfrguraon,includingtbe~onofaonepiwlaruiing 
pickup ribnmning €"the a u x i l i i  spar to tbe rear spar, 
necessitating a split in the front spar shown in Fig. 14. The 

wan considered less amenable to acame analysis 
than usuai, due to the complex interaction of landing a d  
flight loads at several sigoiiicaut loeruions. 

Fig.14 

I 
w showing split in T-45A wing from spar 

Fig.15 - View on top suface of T 4 A  Pre-production 
Wing Fatigue Test Rig 

I I 
0 Fig.16 - General view of T-45A Pre-production 

Wing Fatigue Test Rig 

Thus, a major fatigue test was commissioned and performed 
by BAe to investigate the structural intepity of this 
configuration, Figs. 15 & 16. and was scheduled to protect 
the fvst batch of prcduction aircraft in case desigo changes 
were required. Two important incidenw arose towards the 
end of testing :- 

a) crackinginthelowerflange oftbe front sparatthesecond 
fastener hole just outboard of the landing rib, Fig 17. 

b) cracking of the lower skin edge at the main landing gear 
cut-out radius. Fig. 18. 

Incident a) wascauFedbyover-dous stepping downofthe 
spar flange thichess as it tgminated outboardofthe landing 
rib, and was cured by a small innease in thickness. 

Fig.17 - View showing lowerflange offont  spar outer 
Crack runs from 2nd fastener hole Outbwrd of Rib 7 

towards free edge 
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Leading Edge 

Auxiliary Spar >fi 

Fig.18 - View showing crack in lower skin inboard of 
Rib 7 e 

Incident b) arose even though the incremental stress/g was 
reduced to approximately 65% of the surrounding region 
value. Finite element analysis indicated that the crack had 
initiated at a point where flight induced stresses (mainly 
tensile) and landing induced stresses (mainly compressive) 
each concentrated substantially, though not each at their 
peak concentration. This unusual circumstance led to 
significant stress ranges within the fatigue spectrum. Coupon 
testing, Fig. 19, identified high strain energy density, due to 
the shallow stress gradient induced by the largenotch radius, 
astheprincipalcauseofearlierthanexpectedcrackinitiation, 
magnifying the effective fatigue stress level by approximately 
1.3. Research is currently underway at BAe into this 
mechanism, which tends to occur at holes above a certain 
diameter and at appropriately shallow notches, and initial 
results are encouraging. Extensive finite element analysis 
identified thenecessary design changes, including separation 
of the flight and landing stress concentrations, to the cut-out 
rofile within space constraints, which was proven by @ onfirmatory fatigue and static testing. Details are given in 

Fig. 20 and Fig 21, including the benefits of the local 
thickening adopted as part of the solution. 

r 355.6" 
Y 

Thickness 13" 
h 

(50" Radius 

Fig.19 - Lower Wing Skin Coupon Test Specimen 

Two Uniaxial Gauges 

1245" I 

Fig20 - T-45A Lower Skin Stress Analysis Specimen 

Spanwise Loading 

3000 

Flight loading 
(Original Thickness) 

. 
Chordwise Loading '-\,(Localiy%ckene!) A Landin Loadin I l[ \ Landin Loading 

4 
0 (OriginalSThickness) - - I Position'kound Profb&! ' '1 ' ' 

-m I 
Fig2la - Cruciform Static Specimen 

Plot of Measured Strain v Position Around Profile 

I j!, , , , , , , 
Positbn Around Profile Sb 

Fig21 b - Comparison of FEM & Measured Stress 
from Cruciform Specimen for Spanwise Loading 
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The above illustrates the value of pre-production large scale 
tests incases of greater thanusual uncertainty, where thecost 
is more than outweighed by the potential savings on post- 
design freeze modifications and design changes. 

TheT45Ahasnow enteredservicg withtheUSNavy.andthe 
Full Scale Fatigue Test is currently underway. 

10. CONCLUSIONS 

The structural design of Hawk is based strongly on thaneed 
for good fatigue life, which has been achieved by a 
combination of calculation, test, and flight measurement. 
OLM has played a key role in both the maintainance of Hawk 
TMkl fleet fatigue life clearance, and the current MOD 
standpoint on.life factors suggests that it will feature ever 
increasingly in the management of aircraft fleets. The T45A 
Goshawk pre-production fatigue test illustrated the 
considerable savings that can be achieved by identifying 
features requiring attention prior to manufacture. 
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REDUCTION OF FATIGUE LOAD EXPERIENCE AS PART 

OF THE FATIGUE MANAGEMENT PROGRAM FOR F-16 

AIRCRAFT OF THE RNLAF 

D.J. Spiekhout 

National Aerospace Laboratory NLR 

P.O. Box 90502, 1006 BM Amsterdam 

The Netherlands 

1. SUMMARY 
Load monitoring of the F-16 fleet of the RNLAF is camed 
out by NLR using an electronic device capable of analyzing 
the signal of a strain gage bridge on one of the main carry 

rough bulkheads. This is done on a sample of the fleet. By 6 g use of the information stored in a large centralized 
data base system, "individual airplane tracking" is done. 
Six times per year, the fatigue damage experience of the fleet 
is reported to the air staff, expressed in the so called "Crack 
Severity Index". 
From the measurements it is known, that the RNLAF is 
operating its F-16 fleet in a very damaging way. 
For this reason, it was decided to investigate the possibilities 
how to decrease the severity of flying. In this program much 
attention has been given to the "stress per G" relation during 
a flight. In particular the influence of flying with more 
favourite take off store configuration has been studied. 

2. INTRODUCTION 
Load monitoring of the F-16 fleet of the Royal Netherlands 
Air Force, RNLAF, is camed out by means of an electronic 
device which analyses the signal of a strain gage bridge on 
one of the major carry through bulkheads of the fuselage. 
Beside this strain gage bridge, also altitude, airspeed and 
loadfactor are being recorded. A debriefing form has to be 

a dividual Airplane.Tracking" is possible by making use of 
information, like mission code and take off store 
configuration, which is stored in a large centralized data base 
system. The latter information is available for all flown F-16 
flights by the RNLAF. 
The loads department of the National Aerospace Laboratory 
in the Netherlands, NLR, is responsible for this load 
monitoring program and the processing and analysis of 
recorded data. 
Six times per year the damage experience per aircraft, 
squadron andlor air base is reported to the air force. ,By using 
this information the RNLAF can closely monitor the fatigue 
experience of the fleet and take appropriate actions. 
The results over the last years did show, that a number of 
squadrons within the RNLAF are operating far more 
damaging with the aircraft than has been assumed for the 
maintenance schedule given in the Fleet Structural 
Maintenance Plan, FSMP. 
For this reason, a working group was established in order to 
reverse the trend of the more damaging flying from year to 
year. 

ed in for each recorded flight. 

As part of the activities of this working group, NLR 
developed a software program to recalculate the damage of a 
recorded flight for a different take off store configuration 
than the original one, but assuming the same loadfactor 
history. Further, the influence of flight limitations on 
loadfactor, airspeed andlor altitude can be studied. As a 
result, advices have been given to the RNLAF for lowering 
the fatigue experience of the fleet. 
In the next chapter of this paper the load monitoring, as it is 
camed out today by the RNLAF, will be described. 
Individual airplane tracking and fatigue management will be 
presented in the next two chapters. In chapter 6 a description 
will be given of the method used for calculating the fatigue 
damage of a flight, in terms of crack growth. This is the so 
called "Crack Severity Index" concept. 
In chapter 7 the different steps; which have been taken to 
investigate the possibilities for reducing the damage of a 
flight, will be discussed. The paper ends with some 
concluding remarks. 

3. LOAD MONITORING TODAY IN THE RNLAF 
For many years, the NLR has been engaged in the load 
monitoring of the Lockheed F-16 aircraft of the RNLAF. 
From 1990 on, the originally available equipment such as 
Mechanical Strain Recorder and Flight Loads Recorder, has 
been replaced by instrumentation specified by NLR. Data 
collection and data analysis is camed out by NLR. An 
overview of the load monitoring program is given in 
reference 1. 
In 1992. the one channel version of the load monitoring 
recorder has been replaced by a more modem four channel 
version of the system, which has been manufactured in 
Switzerland by Spectralab, see figure 1. 
The new system has the advantages of more memory 
capacity, a higher resolution and a real clock. The additional 
channels in the new system are used for recording loadfactor, 
altitude and airspeed. The signals for altitude and airspeed 
are taken from the data bus in the aircraft. Sofar, the signal 
for the loadfactor has been provided by an additional 
acceleration sensor on top of the instrumentation package. 
These additional three signals are needed for a recalculation 
of the fatigue damage of a flight which will be discussed later 
on. 
The Spectrapot Data Collector performs a data compression 
during !light by searching for peaks and troughs in the signal 
of the strain gage bridge. This bridge is located on one of the 
major load carrying bulkheads in the airframe and therefore a 

Presented at an AGARD Meeting on A n  Assessment of Fatigue Damage and Crack Growth Prediction Techniques: 
September 1993. 



19-2 

good measure of the fatigue loading of the wing and the 
centre section of the fuselage. 
At the moment of occurrence of a peak or a trough, also the 
values in the signal of the loadfactor, airspeed and altitude 
are recorded. This is a result of the so called masterlslave 
recording method. In figure 2 the data flow in the RNLAF F- 
16 load monitoring program is given. 
In the last years also the number of aircraft with "provisions 
for" has been increased from 5 to 7 per squadron. 
Discussions are being held, to further increase the number of 
aircraft with "provisions for" and the number of 
instrumentation packages per squadron. 

4. INDIVIDUAL AIRPLANE TRACKING 
As mentioned before, the load monitoring program itself is 
only camed out on a sample of the fleet. For the RNLAF it 
was found that there is no need for a fleet wide installation, 
because in general the aircraft are used randomly in a 
squadron by all pilots and for all mission types. 
In this set up it is essential that long term "non standard" 
operation of an aircraft is monitored separately. Over the last 
years there is an increase of this kind of operation, mostly 
outside the Netherlands. Examples are the low altitude 
operation in Goose Bay, Canada, the pilot training in Tucson, 
USA and the "Deny flight" operation from Villa Franca, 
Italy. Also "special flying" in exercises like "Red Flag" and 
during "Air Display" flights has been recorded. In the load 
monitoring program, these "non standard" squadron flights 
are being handled as special mission types for the RNLAF. 

"Individual Airplane Tracking" can be done by a combination 
of recording in a sample of the fleet and by a usage 
monitoring "on paper" for the total fleet, see reference 2. 
From the measurements and debriefing forms in the load 
monitoring program the fatigue damage uer mission tyue uer 
sauadron and uer time ueriod becomes available. The fatigue 
damage is expressed in the so called "Crack Severity Index", 
which is explained in more detail in reference 3. 
The individual mission mixture per tail number in a squadron 
is known from a centralized maintenance data base system, 
CAMS. In this data base system information like mission 
code, squadron, flight duration and take off store 
configuration is stored for each F-16 flight made by the 
RNLAF. Each month the data are sent to NLR by means of a 
modem connection with the air force. 
For individual airplane tracking, the severity of flying per 
mission type per squadron has to be combined with the 
mission mixture of an individual aircraft. In this way the 
fatigue damage or CSI value per tail number is calculated for 
a given time period. 

5. FATIGUE MANAGEMENT 
For the air staff of the RNLAF, management of the load 
monitoring program itself is camed out by NLR. In the 
sample program it is essential that a sufficient number off 
flights for each mission type are recorded for each half year 
and for each squadron. It is the task of the squadrons to fill 
in the associated debriefing forms and also to change the 
Spectrapot equipment into another aircraft with "provisions 
for" in case of long term maintenance of an aircraft. There is 
a continuous effort from the air staff and NLR personal to 
increase the number of recorded flights. 

The results of the fatigue damage calculation per tail number 
are presented six times per year to the air staff of the 

RNLAF. Of course, it is possible to provide the information 
more often. However, for management purposes a two 
monthly interval seems to be sufficient. 
The results are given in "standard" tables, which together 
give an overview of the fatigue damage experience of the 
fleet. 
In the first place, a comparison is being made between the 
flown mission mixture of a squadron in the last two month 
and the last three years, with the assumptions made for the 
FSMP. From figure 3 it is clear that in actual operation large 
differences occur. 
With respect to the take off store configuration, per squadron 
a comparison is being made between the actually flown take 
off store configurations and the "most preferable take off 
store configurations" as defined by the RNLAF. 
In figure. 4 the variation of the CSI value over de total life of 
each aircraft is given. For each aircraft the history is known 
in terms of flight hours flown in each squadron. Since 1985 
also the individual mission mixture flown in each squadron is 
available. In this way a cumulative damage or CSI value over 
the whole life of the aircraft is calculated. 
From figure 4 it is clear that there is a need for mission 
mixture management per aircraft within a squadron. 

per air base. An example is given in figure 5 .  
course, the information can be presented per squadron 

The air staff uses all this information to supply the air bases 
and squadrons with their own fatigue damage results. Sudden 
changes in the experienced fatigue damage are raising 
questions and do initiate additional investigations into the 
cause of the increase of the fatigue damage experience. 

6. CRACK SEVERITY INDEX CONCEPT (CSI) 
An important "tool" in the calculation of the fatigue damage 
of a flight is the so called "Crack Seventy Index" concept, 
which has been developed by NLR some years ago. In 
reference 3 more detailed information is given about the CSI 
development and the specimen tests which have been camed 
out for validation of the concept. 
The CSI value is used for quantification of the fatigue 
damage of recorded stress spectra in terms of crack growth 
potential. The concept is based on modem concepts with 
regard to crack growth prediction, including crack closu 
and associated crack growth rehrdation. An i m p o d  
quantity is the minimum crack opening stress. This opening 
stress is a function of the maximum and the minimum stress 
in the spectrum under consideration. It is important to realize 
that the calculated CSI value is a relative damage fiaure for a 
svecific location and loading svectrum. 

In the F-16 load monitoring program of the RNLAF, the CSI 
concept has been applied to the location of the strain gage 
bridge used in the program. As a reference, a batch of 488 
RNLAF F-16 flights recorded in 198.5, have been taken. 
As mentioned before, the minimum crack opening stress is of 
major importance for taking into account the interaction 
effect caused by the large load cycles. It is based on the load 
cycle which occurs once in thirty flights. 
In the reports to the air staff a distinction has been made 
between the so called normalized CSI or nCSI and spectrum 
CSI or sCSI. The nCSI is based on the minimum crack 
opening stress of the reference batch of flights flown in 1985. 
In the case of the sCSI, the crack opening stress is calculated 
for all the flights flown in the last half year by a squadron. 
The resulting crack opening stress is used for calculating the 
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severity per flight and per mission type. In this way load 
interaction effects between mission types are taken into 
account. In figure 6 an example is given of the importance of 
such an approach. For example, a 50/50 percent mixture of 
severe ACT and RANGE flights has a combined fatigue 
damage per hour of about half that of the ACT mission type 
alone. This effect is caused by the high crack opening level 
resulting from the ACT mission type. As a result, the large 
number of load cycles in the RANGE mission type hardly 
contribute to the crack growth. See also figure 7. 

7. DECREASE OF FATIGUE DAMAGE 

As mentioned before, a number of squadrons are operating 
more severely with its F-16 aircraft than has been assumed 
for the Fleet Structural Maintenance Plan. It may be added 
that in comparison with other air forces the RNLAF also is 
flying more severe. In terms of maintenance this means that 
more fatigue cracks are found during inspections and that 
there is more additional downtime of the aircraft. 
In order to reduce the fatigue experience of the RNLAF F-16 
fleet, a working group has been established. First priority has 

reduction of the fatigue damage to the one assumed for 9 e FSMP. This means that the trend of an increasing load 
experience over the last years has to be reversed. 
FOF the RNLAF it is important that the operational training 
value for the pilots will not be reduced. This means that 
reducing the loadfactor load experience is not the first choice. 

CONSUMPTION 

In the last year, most work has been done on reducing the 
"stress per G relation", mostly by making use of more 
favourable take off store configurations. This work will be 
described in chapter 7.2. First, however, the effect of 

discussed. 
I reducing the maximum allowable loadfactor will be 
I 

7.1 Limitation of maximum loadfactor 
One of the "standard" answers to the question of how to 
reduce the fatigue damage experience, is a limitation of the 
maximum allowable loadfactor during operation of the 
aircraft. From chapter 6 it may already be clear that one has 
to be very careful if the large'load cycles within a load 

trum are being changed. This, because of the large 
uence of those cycles on the crack opening stress level. 

Instead of increasing the crack growth life of the structure, 
the result may be  a shorter crack growth life. Specimen tests 
have been camed out by NLR making use of recorded load 
sequences during normal operational flights. In figure 8 the 
results are shown. By reducing the maximum allowable 
loadfactor from 9 G to about 8 G, it was found that the 
"truncated" load sequence was about 25 percent more severe. 

6 

In figure 9 the results are shown of an analysis of the 
influence of the maximum allowable loadfactor on the crack 
growth life of the reference batch of 488 flights. By reducing 
the maximum allowable loadfactor, the fatigue damage of the 
load sequence increases to a maximum at a maximum 
allowable loadfactor of about 5.5 G. For a lower maximum 
loadfactor the damage decreases, but it is only at about 4 G 
that the original damage is reached again! It is clear that this 
is not the right way to go. 

7.2 Reducing the "stress per G" relation 
Most attention has been given to the reduction of the crack 
growth damage by manipulating the take off store 

configuration. The stress per G ratio is very variable as a 
result of changing aircraft mass by burning fuel and mass 
distribution, which means store and fuel location. 
Of course, there are more parameters influencing the stress 
per G relation. For example Mach number and roll speed. In 
figure 10 the variation of stress per G is shown in a batch of 
about 250 recorded flights. For the same loadfactor, a large 
variation of stress can be seen. It has to be mentioned here, 
that the stress is taken at the location of the strain gage 
bridge used in the load monitoring program. 
Figure 11 gives an example of the stress per G variation 
during a flight with an extemal centreline fuel tank. During 
flight, the fuel in this tank is the first to be used. Next, the 
fuel in the intemal wing tanks are burned and the remaining 
part of the flight is flown on fuel from the intemal fuselage 
tanks. 
During the first part of the flight the stress per G relation is 
not changing so much, there after the ratio is decreasing 
slowly as a result of burning fuel from the internal fuselage 
fuel tanks. The more or less constant stress per G in the first 
part of the flight is caused by a little decrease of the stress 
per G from the external centreline tank followed by the 
counteracting effect of burning fuel from the internal wing 
fuel tanks. 

Most attention in the project sofar has been given to the 
reduction of the stress per G relation by changing the take off 
store configuration. For this reason, NLR developed a 
computer program for calculating loads in a few sections of 
the wing. The formulae used have been received from 
Lockheed, the former General Dynamics. 
The formula for calculating the stress at the location of the 
strain gage bridge used in the load monitoring program, has 
the following form: 

Stress (at location of strain gage bridge) = 
C 1 *  shear force (in wing root) 

+ C2 * bending moment ,, ,, 
+ C3 * torsion moment ,, ,) 

Each of these sectional loads is a function of loadfactor, 
mass, Mach number, angle of attack , roll and yaw 
velocitylacceleration, etc. This computer program has been 
used as a "tool" for comparing different take off store 
con figurations. 
In figure 12 an example is given. For a large number of 
"points in the sky", which are combinations of airspeed, 
altitude and fuel quantity, the stress is calculated for two 
different take off store configurations. Clearly visible for all 
"points in the sky" is the favourable effect from the additional 
extemal stores. From this investigation "most favourable take 
off store configurations" have been selected for the most 
important mission types. 

Although the "point in the sky" calculation did promise some 
improvement, it still was a question how much of this would 
happen under actual operational conditions. In order to 
investigate this, the computer program for calculating the 
"points in the sky" was extended in order to recalculate 
actually recorded load sequences. 
From the load monitoring program the sequence of peaks and 
troughs in the strain gage signal of a fight is available. At 
each peak and trough also airspeed, altitude, mass and mass 
distribution are known. 
A few assumptions have to be made. In the first place the 
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amount of stress resulting from asymmetric manoeuvring is 
kept the same. Also the flight duration is taken as a constant. 
In principle it is also possible with the computer program to 
recalculate a flight with limitations on airspeed, altitude 
andlor loadfactor. 
For the resulting new load sequences, the fatigue damage is 
calculated using the CSI method. In figure 13 results are 
given of a recalculation for a batch of ACT flights. In this 
example only extemal stores are replaced. The extemal tank 
configurations are kept the same. The favourable effects are 
clearly visible. Based on these results, "most preferable take 
off store configurations" have been selected. 
As a begin, the RNLAF has decided to fly as much as 
possible with four missiles or dummy missiles at the outboard 
wing stations. 
More investigations are planned for the near future. The 
effect of Mach number and the time at which manoeuvring 
takes place will be studied in more detail. 
In the end, the favourable effects of changes in the take off 
store configuration usage should be seen in the results of the 
load monitoring program. 
From the recorded flights, which are stored in the data base, 
it can already be seen that use of a more favourable take off 
store configuration gives indeed a lower nCS1 value. An 
example is given in figure 14. 

8. CONCLUDING REMARKS 
- An overview has been presented of the load monitoring of 

the F-16 fleet of the RNLAF. By making use of a 
combination of a sample measuring program and the 
information stored in a centralised data base, fatigue 
experience per individual tailnumber becomes available. 

- A description has been given of the "tools" which are 
present for detailed calculation of the fatigue damage of a 
flight and the recalculation of a flight for another take off 
store configuration. 

- More research is needed to investigate the possibilities of a 
further reduction of the fatigue seventy of operational 
usage. For example effects of Mach number and time of 
manoeuvring in a flight. 
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AN OVERVIEW OF THE F-16 SERVICE LIFE APPROACH 

J.W. Morrow and G.T.Herrick 

Lockheed Fort Worth Company 
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United States 

This Paper wos not avoihble at the time of printing, but included is the authors’ material used (If the presenlofion during the 
AGARD Workshop held in Bordeaux. 

e 

Introduction to F-16 Airframe 
The F-16 Airframe Has Been Designed According to the Latest USAF Philosophy which 
was Adopted in the 1970s 

It has a Modular Structural Arrangement and Maximum Use Has Been Made of 
Aluminum 

It is the First Aircraft Designed for Fracture Requirements in Mind, from its Inception 

It is the First Aircraft Designed to Withstand 9.Og Loads and it is Certified to 8,000 
Service Hours 

It Has Completed Flight-By-Flight Durability and Damage Tolerance Test Programs with 
No Catastrophic Failures 

Fracture Control Program Has Been Implemented for Designated Critical Parts 

Force Management Program in Place to Monitor Crack Growth and Enable the USAF to 
Maintain Operational Readiness 

Capability Additions Have Grown Basic Flight Design Gross Weight from 22,500 Pounds 
(1975) to 28,750 Pounds (1992) 

Maneuverability and Pilot Comfort Features Have Contributed to Significant Increase in 
Maneuver Activity Levels by All Users 

Vu-Graph 1 

Presented ai an AGARD Meeting on !4n Assessment of Fatigue Domoge and Crack Growth Prediction Techniques; 
September 1993. 
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F- 16 Requirements for Airframe Structural 
Durability and Safety 

MIL-A-1530A - Aircraft Structural Integrity Program (ASIP) 
- Defines Overall Requirements to Achieve Structural Integrity 

MIL-A-8866B - Airplane Durability Requirements - Identifies Durability Design Requirements Applicable 
to Airplane Structure 

MIL-A-63444 - Airplane Damage Tolerance Requlrements - Identifies Damage Tolerance Design Requirements Applicable 
to Airplane Safety of Flight Structure 

MIL-A-8867B - Airplane Strength and Rigidity Ground Tests - Identifies Ground Tests Required for Substantiation 
of Aircraft Structural Integrity 

As lnterpreted by F-16 Structural Design Criteria Documents 

Vu-Graph 2 

F- 16 Design Approach 

"Safe Life" Approach Abandoned by USAF 
-Does Not Account for Initial Flaw 
- Poor Correlation Between Test and Service 

Safety and Durability Requirements Decoupled 

Safety - Damage Tolerant Design 
- Fall-Safe 
- Slow Crack Growth - Fracture Mechanics 

Durability - Designed Such That: 
- Economic Life > Required Design Life 
-Time to Functional Impairment > Required Design Life 

- Use of Tougher Materials 
- Lower Operating Stresses 
- Improved NDI Procedures 
-More Realistic Testing 

Resulted In: 

Vu-Graph 3 
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Critical Parts List 
& Critical Part Material Review 

Board Activity 

Test Policy Comparisons 

Pre 1969/70 F-16 Policy 

I 

Nondestructive Fracture Mechanics 
Inspection Analysis 

i 

Block I Test Spectrum I Flight by Flight (F x F) 

Production Aircraft 

No Pollcy 

Early RDT&E Aircraft Selection of I Test Article 1 
- FSD Requirements Are: 
-One Lifetime Prior to Prod. 

Go-Ahead, Two Lifetimes (Or 
Economic Life) Prior to First 
Production Delivery 

- Two Lifetimes (Or Economic Life) Durability 
Two Lifetimes (With Preflaws) Damage 
Tolerance Plus Residual Strength Loading 

4 Lifetimes 

No Policy 
Teardown Inspection I Inspection Post Test I Fractography 

Final Analysis Using Test Results 
Economic Life > Design Life - Meets Damage Tolerance Reqmts 

4 Lifetimes Without 
Fatigue Failure 

Vu-Graph 6 

Fatigue and Fracture Control Plan 

Requirements 

I Manufacturing 
& Quality Control 

Vu-Graph 7 
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I F- 16 Fleet Management Recording Systems 

Crash Survivable Flight Data Recorder (CSFDR) 
- Signal Acquisition Unit (SAU) on Every Airplane 
- Crash Survivable Memory Unit (CSMU) on Every Airplane 
- Performs Onboard Data Compression and Data Storage 

I 
Type 1 - Data for Mishap Investigation Analysis 0 
- Last 15 Minutes or More of Flight Data 
- Up to 5 Special Events 
- Baseline Data at Liftoff 
- Data Extracted as Required 

I 

Type 2 - Data for Individual Airplane Structural Tracking 
I - A Nz W Exceedances and Other Usage Information 

- Data Extracted at 75 and 150 Hour Phased Inspections 

Type 3 - Data for Structural Loads and Service Life Analysis 
- Retains Data for Last 7 to 10 Flights 
- Data Extracted at 75 and 150 Hour Phased Inspections 

Type 4 - Data for Engine Usage Analysis 
- Retains Data for Last 7 to 10 Flights 
- Data Extracted at 75 and 150 Hour Phased Inspections * 

, 
I Standard Flight Data Recorder (SFDR) 

- Baselined Off of CSFDR 
- Replaces 28002 Microprocessor with MIL-STD-1750 

I Vu-Graph 9 
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Lessons Learned Summary 

1. Assume Realistic Effectiveness for Removable Panels and Covers 

2. Insufficient Edge Distance a Recurring Design Detail Problem with 
Today's Compact Fighter Designs 

3. Do Not Ignore Effects of Residual Stress for Structure Loaded 
Primarily in Compression 

4. Keep Load Paths Straight. Eliminate Section Changes. Both 
Frequently Ignored 

5. Design Connectors for Systems Routing to Provide Adequate Edge 
Distance for Satellite Holes (2 to 3D). Position Satellite Holes Out 
of Maximum Tension Stress Field. Locate Routing Holes in Low 
Stress Areas. Use Single Large Routing Hole Instead of Multiple Holes 

6. Hard to Inspect/Difficult to Replace Structure Should Be Designed 
with an "Upper Bound" Usage Spectrum 

7. Program Memorandums Must Be Used to Establish Design Criteria/ 
Guidelines for Service Life Just as They Are for Static Strength 

8. Fine Grid FEM Stress Analysis Is Required to Accurately Predict 
Stress Equations for Service Life Analysis in Areas of Complex 
Load Sharing and Areas Having Stress Gradients 

e 9. Use of Extruded Shapes and Forged Shapes in Primary Structure 
Should Be Fully Investigated with Respect to Fracture Properties 

10. Material Properties Testing and Development Testing Must Be 
Accomplished Early in the Design Process 

11. Use of Generalized Allowable Stresses Okay for Design with Light 
to Moderate Usage. Overrated for Tough Requirements. Detail 
Allowable Curves or Detail Analysis Required 

12. Full Scale Testing Must Be Scheduled to at Least Be Concurrent with 
Final Design Release 

13. Still Difficult to Out Guess Weight and Usage Changes as 
Systems Mature 

Vu-Graph 10 
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Still A Challenge - Combined Impact of Weight 
and Maneuver Activity 

Peak Load Exceedance Comparison 
Fuselage Station 373.8 Bending Moment 

0 

E 
3 
0 
I 
0 
0 
0 
F 
L 

8 
v) 
a, 
0 
C 
(U 
U 
0 
a, 
0 
X w 

0 

F-16 NB 16Blk Design Loads Spectrum 
F-16 AA3 Baseline Operational Loads Spec 07/09/86 

0 - - - X 
~ - * _  - - - - . o  F-16 CID WIFllO BI Oper Lds 03/11/86 1 F-16 CID Block 40 55% A-A WIF110-GE-100 11/01/88 - - - A 

T 
-. . 

-6.5 -6.0 -5.5 -5.0 -4.5 -4.0 -3.5 -3.( 

55.5% A-A, 20.0% AJG, 24.5% Gen 
Original Design 
.5.27 Limit 

23470 BFDGW (Wilh Tip AIM-9L's) 
32.0% AJA, 45.8% NG, 22.2% Gen 
Based on FLR Dala 
-5 48 Limit 

X Block 10: 

3 Block 30: 
26910 BFDGW (Wilh Tip AIM-9L's) 
27.6% NA. 57.7% AIG. 14.7% Gen 
Based on FLR Data 
-6.31 Limit 

28500 BFDGW (With Tip AMRAAM's) 
54.5% AJA, 31.5% AJG. 14.0% Gen 
Based on FLR Data 
-7.00 Limit 

A Block 40: 

0.0 0.5 1.0 

Load Threshold Level (In-Lbs X 10E-6) 

Vu-Graph 11 
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